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ABSTRACT

This paper concerns the evaluation of a guidance and control system for lunar landing. The lander,
which is supposed to have the same configuration of SELENE-B (SELenological and ENgineering Ex-
plorer-B), is required to land precisely at a site where there are scientifically important features, with
minimal fuel consumption while avoiding surface obstacles such as rocks and small craters which
might jeopardize the landing. The guidance and control system are designed for this aim, and the
feasibility of the landing is tested by Monte Carlo simulation. The results, however, indicated that the
original configuration and landing sequence are not appropriate for precise and safe landing. There-
fore, based on the results, the configuration and landing sequence are modified and tested by Monte

Carlo simulation again.

Keywords : Guidance and Control, Lunar Lander, SELENE-B, Monte Carlo Simulation
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1. Introduction

The moon is recognized as an important destination
for space science and exploration [1]. The National Aero-
nautics and Space Administration (NASA) has presented
a new policy [2] for space exploration that includes hu-
man expedition to the lunar surface. The European Space
Agency (ESA) and other agencies have also planned to
send spacecraft to the moon and some of these projects

are now in progress [3].

The Japan Aerospace Exploration Agency JAXA) re-
leased its long-term vision called “JAXA Vision” [4]in
March 2005, in which the development and demonstra-
Hon of technologies for lunar exploration will be achieved
within about 10 years. JAXA will launch Japan’s first large
lunar orbiter, SELENE (SELenological and ENgineering
Explorer), in 2007 [5], and a lunar landing mission which
aims to send an unmanned lander to the lunar surface is
being studied as a follow-on mission [6]. The lander is

required to land precisely at a site that has scientifically
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interesting features. This may be, however, impossible
if there are obstacles such as large rocks and small cra-
ters that prevent a safe landing there. Therefore, the
lander is required to find an obstacle-free area as close
as possible to the original target site and to land there
safely. A major technical research subject of the mission
is thus the development of technology to achieve this.

This paper is concerned with a guidance and control
system for precise and safe landing. The amount of fuel
that can be carried is strictly limited due to mission pay-
load constraints. Thus, a guidance strategy that mini-
mizes fuel consumption is essential. The guidance and
control system is designed for this aim, and the feasibil-
ity of the landing is tested by Monte Carlo simulation,
which is often used to evaluate the robustness of flight
systems against various uncertainties. Monte Carlo simu-
lation is able to evaluate nonlinear systems directly, and
its results reflect the influences of various combinations
of uncertain parameters. Firstly we show the results of
the simulation using the “SELENE-B” configuration
and the landing sequence studied in 2002. The results
make it clear that the original configuration and the land-
ing sequence are not appropriate for precise and safe land-
ing. And then the simulation results usin g the modified
configuration are shown.

This paper is organized as follows. The original con-

CEONTAT TRRTTN

figuration and ianding sequence of “SELENE-B” are

P-4 L"._ PR a PR
described in Section 2

dance and con-
trol system is presented in Section 3. Section 4 shows
the Monte Carlo simulation results using the original con-
figuration. Based on the results, we modify the configu-
ration and landing sequence with which we show the

simulation results in Section 5.

Figure 1: Conceptual design of the lunar lander and its
body-fixed coordinates (From “proposal of the
SELENE-B mission” [6]).

Notation
é,0,%: attitude angles
P, @, R: angular velocities

Ty, T, Ty
T:
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ur:
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Toffain:
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The lunarlander considere
It is equipped with twelve reaction ¢
thrusters for attitude controland a 1,

T atditicAn nf
A UT dirliuuc vl

RCS torques

main engine thrust

mass of the lander

estimated mass

thrust duty cycle

minimum on-time of the main engine
minimum off-time of the main engine
specific impulse of the main engine
gravitational acceleration
gravitational acceleration on the moon
(assumed to be a constant)

a state variable defined in the

Iunar local coordinates

a state variable defined in the
body-fixed coordinates

a state variable defined in the
reference trajectory coordinates

a command output from the guidance
system

a state variable of the reference

trajectory

=Ty

hereis shown in Figure 1.
ontrol system (RCS)

r-l 2%

{ main thruster.

trolled by two pairs of RCS thruster (one pair for the plus
direction and the other for the minus direction) in order
to generate a “pure” torque without a linear force. Since
it has no direct translation control force in the horizontal

plane, the lander must tilt to use the resulting sideways

Table 1: Major lander characteristics.
Initial mass 600[kg]
Initial descending velocity -40[m/sec]
(after de-orbit)

Roll inertia moment 2282 kgm?]
Pitch inertia moment 170.1[kgm?]
Yaw inertia moment 168.9[kgm?]
Main thrust 1,700[N]
Main thrust ISP 316[sec]
Maximum RCS thrust 40[N]
(per one thruster)

Length of RCS moment arm 1{m]
RCS ISP 280[sec]
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component of engine thrust to control horizontal veloc-
ity. The major characteristics of the lander are shown in
Table 1.

2.2 Landing Sequence

The landing sequence after de-orbit is divided into the
following two phases: a powered descent phase during
which the lander cancels its large horizontal velocity, and
a vertical descent phase (below 3,500m altitude) during
which the lander must detect and avoid obstacles on the
lunar surface. This paper deals with only the vertical
descent phase. The landing sequence of the vertical de-
scent phase is divided into the following five subphases
considering the performance of the imaging sensor used

for obstacle detection.

o Initial error accommodation (3,500m-500m altitude):
Navigation error accumulated during de-orbitis ac-
commodated in this subphase. The maximum nec-
essary shift in horizontal position is estimated to be
500m.

Rough obstacle avoidance (500 m-100m): Larger
obstacles can be detected at an altitude of 500m.

@

During this subphase, the lander moves to a safe
landing location to avoid large cbstacles. A maxi-
mum horizontal shift of 250m is assumed.

" & Precise obstacle avoidance (100m-10m): During this
subphase, the lander avoids smaller obstacles de-
tected from an altitude of 100m. A maximum hori-
zontal shift of 75m is assumed. Considering the final
freefall subphase, the descent velocity at the end of
this subphase is set at around 1.5m/sec.

e Constant speed descent (10m-2m): This subphase is
introduced in consideration of altitude navigation
error. The lander descends vertically at a constan
speed of around 1.5m/sec in order to avoid crash-
ing into the lunar surface.

e Freefall (2m-0m): To avoid stirring up lunar surface
material (regolith) by using the main thruster near
the surface, the main thruster is stopped at an alti-
tude of 2m and the lander then freefalls to the sur-
face. Tf the descent speed at main thruster cutoff is
around 1.5m/sec, the lander will touch down within
about 2 seconds at a vertical speed of about 3 m/s,
which is within the limits of the vehicle’s undercar-

riage.

2.3 MNavigation System

The navigation system in this paper comprises an iner-
tial measurement unit (IMU), a radio altimeter/veloci-
meter (RA/RV), and a Kalman navigation filter. The RA/
RV can operate down to 30m altitude. The outputs of the
IMU and RA/RV are integrated, and position, velocity,
and attitude errors are estimated by the Kalman filter.
These estimated state variables are used by the guidance
and control system. Details of the navigation system have
been published in previous papers [6][7].

2.4 Obstacle Detection System

Obstacles on the lunar surface are detected using a
stereo imaging sensor. At the start of the rough obstacle
avoidance and precise obstacle avoidance subphases, the
obstacle detection system senses large rocks and small
craters below the lander which may endanger landing,
and identifies an obstacle-free area wide enough for land-
ing in the neighborhood of the original target site. The
objective point of each subphase, to which the guidance
and control system guides the lander, is set to exactly
above the center of the obstacle-free area. The system is
activated only when the main thruster is not firing in or-
der to avoid flaer’s influence over the stereo imaging sen-

SOr.

2.5 Coordinaie Systems
A number of coordinate systems are u
Conversion between these coordinate systems is accom-

plished by transformation matrices.

2.5.1 Lunar Local Coordinates
Assuming the curvature of the lunar surface around the
target site to be negligible, a lunar local coordinate sys-

tem is defined as follows:

e o avertical unit vector pointing downward the lunar
surface.

s y: a unit vector pointing east.

e 2 aunit vector pointing north.

Its origin is the projection of the initial position of the
iander at the start of the current subphase to the lunar
surface. A vector in lunar local coordinates is denoted

with a superscript L
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2.5.2 Body-Fixed Coordinates

A body-fixed coordinate system is defined as shown in
Figure 1. Its originis at lander’s center of mass. Avector
in body-fixed coordinates ris transformed to a vector in
lunar local coordinates 7 by the following transformation
mairix C§;

r' =Gy 0.9)r', o)
e ~cOsy) s
Cl=! spslcp+copsp  —spsbsip+cpa) —spcd],
—opsicp+spsp  cpsbsip+spap  cpcd
(&% :=sin*, Cx:=cos*),

where ¢, 8 and ¥ denote the roll, pitch and yaw angles of

the lander respectively.

2.5.3 Target Attitude Coordinates

The target attitude coordinate system is the body-fixed
coordinate system at the target attitude. Itis defined us-
ing the target attitude angles which are calculated by the
guidance system and denoted as ¢, f.and V.. Avectorin
this coordinate is expressed with a superscript a. The
transformation matrix C' (¢s, 0, %) is defined in the

same way as Cb.

The guidance system reference trajectory is deter-
mined in a plane normal to the lunar surface and includes

[

the initial point and objeciive poinis of the lander in the
current subphase. This coordinate system is defined in

order to generate the reference trajectory. Its origin is
the projection of the initial point of the current subphase
to the lunar surface. The zaxisis the same direction of %,
the y axis points towards the projection of the objective
point to the lunar surface, and the z axis is defined to
make a right-handed coordinate system. State variables
in the reference trajectory coordinate system are shown
with a superscript g. This coordinate system is frans-
formed to the lunar local coordinate system using the
transformation matrix Cé, which is calculated using the
initial position (¥}, 4) and final position (¥}, #) of the lander

in the lunar coordinate system:

i 0 0
Clg(qg): 0 cos¢ —sing |, ©
LO sing  cos)
(2=
where ¢ =tan™'| —— |.
¢ Y-yl ®

3. Guidance and Control System

3.1 Overview
The guidance and control system of the lander consists

of six modules:

e subphase management

e reference trajectory generation

e guidance to the reference trajectory
e main thrust modulation

e attitude control

e mass estimation

Figure 2 depicts the relationships among these modules.
The basic concept of the system is as follows [8]. Atthe
start of each subphase, the objective point at the end of
the subphase is decided by the obstacle detection sys-
tem, and the reference trajectory to the point is calcu-
lated so as to minimize fuel consumption during the land-
ing sequence. Then, during the subphase, attitude and
thrust are controlled so that the lander follows the refer-
ence trajectory. The function of each module is explained

briefly in the following subsections.

Estimated mass Mass

estimation

Parameters of Thrust 1 N

& the reference trajectory duty cycle | Main thrust Th;?m?
— 1  modulation

onjoff’

Navigation Subph Guid n
N ubphase uidance to the
results S commands

B N 1. SFCTICE trajecton
e Navigation resuits [refe yesiory AniM—-——-—;
RCS

(Triggeréd in the beginning & Attitade commands K j
of cach yibphase) commands
;s

2
Reference trajectory

results
P s of
the reference trajectory

Figure 2: Guidance and control system modules.

3.2 Subphase Management

This module supervises the current subphase in the
landing sequence and the current state parameters (po-
sition, velocity, attitude, etc.) estimated by the navigation
system. The subphase is determined by current altitude
(see section 2.2). When the subphase changes, this mod-
ule invokes the reference trajectory generation module
to obtain the calculated reference trajectory parameters.

The subphase management module alsc counts elapsed
time from the start of the current subphase, which is used

in the guidance to the reference trajectory module.
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3.3 Reference Trajectory Generation

The reference trajectory is determined as the mini-
mum fuel frajectory from the initial point to the objective
point of the current subphase. It is determined in the
reference trajectory coordinate system, which helps to
reduce the amount of computation required.

For each subphase, the initial state and final position
are input to this module, whereas the module can choose
the final velocity. Although the reference trajectory is
designed to optimize fuel consumption, it is desirable to
reduce the amount of computation required to allow the
algorithm to be implemented in the lander, and so a num-
ber of simplifying assumptions are made. Firstly, the
thruster can generate arbitrary thrust up to the maximum
thrust. Since thrust (7) is always divided by mass (/) in
the equations of motion, T/m is treated as one variable
(=a) and assumed not to change during a subphase. This
simplification helps to solve the optimization problem
easily. Secondly, the attitude angle in reference trajec-
tory coordinates is assumed to be fixed at ¥ during the
horizontal acceleration, and at —¥ during horizontal de-
celeration. The attitude angle is imited up to ¥, and the
attitude angle ratio is set to be maximum value (£&) so
that the lander can follow the reference trajectory. In this
study we set:
= 30[deg],
= 5.0[deg/sec].

€ &l

3.3.1 Coordinate transformation

As is mentioned in the previous section, the reference
trajectory is defined in the reference trajectory ccordi-
nate system. Since the subphase management module
uses the lunar local coordinate system, it is necessary to
apply a coordinate transformation to the initial position
{3, initial velocity (v+) and final position (+3 of the

current subphase:

[ 2] [ 2/ -0 e
T
vl | =Cflyi-yi =101, @)
g ! !
z 2 — 2 0
>vf; >1),va
91— gygll
v | = CHlu, i, )
vg ol
Mz‘j%’_ —$}~61
T
yi| = Cllys—vi | &)
T
zf_ 257
©c/={cy™"

Since all state variables concerned with this module are
defined in the reference trajectory coordinate system, the
superscript g is omitted in the following sections for

simplicity.

3.3.2 Reference Trajectory generation
There are two types of candidate trajectory for the

reference trajectory.

Type 1. horizontal acceleration and deceleration
Type 2: horizontal deceleration only

Although the former type of trajectory can move the
lander to a farther area regardless of the initial horizon-
tal velocity, some time is necessary to change the lander’s
attitude to alter the horizontal thrust component to accel-
erate and decelerate. As a result, this trajectory has an
unreachable area which can actually be reached with
shorter time acceleration. The latter type of trajectory

allows this unreachable area to be covered.

Trajectory type 1: horizontal acceleration and decelera-
tion At the start of the subphase, the lander is in freefall
(tsec). It then accelerates (f.sec) and decelerates (fzsec)

horizontally.

Step 1: Freefall (t<ty)
The lander freefalls for ¢ seconds. This siep is
necessary since the main thruster should not fire
in the beginning of the subphase in order to acti-
vate the obstacle detection system. During this

step, the reference trajectory is expressed as fol-

lows.
¢ =0,
R(t) =0,
v.r.r(t) - Uu’_gmt’
Uy,r(t) = Vs

1
l’,(t) = +'U;1'it_’gmt2’

2
y(8) = y; + v,
where
() . reference angle,
Rt} : referencerate,
v (B, vyr(®) reference velocity,
z:(8), y- (D reference position,

(in the reference trajectory plane).

This document is provided by JAXA.
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Step 2: Transition to horizontal acceleration (fn <t <ty

+ 6t, where 6t = 1)

The lander changes its atiitude with constant an-
gular velocity o [rad/sec] until it turns to ¥ [rad].
Let zi, ys, va, vy be the position and velocity at the
end of the kth step, and 7+ be the elapsed time in
the kth step (e.g. 73 = t— 7). Then the reference
trajectory is expressed as follows:
R‘T‘(TZ) = SIEJ 2

a .
UZ,’I‘(TZ) = vzl - ngZ +tsnlw7—2 b

w

a8

s —
v, (Tp) = vy + a_)’ (I—-cost,),

1 a
1 2 —
$7‘(T2) =L tUyT, ST T —u:J—Z-(I - COSLUTZ) s

2

as as; .
_ 1 1 -
yATy) =y, +(1/y1 +_0_J JTZ __&2 SINWT, ,

where

5 = sign(¥),
T T up
g=—=-td—gn.J, g
m m sp"9

Step 3: Horizontal acceleration (f; + 6t < 6 <ty + 6t + £4)

The lander accelerates for ¢, seconds.

¢7'(7'3) = \Il’
R(ry) =0,
V.'L‘,T(T3) = Uz? + (G’COS\IJ - gm}TB >

v, {T3) = vy +aslsm|\11|¢3,

o - — f s o~ VO, N2

Z{Ty) = Ly + 7T, TS\acos¥ — g, )75,
2

1 .
Y (Ts) = s + U7y +§aslsm,\lfl7'§ s

(T3 =1—1;, —8t).

Step 4: Transition to horizontal deceleration (4 + 6t + o

< E< dty + 36t + ty)
To decelerate, the lander changes ifs attitude with
constant angular velocity —o [rad/sec] until it turns
to —0.
Y7y = 5 (Y -or,),

R,.(’Q) = '—81(;,

yw,r(Tzi) s A %{Sln(‘q]' - Q’T4) - Sinl\pl}>

12

U, (7)) = v+ a—f’—{cosd\?‘ ~ T, ) — cosl\If
: w

a . 1,
IT(T4) = I3 +(U.r3 + tSHlI\III Te = 59n7s
\ W &L

- _iz{cos(l\lfl - &r,) —cos| U},
@

yr<74) =Y +[Uy3 -—%COS'Q]T‘E

- %{Sin(i\?’ —Wr,) = sin{\lﬁ},
(1, =t-t, ~0t-1,).

Step 5: Horizontal deceleration (ty + 36+ te <t <ty + 36t

+ to+ tg)
The lander decelerates for {1 seconds.
P(15) = -9,
R(ry) =0,
U:r,r(Ts) = vz4 + (H,COS\I/ - gm)Ts H

0,(75) = vy —assin[Yry,

1 . 2
I?'(T5) = Iy T UuTs +§(GCOSW ﬁg771)75 >

Y {Ts) = Y, + U Ts W%Sinl‘l’{ﬁf >

(ry=t—t; —36t—t,).

Step 6: Transition to the next subphase {(tg + 36t + t,+ tq

St ty + 468+ b+ L)
The lander stops decelerating and returns to a
vertical attitude with constant angular velocity ~o
{rad/sec].
V(15) = _51(1‘1"_576)
RATs) = 8,00,
U, (T6) = g = gyuTs ~—(sin(|¥] — Dry) — sin] )

(93,

0, {Te) = Vg —%{cos{ |\If! —7g) —cosé@!}

r.(rp) = 2, + (v + %sinyq;;)TG L
W 2
- %{CGS(M —3r,) — cos| U}

as 3\
y (7)) = ys + (Uys +Elcos|\ll’ }|7-6

a.

+ 22 sin( ] - @7 ) — sinfT)),
w

(e =t—t, ~36t—1,—1,).

Step 7; Altitude adjustment (fy + 46t + Lo+ ta< ©)

If there is no error and the lander follows the ref-
erence trajectory precisely, it will arrive at the
switching altitude to the next subphase at the ob-
jective point. However, there are always gdidance
and control errors which can cause the lander be
above the switching altitude at the final point of
the subphase. This step is therefore introduced
to compensate this. The lander is expected to

descend vertically to the altitude of 2 with a con-
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stant velocity vss.
P (m7) = 0,
R(r;) =0,
U (T7) = Vg,
v, (T7) = v,5=0,
z(77) = Ts,
y(77) = ¥s
(ry = b=ty — 48—, ~ 1))
- where (v, v} and (5, ys) are reference velocity
and position at the end of the Step 6.

Step1.Freefall
(trifsec})

Step3.Horizontal

acceleration

(ta[sec]y ~ Step5.Horizontal
deceleration
(tasec])

Step7. Alttitude
adjustment

Figure 3: The sequence of the reference trajectory type 1.
Transition steps are omitted in this figure.

Trajectory type 2: horizonial deceleration only At the
start of the subphase, the lander freefalls (tsec), then
decelerates horizontally (tssec). It then freefalls again
(Lr25ec), then decelerates vertically (ta). The direction of
deceleration depends on the initial and final horizontal

velocities. 1et s denote
s, = sign(v, —v,). )

Step 1: Freefall (¢t < tp)
w(t) = 0,
R (t/ = 5
Ur,r(t) = Uu'_gmt’
vw.(t) = Uy,

1
Ir(t) =I; +vﬁt_§gmt2’

y, (1) = y; Tyt

Step 2: Transition to horizontal deceleration (in <t <ty +
89)

q/’!r(TZ) = SZDt >
Rr(TZ) = SZE

a . .
0117,1‘(7—2) = Up ~9nT2 +551n(w72) >

as _
v, (Ty) = v, + 32(1 —CcoswWT,),

1 5, a _
=g, 75+ 52-(1 —COSWT,),

T ATy) = Ty FULT, —

2
as, as, . _

y(Ty) =y +(”y1 + 5 )72 - > SINWT, ,

(7, =t-—tﬂ).

Step 3: Horizontal deceleration {fy + 6t <t <ty + 6t + L)
Y(r3) = ¥
R(r,) =0,
/UTJ(T:;) = vIZ + (acosw - grlz)T3 >

0,,.(T3) = v +as, sin(‘\lli)T3 ,

b
L1 2
Z,(T3) = Ty VT3 + —2—(acos\ll - 9,73,

1 .
Y1) =yt VT + 5‘1525111("1‘1)75 s

(13 =t—t;, —6t).

Step 4: Transition to freefall (tn + 5t + ta< < by + 268+ 1g)
The lander stops horizontal deceleration and re-
turns to vertical attitude with constant angular
velocity —w [rad/sec].

YT = (|\1f| —&Ty),

Rr(’rﬂf) == 5255

vx,r(’rzi) = Upz = GmTs

- %{sin()\lﬂ L sin|\lll},
w

as _

v,,{7,) = v, +32 gos(|§l|—wr4)—cos|\§|},
{ a 1

AT, = T, H v, +—sinl] |7, —=g_77

A7) 3 M Te =597

7w
_ E‘}%{cos(|\l/| —ar,)—cos|Y},
U (T} = Y3 +(vy3 —%COSM}Q

a52 {sm(l\lf| W) —

(7, :t—tﬂ—&t—td).

Step. 5: Secondary freefall (fy + 201+ ta<t <1y + 26l + L4+

tp)
The lander freefalls again for ip seconds, again.,
Y (r5) = 0,
R.(rs) =0,

U.’m‘(Ts) = UM - ngS B
”y,r(Ts) = Uyzi °

. R T
T,(T5) = Ty Uy T5 — 00T

2
yr(TS) =Y, +Uy4T5’
(s =t—ty —26t—t,).
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Step 6: Vertical deceleration (#y + 26t + ty+ lp< t< by + 268
+ ta+ Ip + tay)
The lander vertically decelerates for ts, seconds.
Y{75) = 0,
R(r) =0,
Uy (Tg) = Vg5 +{(@—9,)7s,

Uy,r(TG) = vyS >
1 2
$T(T6) = Tyt U5Te —Z'(Q_ gm)TG >

y(Te) = Y5 + VysTe s

(r5 =t =t =26t —1,).

Step 7: Altitude adjustment (tq + 26t + ta+ tp + tan < D)
Y () =0,
Ry} =0,
U, (T7) = Vs,
U, (T7) = Upg =0,
z(T7) = T,

yr(T7) = yfi’
(1) = b=ty =26t —t,—tr, —1,).

3.3.3 Increasing Computational Efficiency
Determining the reference trajectory Ifthereisno error,
the lander reaches the switching altitude to the next
subphase at the end of step 6 for both types of trajectory.
The boundary conditions for step 6 are as follows:

Vg = Upypy Vg =VUy = 0

£ yo W

Ty = Ty, Y5 =Y5 »

where vy, 1;, yr are set according to the subphase or are
obtained from the obstacle detection system. For four
boundary conditions, we have six unknown parameters
of g, b, ts, ¥, &, uyrfor the type 1 trajectory type 1 and seven
parameters of iy, tg, Ip, ta, ¥, @, vy for trajectory type 2.
Since the number of unknown parameters is greater than
the number of conditions, we can minimize fuel consump-
tion in both cases. We have the following relationships
for mass flow
T T, U

max

m=-——=—"2%1=_un
Igpy Igpy

o m = mye ™, (up: thrust duty cycle)

so the fuel consumption in the current subphase is
Am=my(1-e"", ®

where

t, i+ (typel)
At= 5 .
i+l +5 (type2)

As mentioned above, the reference trajectory is deter-
mined by choosing parameters to minimize the fuel con-
sumption.

Determination of descent velocily at subphase change
The optimization problem is solved numerically to gen-
erate the reference trajectory. In this study, Sequential
Quadratic Programming (SQP) method [10] is applied
to solve this optimization problem. The computer program
of SQP method is provided in Matlab toolbox!.

The amount of computation required for this optimiza-
tion depends greatly on the number of unknown param-
eters. Accordingly, the descent velocity at the end of each
subphase should be determined by off-line optimization
to fix one of unknown parameters beforehand.

When the reference trajectory is generated, the hori-
zontal travel distance to avoid obstacles in the next
subphase is unknown. Therefore, the initial descent ve-
locity for the next subphase, which is the final descent
velocity for the current subphase, is determined a priovi
by the following approach. The final horizontal velocity
is assumed to be 0, and the horizontal travel distance in
the next subphase is assumed to be the maximum esti-
mated distance corresponding to 30. Since the horizon-
tal velocity is 0 m/s, the reference trajectory is assumed
to be type 1. The mass of the vehicle is assumed to be
the maximum estimate, which is the severest condition
for fuel consumption. Under these assumptions, the fi-
nal descent velocity for the current subphase is optimized
in order to minimize the fuel consumption. This is typi-
cal min-max problem approach.

Table 2 shows the conditions and the optimal initial
descent velocity for the rough obstacle avoidance and
precise obstacle avoidance subphases. From this result,

the final descent velocity vy for the navigation error ac-

Table 2: Appropriate initial descending velocity and
subphase conditions

subphase rough precise
initial altitude 500m 100m
initial mass 540kg 520kg
horizontal velocity Om/s Om/s
travel distance 290m 20m
final altitude 100m 10m
[ initial descending velocity ] 13m/s l 6m/s I

1{¢) Mathworks
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commodation and approximate obstacle avoidance

subphases are 13 m/s and 6 m/s respectively.

Reachable range In this problem, there is a typical
optimization problem difficulty in generating the refer-
ence trajectory, namely the large influence of the initial
solution on the success of solving the problem. In our
approach, the reachable range under the current condi-
tion is investigated and it is used to generate the initial
solution.

Each of the following cases is investigated to survey
the reachable range:

1. Trajectory type 1,9, > 0
2. Trajectory type 1, ¥-<0
3. Trajectory type 2

Maximization and minimization of ys is conducted for
each case. Fach set of maximum and minimum value
defines the range where the spacecraft can reach in the
case (Figure 4). If the travel distance exists within one of
these reachable ranges, the inifial solution is set to be
one of the boundary value and the optimization problem
is solved to generate the reference trajectory. Since case
1 and case 2 never covers the same region, the {ravel dis-
tance can exist within two reachable ranges. In this cir-
cumstance, the optimization problem is solved for each
cases. This optimization problem has the desirable char-
acteristic that ys in each problem changes with respect to
¥ and converges easily. Thus, we can achieve the reach-
able range under the boundary conditions, and we can
easily choose the initial solution with appropriate sign of
1) and the reference trajectory is obtained in short time,
even if the optimization problem is solved twice. As a
result of this approach, we can obtain a reference trajec-
tory in almost all cases, and if the required travel distance

spacecraft

2 - 1
& =)

Figure 4: Reachable range by these cases

does not lie within the reachable range, the closest point

is chosen as a feasible value of ys.

3.4 Guidance to the Reference Trajectory

This module calculates commands for the main thrust
and attitude control, which enables the lander to follow
the reference trajectory. If consists of two parts:
“caleulation of the current reference states” and

(13 . 95
guidance.

3.4.1 Calculation of the Current Reference States

In this part, the current reference states (reference
position and velocity) are calculated using elapsed time
and parameters of the reference trajectory which are ob-
tained from “subphase management” module. Current
reference position and velocity can be obtained based on
the equation of motion in the reference trajectory coordi-
nates. They are transformed to the lunar local coordi-

nate by C), and used in the next part.

3.4.2 Guidance
The thrust, angular velocity and attitude commands

are calculated by the following steps:

s Calculate nominal forces along each axis of the lunar
local coordinate system (F%., F},, F.) using the
current reference states.

e The differences between the reference and current
states are multiplied by some gains and fed back to
the forces Fi,, . and F.,.

e Calculate thrust and attitude commands to achieve
the calculated command forces Fi.. Hitis impos
sible to achieve all F..s because of attitude or thrust

command limits, compromise solutions are chosen.

First, nominal forces are calculated using the ¢, (de-
finedin (3)), ¥- and a obtained from the reference trajec-
tory generation module and the estimated mass m. ob-

tained from the mass estimation module.

le,r cosyy, —singy, O[T
FZ,. = Cé sing), costp. 0[]0
F 0 0 1}]0
cosy,
= |cosg,-sing), | T ®
sing, -sin?,
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cost),
= |cos)-sinyy |a-m,- Lgp- g,
sing-sint),

where Cé is the transformation matrix from the reference
trajectory coordinate system to the lunar local coordinate
system defined in (2). Feedback terms are added to the

nominal forces as follows:

Fl, =max{0, F.,+ 7B} 1o

. _Jo, if F(F,+FB)<0,
va Ef,r +FB,, otherwise, 1D
ar (12)

. |0, if EL(FL+7B)<0,
¢ \EL+ 7B, otherwise,

( where JFBB, = (K Av, + K, Az)m,
JEB,=(K A, + K Ayym,
t TB, =(KAv,+ K AZDm, |

Ay, = vfj —1f, Ax =l 4

where
v : current velocity
%l : current position
vhy current reference velocity
el : current reference position

(in the lunar local coordinate system).

FL . is always greater than zero since the main thruster
does not have a gimbal mechanism. Note thatifthe signs
of FL ,and F! , differ after adding feedback terms FB-, I,
and F., are set to zero in order to prevent oscillatory
behavior around the reference trajectory.

Command inputs uT,, 6. and ¢, are calculated to realize

the F! .
TuT,] | F,
Cidbutt)| 0 |=|F,] (13)
o | |F]

In this study we suppose that the lander does not rotate
about its = axis. The command input ¢. is fixed at the

initial roll angle ¢..

Case A: if o = 0 This means the reference thrustis zero,
that is, the lander is at the “freefall” step. In this case,

T, =0,
Gy = &,
6,=0,
v, =0,

RIZO’ Q{L:O5 Ra:o’

where P., Q., R. are roll, pitch, yaw angular velocity

commands respectively.

Case B: if F., = 0 Itisimpossible to realize F!,and F.,

without excess of angles. Thus, u7, should be zerc and

reference angles should be used as command inputs:
ul, =0,

cosy,
Cl(6,8,,,) = | cosd sing, |.

sing, - siny,

b =
=10, = tan'l{sin¢7.sin¢a«singﬁbtanwrcos@},

lwa = sin'l{cos@ sin%, cosg, +sing, sinw,.sinqﬁa} ,
P 0
QI = C?(@vemwa)clg(@) O £
g, R
(Ci={CH).
Note that the angular velocity commands should be de-
fined in the target attitude coordinates.

Case C: otherwise Calculate the command inputs using

ol
50l

b =&
Fl S -—Fl
0, = tan™ {M},
L N(FL cosg, + F! sing,) - cosh,
W = tan” ya a Z.0 a
o 1 F :
L : ra H
U = ._.._.___F_Vl—
t T, cosf, cosy,
5 0
Q.| = Cl(6,6,,%,)-Cy(d)| O |.
R LR, |

If some of the commands exceed the limits, that is, 6. >
Burax OF Yo > Wimax OF u T > 1, these should be re-calculated

as follows:

e If FL . > Tax COS0imax COSYmax
F! , cannot be realized within the limits in this case.
Thus u T, should be set to be 1 to maximize i, Attitude
commands, 8. and ¥, should be calculated again.
ul, =1,
. - J U, -sign(R), if kin B>,
¢ Lsin"lﬁy, otherwise ,
5 {e sign(R), if pin?R[>6,,, .

max
sin"' &, otherwise,
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! [
F' cos¢ + F, sing
where R, =— fa[, =2,
max

I !
F;J'asmqba - F, ,co8d,
Tmzx ) Coswa

7 =

e Otherwise
Either F!, or F., (or both) cannot be realized. In
this case, the command inputs are re-calculated so
that F}, and F! are maximized within the limits with

keeping FLx< FL .

0 - lo  .sign(R), if ‘tan’17€Z|>6’max,
itan’lg, otherwise ,

[ siEn(R), if lan™ &) > 1, »
Yo = .
tan'li’ij, otherwise ,
Fl
uj“la — .4 ,
T, cosb, cosy,

max
] I
Fyﬂ cosQ, + I, sing,
¢

where = I 0sd, ,
£ Pl
R = Macos@}? : WSHIQZ, ‘

3.5 Main Thrust Modulation

Although the main thruster in this study operates only
in a pulse mode (simple on-off), almost arbitrary thrust
levels can be achieved by modulating the width of the
activation pulses proportionally to the magnitude of the
thrust command input (so-called pulse width modulation
(PWM)). In this case, the minimum on-time and off-time
of the thruster are greater than the sampling period of
the guidance system. Thus, modulation is applied so that
the average thrust within several sampling periods ap-
proximates the thrust command input.

This module is composed of two parts depicted in Fig-
ure 5. In the “pulse calculator” part, on-time and off-

time of a pulse is calculated based on the thrust command

trigger

X ton

Pulse > Pulse uT
Calculator »|Generator L%

toff

ton uT

uTa

4N

& toff

Figure 5: The “main thrust modulation” module and
generated pulse.

input, and the pulse is generated in the“pulse generator”
part. The pulse generator outputs “1” for the time of ton
seconds and outputs“0 for the time of t,5seconds. After

outputting “0” , it triggers the pulse calculator.

3.5.1 Pulse Caiculator

This calculates on-time and off-time of an output pulse
according to the level of the thrust command input v 7.
The minimum on-time (Tonyy) and offtime (Toffnin) of
the thruster should be considered in the calculation.

Tonyin
o ull, < ’U,T:l < Tor g, +2XT0ffrin

In order to achieve the thrust level ©7. on an aver-
age, more than (Tongy, + 2 X Toffmn) seconds are
necessary, which is too long compared to the sam-
pling period. Thus the pulse is not generated (ton =
0, to= Toffnin) and the current value of uT, s carried
forward to the next period’s value to prevent lack of
the thrust.

In this case, tomis fixed at Tony, and tois calculated
so as to achieve the thrust command level u T

i~uT,
toff = To’nmin X—-—m—a .
) ui,

Using the calculated t.p, the output uT approxi-

mates the thrust command level on the average.

2xTon;,

Tony <
= 2xXTong, +XToff i

T 0l

As opposed to the previous case, togis fixed at T0ffnin

@

B o]
Ui,

and ton is calculated as follows:

o,

-

tmz = TOf min X

a

e __2Tormy,
2xTon i +Toffn

Since more than (2 X Tongn + T0ffmin) seconds,

<ul]

which is too long compared to the guidance cycle,
are necessary to achieve the thrust command level,
tonis set at Tongy,. Although this may cause exces-

sive thrust, it is not a problem for safe landing.

3.5.2 Puise Generator

The pulse command uT is generated during the time of
(ton + top) seconds. The elapsed time from the beginning
of the pulse command is counted by the pulse counter.
The initial value of the counter is zero. When it counts (tox

+ top) seconds, it is reset and the pulse calculator part is
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triggered.

3.6 Attitude Conirol
This module calculates RCS torques from commands,

current angles and angluar velocities2:

I; Kpr(¢a_¢)+Kd1(Rz_P)>
T, = Kp,(06,-0)+ Kd,(Q, -6, (14)
T, = Kp, (6~ )+ Kd (B, ~ ).

where P, @ and R are current angular velocities.

3.7 Mass Estimation
This module estimates the current mass of the lander.
The fuel consumption rate is calculated as:

dm T Tul

_ Tmax

dt gle  glyp
Therefore, the mass is estimated by the following equa-
tion:
T T
m, =My — OLdt. (15)
g-Iep
4. Monte Cario Simulation with the Nominal
Configuration

4.1 Types of Uncertainties
Mounte Carlo simulations of lunar landing were conducted
to validate the guidance and control system and to evalu-

ate its robustness against uncertainty. Various uncertain

. RPPVL - 1o ir

parameters and their distributions are assumed in
simulation. Table 3 shows the uncertain parameters con-
sidered here. Parameter values are generated randomly
with their assumed distributions at each iteration. Apart
from these parameters, small random noise is also in-

cluded in the IMU and RA/RV outputs.

4.2 Success Criteria
The landing experiment has two main objectives:

e precise landing at the target site,
e safe landing on the moon.

The Iander should achieve the mission success criterion

for each objective.

2The RCSis assumed to generate desirable torque with

some delay in this simulation.

Table 3: Uncertain parameters in Monte Carlo simula-
tion (1o value).

Sensor

IMU Bias Error 60.0[uGI
(1: accelerometer) 0.005[deg/hr}?
(@: gyro) Scale Factor 100.0[ppm]*
6.0[ppm]*

Miss Alignment 200.0[prad]*?

Random Walk 0.01[deg/hr'?]?

RA/RV Bias Error 0.5{m}
(3: RA) 0.2[m/sec]*
&RV Scale Factor 0.5[%I%*
Miss Alignment 200.0{prad]?*

Obstacle Scale Factor . 1.00%]
Detection Miss Alignment 1.0]deg]
Objective Point 68.354[m}°

4.714{m]®

(5: Rough avoidance subphase, 6: Precise avoidance subphase)

Lander Model
Thruster Bias Error 10.0[N}"
(7: Thrust) 0.6667[kgf - sec/kgl®
(8 I Scale Factor 1.5{%]7®
Miss Alignment 0.5[degl

Environment
Gravitational Bias Error 0.001{m/sec?]

Acceleration
Initial Condition

State Variables. | Position 0.0[m}°
117.858[m]*
Velocity 0.0[m/sec]*!°
Mass 10.0lkgl
Initial Position 10.0Im}°
Navigation 5.0{mi°
Error Velocity 0.4[m]%
Attitude 0.013[arcmin]

(9: Aliitude, 10: East & North)

4.2.1 Precise Landing

An initial navigation error exists at the beginning of the
vertical descent phase. Since the lander is required to
iand at an obstacle-free area in the vicinity of the target
site, it must be in a position where the obstacle detection
system can capture the target site at the heginning of the
rough obstacle avoidance subphase. Since the angle of
view of the obstacle detection system’s stereo camerasis

30 degreeé, the success criterion is as follows:

Criterion-1 Horizontal position error is less than 134
meters (=tan¥x500) at the start of the rough

obstacle avoidance subphase.
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4.2.2 Safe Landing
In the simulation, the central peak of a crater and a lava
dome in the lunar highlands are supposed to be the lead-
ing candidates for a target site. It has been proved in our
previous study [9] that around these regions there is at
feast one 10m X 10m or wider obstacle-free square area
within z distance of 325m, which is the maximum side
shift achievable after the rough and precise obstacle
avoidance subphases.

Considering the size of the lander is about 4m and the
fact that the obstacle detection system can detect a safety
area of 10m X 10m (or wider), we obtain Criterion-2 as

foliows:

Criterion-2 Horizontal position error at touchdown isless
than 3m (= (10— 4)/2).

Added to these are the following criteria mentioned in

section 2:

Criterion-3 The maximum descent velocity at touchdown

is 3m/s, and

Criterion-4 The main thruster is cut-off above 2m.

4.3 Simulation Results

A Monte Carlo simulation was carried cut with 1,000
iterations. Figure 6-9 show the results, which are also
summarized in Table 4.

The distribution of the position error at the start of
rough obstacle avoidance subphase is shown in Fig. 6.
The mean value of the error is 51.67m and the 3o value is
79.38m. The error exceeds 134m in only three cases out
of 1,000. Figure 7 shows position error at touchdown.
The mean value of the error is 11.03m and the 3ovalue is

17.69m. It follows from these results that Criferion-1 is

Table 4: Simulation results.

Parameter ’ Mean value | lo I
Position error™ 51.67[m] 26.46[m]
Position error’ 11.04[m] 5.897[m]
Guidance error™ 0.2537[m] 0.1378[m]
Descending velocity™ 3.017[m/s] 1.199[m/s]
Horizontal velocity™ 0.3960[m/s] | 0.2129[m/s]
Last pulse 2.788[m] 2.661[ml]
Fuel consumption 57.601kgl 2.161[kgl

*1: at the beginning of rough avoidance subphase.
*2: at touchdown.

150

100+
50+

okt

Z Error[m]

50+

-100¢}

-150 : : : ‘ o
2150 <100 -50 0 50 100 150

Y Error[m]
Figure 6: Distribution of position error at the start of the
rough obstacle avoidance subphase. The
magnitude is within 134[m] in 897 cases.

Z Error[m]
=)

490730 20 <10 0 10 20 30 40
Y Error[m]
Figure 7: Distribution of position error at touchdown. The
magnitude is within 3[m] in 58 cases.

ILXEREE Dgils] B2

satisfied and precise landing within 30m of the objective
point is achievable.

However, for Criterion-2, the position error at touch-
down exceeds the 3m limit in 942 cases. Furthermore,

Decending Velocity[m/s]

0 300 400 600 800 1000
Case Number

Figure 8: Distribution of descent velocity at touchdownmn.

The velocity is within 3[m/s] in 531 cases.
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~
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Figure 9: Distribution of altitude of the main engine
shutdown. It is above 2[m] in 521 cases.

Criterion-3 and Criterion-4 fail to be satisfied in almost
half of the cases. The descent velocity exceeds the limit
in 469 cases (Fig. 8), as does the altitude of main engine
cut-off in 479 cases (Fig. 9).

4.4 Discussion
Since the RA/RV is not available below 30m, the accuracy
of the integrated navigation deteriorates at lower altitude.
Considering the fact that the mean value of the guidance
error at touchdown is 0.2537m, it is thought that exces-
sive position error is caused mainly by navigation error.
It follows that the lander needs to be equipped with an-
other altimeter and velocimeter for lower altitudes in or-
der to reduce the position error, or the landing sequence
needs to be changed so that the lander can avoid all ob-
stacles above 30m. If these are impossible, the target
site should be changed to a flat area where distribution
of obstacles is less than that considered in this paper.
For Criterion-3 and Criterlon-4, since the mean value of
descent velocity at the last thrust pulse is 1.202m/s,
exceedences of the limits are supposed to be caused by
altitude error. H the main thruster can stop exactly at an
altitude of 2m, the touchdown velocity is expected to be
less than 3m/s. One possible way to achieve this is to
equip the lander with a 2m-long lunar surface-sensing
probe that will trigger main thruster cut-off, as in the case
of the Apollo Lunar Module, which had a 5-foot probe.

5. Monte Carlo Simulation with the Modified
Configuration

The lander configuration and landing sequence are modi-
fied based on the discussion as in the following subsec-

tion. A Monte Carlo simulation is carried out again with
1,000 iterations using the same uncertain parameters and
their distributions.

5.1 Modified Lander Configuration and Landing
Sequence
e Surface-sensing Probe

The lander is equipped with a 2m-long lunar surface-
sensing probe, which triggers main thruster cut-off
to avoid stirring up lunar surface material (regolith)
by using the main thruster near the surface. Thisis
similar to the 5-foot probe used by the Apollo Lunar
Module.

e Hovering Subphase
The landing sequence is modified as follows:
— Initial error accommodation (3,500m-500m alti-
tude)
— Rough obstacle avoidance (500m-150m)
— Precise obstacle avoidance {150m-40m)
— Hovering (around 40m)
— Constant speed descent (40m-2m)
— Freefall Cm-Om)

The hovering subphase is introduced to accomodate
the horizontal position error accumulated during the
precise obstacle avoidance subphase. The lander

noves slowly to above the center of the obstacle-free
area while maintaining an altitude of around 40m.
This altitude is settled considering the fact that the
RA/RYV is not available below 30m, and the Monte
Carlo simulation results which show that the maxi-
mum altitude error around 30m is about 10m.

During the hovering subphase, commands are cal-

culated without nominal forces (thatis, ., = 7% in

Table 5: Simulation results with the modified

configuration.
l Parameter ’ Mean value 1o ‘
Position error™ 51.58[ml] 26.41[m]
Position error™ 4.021[m] 4.169[m]

2.778{m/s] | 0.2369[m/s]
0.4190Im/s] | 0.3641[m/s]
Last pulse 2.210[m] 0.5444[m]}
Fuel consumption 63.55[kg] 3.1611kg]
*1: at the start of rough avoidance subphase.
*2: at touchdown.

Descent velocity™
Horizontal velocity™
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Figure 10: Distribution of position error at the start of the
rough obstacle avoidance subphase. The
magnitude is within 134[m] in 997 cases.

-10
-10

Y Error{m]
Figure 11: Distribution of position error at touchdown.
The magnitude is within 3[m] in 488 cases.

h S

(10) — (12)). The reference altitude 7 is set at 40m
and the reference descent velocity .. is set at Om/s.
The reference horizontal velocity varies between -
2m/s and +2m/s depending on the horizontal dis-

tance to the objective point.

e QObstacle Detection System
The obstalce detection system is used for estimat-
ing relative position between the lander and the ob-
stacle-free area in order to reduce the horizontal
position errorfrom the beginning of the hovering
subphase. The sampling period of the system is
assumed fo be one second and it is activated only

when the main thruster is not firing.

{
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Figure 12: Distribution of descent velocity at touchdown.
The velocity is within 3{m/s] in 828 cases.
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Figure 13: Distribution of altitude of the
shutdown. It is above 2[m] in 664 cases.

5.2 Simulation Resulis
Figure 6-9 show the results of the 1,060 Monte Carlo
simulation trials using the modified configuration, which

are also summarized in Table 4.

obstacle avoidance subphase is shown in Fig. 6. The er-
ror exceeds 134m in only three cases out of 1,000. It fol-
lows from these results that Criterion-1 is satisfied.
Figure 7 shows position error at touchdown. Compared
to the SELENE-B configuration in which the error ex-
ceeded the 3m limit in 942 cases, the probability of suc-
cess is obviously improved by the introduction of the
hovering subphase. Although fuel consumption is greater
compared to the SELENE-B result of 57.60kg, the in-
crease is only a few kilograms and is considered to be

acceptable.

This document is provided by JAXA.



i6 JAXA Research and Development Report  JAXA-RR-05-013E

The distributions of descent velocity and main engine
cut-off altitude are shown in Fig. 8 and 9. Criterion-3 and
Criterion-4 are satisfied in 828 cases and 664 cases re-
spectively. The exceedence of the shutdown altitude limit
in 336 cases in spite of the lunar Surface-sensiﬁg probeis
considered to be due to the main thruster’s response delay
to the shut-off command and its minimum on-time.

&. Conclusion

We evaluated a guidance and control system for safe and
precise landing on the moon with optimum fuel consump-
tion by Monte Carlo simulation. It was shown that the
system with modified configuration can achieve precise
landing, and the error at landing is significantly lower
compared to the original lander configuration. The main
thruster shutdown altitude, however, exceeded its limit
in about 34% of cases, and this does not give a satisfacto-
rily high probability of safe landing. The algorithm for
shutdown should therefore be modified in consideration
of the delay and minimum on-time of the main thruster.
Furthermore, position error at landing still failed to sat-
isfy the 3m maximum criterion in almost half of the cases.
We are planning to redesign the feedback gains during
the hovering subphase in order to improve the results,
which will be shown in future studies.

{11 *Udaipur Declaration”, the sixth International Con-
ference on the Exploration and Utilization of the

Moon (2004).

(2]

E. C. Aldridge, Jr.,“A Journey to Inspire, Innovate,
and Discover”, Report of the President’s Comission
on Implementation of United States Space Explora-
tion Policy (2004).
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