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Summary: A numerical study is presented for the transonic flow over a two-dimensional
airfoil oscillating in pitch at the moderately high mean value of the angle of attack. Stressed
is the understanding of the frequency effect on the surface pressure characteristics against
the instantaneous angle of attack, due to the interaction between the shock-wave and the
after-shock separated boundary layer. An implicit factored finite-difference method de-
veloped by Beam & Warming is applied to the compressible Navier-Stokes equations. The
remarkable improvement of the computation speed is achieved with the program vectori-
zation suitable for CRAY 1-S. The computational results are compared with the experi-
mental data measured at the NASA-Ames 11-by-11 Foot Wind Tunnel.

1. Introduction

The understanding of the unsteady transonic flow over an oscillating airfoil is
quite important for the analysis of the aerodynamic force on a helicopter rotor
and of such dynamic phenomena as flutter and buffet. So extensive investigations,
both experimentally and theoretically, have been conducted in various research
institutes. (Ref. 1)

When the shock-wave formed on an airfoil surface is strong enough to induce
the flow separation in the after-shock boundary layer, the proper analysis of the
viscous/inviscid interaction is essential for the understanding of the flow field.

Beam & Warming (Ref. 2) showed an efficient finite-difference method for the
Navier-Stokes equations in a conservation-law form. They used an implicit
factorization scheme, in which a large time step was allowed to be taken. Steger
(Ref. 3) combined their method and the body fitted grid generation system developed
by Thompson, etc. (Ref. 4) for the analysis of the flow around an arbitrary-shaped
body. The “thin layer” assumption was adopted and all the derivatives along
the body surface in the viscous terms were neglected. Chyu, etc. (Ref. 5) developed
an efficient time-varying grid generation technique suitable for the unsteady airfoil
problem. This technique was added to Steger’s program and they computed the
flow around a NACA64AO010 airfoil in pitch +1° at 0.25 chord with the mean
value of the angle of attack 0°. The uniform flow Mach number M. was 0.8
and the Reynolds number RE was 12 10°. The reduced frequency K=wc/2U was
set on 0.2. The shock-wave formed on the airfoil surface was not so strong as
to induce the flow separation. The agreement between the computational results
due to both the inviscid and the viscous methods and the experimental data was
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good. Chyu & Kuwahara (Ref. 6) added the viscous terms neglected in the previous
calculations and applied their new program to the same problem as Chyu, etc.
treated, except the mean valne of the angle of attack. It was 4°. The shock-
wave was strong enough to induce the after-shock separation, and the full viscous
calculation gave the best agreement with the experimental data.

The purpose of this report is, first of all, to show how much the computation time
can be saved by properly vectorizing the program for CRAY 1-S at NASA-Ames
Research Center. This vectorized program is used to compute the flow over a
two-dimensional NACA64A010 airfoil in pitch +1° at 0.25 chord with the mean
value of the angle of attack 4° in the uniform flow M_=0.8. The Reynolds
number is 12X 10°. The lower frequency case K=0.05 is newly computed.
Comparison will be made with the experimental measurement conducted by Davis,
etc. (Ref. 7). The discussion will be focused on the influence of the oscillation
frequency of the airfoil on the surface pressure response characteristics against
the angle of attack.

2. Numerical Technique

In this section a numerical techuique is described for computing the flow over
an oscillating airfoil.
2-1. Fundamental Equations

The governing two-dimensional compressible Navier-Stokes equations in &—y
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Fig. 1. Physical and Computatinal Planes.
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body fitted coordinate system (Fig. 1) can be expressed in a conservation-law form as

8.g+0.M+d,N=0 (1)
where
M=E— R, N=F— _-_8§. (2)
RE RE

Here, ¢ is the time variable and & & 7 mean the streamwise and the normat
directions respectively. The flux vectors g, E, F are represented as
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The contravariant velocity components U & V are defined as

U=§&=¢,+&u+é,0, V=n,4+nu+n,v. (4)

The metric terms &,, §,, etc. and the transformation Jacobian J=§¢,y,—§&,7, are
numerically determined at each time step. The viscous terms are

ﬁz_}_(gx§+§y§), S’=—}—(77x1-€+77,,§) ()
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sz:ﬂ(uy+/v1)
z,,=Q+ 200, + u, (7)
R,=ur, . +vr,,+@d,a
S,=ur,,+vr,,+ad,a.
Here
a=10—Die/fp—3@+v?)},  a=kPr'(r—1)" (8)

with k& & Pr denoting the thermal conductivity and the Prandtl number. 7 is the
specific heat ratio. The Stokes hypothesis 1+2x=0 is assumed.
The molecular viscosity p is determined using the Sutherland law. For turbulent
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flows the viscosity coefficients are computed using the two-layer zero equation
model developed by Cebeci & Smith (Ref. 8) and improved by Baldwin & Lomax
(Ref. 9).
2-2. Finite-Difference Algorithm

The Euler implicit finite-difference scheme represents the two-dimensional com-
pressible Navier-Stokes equations in a conservation-law form as

AW=¢H@—%{?) +0(4s%)

T

. {( %]g )"”+ (%)1} +0(4:. (9)

The convection terms E & F in M & N are linearized using the local Taylor
expansion about ¢, that is,

Eroie En+(a‘?> 44"+ O(47%)

1 (10)
frei— fn +(ZF) 44"+ 0(de?).

q

The viscous term S can bz divided into two parts, that is, S7 which consists of
only z-derivative terms and S¢ which involves &-derivative ones. The same lineari-
zation is applied to S7 as

S”"+1=S’7u+( aS
0q

)Aq+0uﬂ (11)

The other viscous terms S¢ & R are lagged in time, giving an explicit expressions
S =81 0(de),  R™'=R"40(dr). (12)

Such simplification is allowed because the z-spacing 4y is much finer than the &-
spacing 4&, so only the p-derivative terms should be estimated implicitly for the
numerical stability improvement. Using these approximations Equs. (10)—(12),
Equ. (9) can be expressed as

(e 2o (55 Va5, 25 (F= g S))) e

a o\
—-—-Az'(as —f——a;N) +(4e?) (13)

where I is the unit matrix. The term §, defined as
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can be calculated as
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N o (OEN'\Y 8 o, 0 1
q:—Ar(I—i—A _( )) (—~M+_~N). 15
“oe\ag & oy (19
Then 44™ is obtained from the following equation,
. 8 0 (¢ 1 a\\\"
4 ”=<I+Ar(_— (F— S’7> )) g 16
q 3 6 RE g (16)

So the value ¢ at time step n+1 is computed as
g t'=q"+4q". 17

In the present study the space derivative terms are replaced by the central differ-

ence method, so the accuracy of this scheme is first order in time and second
one in space.

2-3. Boundary Condition

On the airfoil surface, the no-slip condition is required for the viscous flow,
that is,

U=V=0. (18)

The density p is determined from the extrapolation of the value at the grid points
next to the body surface. The pressure p is computed by solving the normal
momentum equation. The uniform flow conditions are imposed for the far-away
boundary except the downstream one, where the flow quantities at the grid points
just inside the boundary is extrapolated.
2-4. Grid Generation

For an oscillating airfoil problem, the grid points must be determined at each
time step. So to save the computation time, the grid points at the extreme angle
of attack positions are first generated using Thompson’s method (Ref. 4). Then
the grid points at the intermediate angle of attack are determined by linear inter-
polation. An example of the generated grid system is shown in Fig. 2. The
grid spacings in the y-directions are clustered in the boundary layer so that the
adequate resolution for the viscous flow analysis is assured. The finer grid points
are distributed near the leading and the trailing edges along the &-direction.

JARIRERRENE
s
Fig. 2. An Example of Generated Grids.
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3. Results

The present study is the extension of Ref. 6 and focused on the investigation
of the frequency effect on the shock-wave/boundary layer interactions, which
decide the surface pressure response characteristics against the instantaneous angle
of attack. So the computation is carried out for the unsteady flow over a two-
dimensional NACA64A010 airfoil oscillating in pitch at 0.25 chord with the mean
value of the angle of attack 4° in the uniform flow M_=0.8. The mesh size is
87x41 in & and 5 directions respectively. In Ref. 6 the higher oscillation
frequency case, where the reduced frequency K is 0.2, is reported. The lower
frequency case (K=0.05) will be added in this report.

3-1. Experimental Measurement

A series of experimental measurements have been conducted by Davis, etc.
(Ref. 7) at NASA-Ames 11-by-11 Foot Transonic Wind Tunnel. A conventional
NACA64A010 and a supercritical NLR7301 airfoils undergo pitching or plunging
oscillation and time history of surface pressure variation was measured. The data
will be compared in the following sections with the computational results.

3-2. Computation Speed

The computation speeds of CDC 7600 and CRAY 1-S are compared in Table
1. The computation time required to proceed one time step and to complete
one full cycle are shown. In this case one cycle is devided into 2160 steps.
CRAY 1-S’s computation speed is only twice than that of CDC 7600’s when
the same FORTRAN program originally written for CDC 7600 is run in CRAY
1-S. But if the program is carefully vectorized, its computation speed is ten times
faster than the original one.

Table 1. Comparison of computation speed

CRAY CRAY
CDC 7600 (no vect.) (vect.)
Time/Iteration 4.6 sec. 2.0 sec. 0.25 sec.
Time/Cycle 165 min 72 min 9 min

3-3. Surface Pressure Variation

Computed instantaneous surface pressure distributions based on the inviscid
(neglected all the viscous terms), the thin layer (retained only 7-derivatives in the
viscous terms) and the full viscous (computed all the viscous terms) assumptions
are shown in Fig. 3. These computed results are for the higher frequency case
(K=0.2) and refered from Ref. 6. Also shown in Fig. 3 is the experimental
data. The fast pressure recovery after the shock location on the upper surface
means the attached flow while the angle of attack is increasing. When it is
around 4.87°, formed is the after-shock pressure bump, which shows that the
flow in the boundary layer is separated. While the angle of attack is decreasing,

This document is provided by JAXA.



Proceedings of the Symposium on Mechanics for Space Flight 47

@ UPPER
O LOWER

—=— UPPER
FULL VvISCOUS

EXPERIMENT

—-—UPPER THIN VISCOUS COMPUTATION

-+~ UPPER INVISCID

o
o

[ a=45° [ a=4.0

-
o

-Cp (x/c, 1)
L)

-Cp(xll:, 1)
&

(i)\, {k),

5 10 0 5 10 © .5 10 © ‘5 1.0
xle x/c x/c x/ec

Fig. 3. Instantaneous surface Pressure Distributions (K=0.2).

the flow continues separated. It reattaches when the angle is around 3.13°.
Judging from the shock location and the after-shock pressure distributions, it is
concluded that the full viscous computation gives the best agreement with the
experimental data. The thin layer computation predicts fairly well the fast pressure
recovery portion but poor the slow recovery one. The inviscid computation
entirely fails to predict the after-shock pressure distributions, which is strongly
affected by the shock/boundary layer interactions.
3—4. Shock Locus

The loci of the shock location versus the angle of attack are shown for both
frequency cases in Fig. 4. As far as the higher frequency case is concerned,
the shock-wave formed on the upper surface moves downstream during the upward
movement of the airfoil, but starts to move upstream at about 4.8° due to the
occurrence of flow separation in the after-shock boundary layer. For the lower
frequency case, on the contrary, the experimental measurement shows that the
shock-wave moves upstream with increasing the angle of attack and downstream
with its decrease. The computational result shows the same characteristics of the
shock movement, but it contains the higher harmonic oscillation. The experimental
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data is the ensumble average of many samples. If the timing of shedding vortex
is different on each sample, such higher harmonics should disappear in the ex-
perimental data. At the present stage there’s no way to know if the higher
harmonic vortex shedding actually occures or not.
3-5. Response Characteristics of the Airfoil Pressure

The response characteristics of the airfoil surface pressure to the airfoil motion
is investigated using Fourier transformation. Suppose the instantaneous angle of
attack « is expressed as

a=a,, + Re(aet), (19)

the Fourier representation of the pressure coefficients can be written as
C,(X/c, 0)=C,,(X/c)+ > Re(C} (X[c)ae'™"). (20)
n=1

Here «,, is the mean value of the angle of attack. C,, is the mean value of
the pressure coeflicient, and C? , is the n-th complex component of the pressure
coefficient per radian. The real and the imaginary parts of the first harmonic
components for both frequency cases are shown in Fig. 5. The comparison is
also made with the experimental data. Both the real and the imaginary compo-
nents have positive peaks on the upper surface pressure response distribution for
the higher frequency case. The lower frequency case shows the negative peak
on the real component. The numerical computation agrees well with the experi-
mental one, and predicts that the respone characteristics of the surface pressure
changes remarkably depending on the oscillation frequency.

4. Conclusion

The advance of the computer machine and the finite-difference technique has
made possible the viscous computation of the transonic flow over an oscillating
airfoil within the reasonable computer time. Made is the comparison of the
pressure response characteristics against the angle of attack for the higher and
the lower frequency cases (K=0.2 & 0.05) of a NACA64A010 airfoil oscillating
in pitch +1° at 0.25 chord in the uniform flow M.=0.8. The mean value of
the angle of attack is 4° and the Reynolds number is 12X 10°. The shock wave
formed on the airfoil surface is strong enough to induce the separation in the
after-shock boundary layer. Only the full viscous computation agrees well with
the experimental data and shows clearly the difference of the response characteristics
of the surface pressure, depending on the oscillation frequency.
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