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PREFACE

The Science and Technology Agency (STA) of the Japanese Government set up a framework in
1986 to promote research collaboration between the mnational research institutes under its
supervision and the domestic industries in order to encourage the industrial sector to avail
themselves of the potential and the resources possessed by the national research institutes. The
framework, tentatively translated here as the 'Government-Industry Joint Research Programs on
Specific Topics’, has since been instrumental in accelerating the technology transfer from the
governmental research level to the industrial activities. The research works reported in the present
volume were carried out within this framework for the period of 1992 to 1994. '

For years, the National Aerospace Laboratory (NAL) had been engaged in the research of high
speed aircraft technologies ranging from supersonic transports to space planes, mainly in the fields
of propulsion and structure, including materials. Most of this research had been of a preliminary
and in-house nature. As the subsonic aircraft technologies maturing, the research incentive within
NAL was shifting toward the higher speed regimes, and the need was felt of deliberately
strengthening the research efforts in this direction. Meanwhile, the Society of the Japanese
Aerospace Companies (SJAC) set forth in 1989 under the auspice of the Ministry of International
Trade and Industry a systematic feasibility study of developing a second generation supersonic
civil transport and provided the member companies the incentives for the endeavor to establish
the technological readiness for the prospective project launch . The member companies had to
begin the research at a very basic level since they had had scarce experience in supersonic aircraft
technologies. It was a matter of course for both NAL and the industry to join forces by utilizing
the frame work provided by STA.

In the initial proposal of joint research, made by NAL to the industry, only issues in the fields of
structure and materials were listed as research themes. The industry countered the proj)osal by
adding issues in the field of aerodynamics, which was then agreed upon by NAL. With-the former
disciplines, NAL and the industry had been engaged in in-house research and hence in some
aspects were able to work on state-of-the-art themes. In the latter discipline, however, both- NAL
and the industry had had no substantial back ground to start with, and thus had to begin almost
from scratch. Altogether seven themes were addressed in this joint research, two in aerodynamics,
four in structural dynamics, and one in material properties. The level reached after the 3-year
endeavor may differ from theme to theme, and the achievements are to be judged not by the
level we are at now but by the advancement we have made so far. What is common to.all the
themes addressed is that the research is in fact halfway to the goal with much room ifor further
development. It is hoped that the closure of this joint research be transformed into the beginning
of another research endeavor.

Masao EBIHARA
NAL Representative to the Joint Research
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OIL FLOW VISUALIZATION ON VEHICLE
MODELS IN SUPERSONIC FLOWS

Junich NODA, Atsushi TATE, Hideo SEKINE,
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Aerodynamics Division
National Aerospace Laboratory
Chotfu-City, Tokyo, Japan

Nobuyuki TSUBOI, Masaru KODAMA, Takeshi KAEDA,
Keiji SATO, Hideki NOMOTO
Mitsubishi Heavy Industry Co., Ltd
Nagoya, Japan

SUMMARY

Flow visualization on the surface of an advanced aircraft or a supersonic
transport and other vehicle modeis has been carried out using the supersonic
wind tunnel of the National Aerospace Laboratory with the test section of
I mx {m. In the present flow visualization study, (1) the application methods
of a mixture of oil and pigment such as an oil dots method and an oil film
method, (2) the etfect of the property of oil on streak lines using silicone oil
and parattin oil (liquid paraffin), (3) a print method to obtain panoramic view
on a circular cylinder, and (4) a liquid crystal method have been examined. Qil
film method is found to be advantageous than oil dots method in supersonic flow.
Parattin oil draws streaks, while silicone oil draw no streaks. Liquid crystal
did not visualize the necklace vortices in front of the engine nacelles.

I . INTRODUCTORY REMARKS

I-1. Flow Visualization Methods in Supersonic Flow

To tind the features of the surface oil flow visualization on a vehicle model
installed iIn the NAL 1 mX 1 m supersonic wind tunnel, we have tested several
materials and methods.
(1) An oil dots method and an oil film method using machine oil and Titanium
dioxide (TiO,)} as pigment (1992) were tested.
(2) The visualization of surface streak lines, separation lines and reattachment
lines using two kinds of oils: silicone oii with a typicai low surface tension
coeftficient and paraffin oil with a large tension coefficient, with carbon black
as pigment (1993).
(3) A print method was developed to take the flow pattern of oil on a sheet of
soft paper (1993).
(4#) The possibility of visualizing the necklace vortices produced on the wing
surtace In front of the engine nacelles was examined by a liquid crystal method
(1994).

I-2. The Features of Each Method

(1) Oil Dots Method !’

A mixture ot high viscous oil and pigment is used. The oil mixture is dotted
with a brush by hand or with a special tool to supply a constant amount as a
dot. Flow direction is easily defined. If dots are of the same size we <can
qualitatively infer whether or not the shear stress is great by the length of
traces. The defect of this method is that it takes time to plot dots for
preparation.
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(2) Oil Film Method

A mixture of high viscosity oil and pigment is applied by patting the model
surface with a sponge so that the thickness becomes fairly constant. The
direction of the surface flow is visible but the magnitude of the shear stress
is roughly estimated only through the thickness of the remaining mixture after
the blow down. Depending on the kind of oil streaks appear.

(3) Print Method

We have developed a print method to press the oil flow pattern of a circular
cylinder on a piece ot paper so that it visualizes the panoramic surface flow
pattern of a 360 deg roll angle. We also applied the method to visualize the
internal surface flow of a channel such as a intake model of a supersonic
transport engine, where we cannot take photographs of the flow pattern on the
side wall as a projection without distortion.

(4 ) Liquid Crystal Method %,%,*’

We have tested a liquid crystal to define the separation line of the necklace
vortices in front oif the engine nacelles utilizing the recovery temperature
drop. The liquid crystal reflects lights of particular wave lengths depending on
the temperature of it

In the following section we show the results of experiments conducted tor
each year.

I-3. Wind Tunnel and Models

The flow visualization was conducted on the surface of a supersonic transport
model (0.7315 m) and other supersonic vehicle models and on the wind tunnel wall
using the NAL | mX 1 m supersonic wind tunnel. The Mach number range of this
wind tunnel is from 1.4 to %.0. The Reynolds number ranges from 2 to 5% 107 per
1 meter. Dynamic pressure varies between 65 and 155kPa. The duration of the
flow reaches a maximum of 40 s.

II. OIL DOTS METHOD AND OIL FILM METHOD (1992)

II-1 . Introduction

The surface flow of a model is often visualizing by an oil dots method!’ or an
otl film method. In the oil dots method the surface of a model is dotted with a
mixture of oil and pigment using a small brush or a special tool to push out the
same amount of oil per dot. After the blow down of the wind tunnel, each oil dot
draws a trace of some distance downstream by the skin friction of the surface
flow trom the upstream region. The length of a trace roughly corresponds to the
magnitude of the shear stress. The direction of the trace shows the direction of
the shear stress at that point. Because the friction in a hypersonic wind tunnel
is smaller than in a conventional blow-down supersonic wind tunnel, the
overlapping of the traces in a hypersonic wind tunnel test is more easily
controlled than in the supersonic wind tunnel test by selecting the viscosity ol
oil. The oil dots method 1is, therefore, often wused in hypersonic flow to
visualize blunted models such as a Gemini type reentry vehicle.

The purpose of the present experiment is to compare both methods on a
supersonic transport model in a supersonic flow wusing the same mixture of
machine oil and titanium dioxide (TiO,). The flow visualization is intended to
find out; 1) how the separation occurs at the end of the wings, how the shock
boundary layer interference occurs between the engine and the wings, and how
the separation of the vortices along the streak affect the flow on the wings.

Another purpose is to observe 2) how the artificial roughness produce the filow
downstream.

H-2. Application of Oil Mixtures

We applied dots of a mixture of machine oil and the powder of TiO, (white)
using a tool to supply a constant volume dot (AD7000Z controller, made by
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iwashita Eng. Co.) to the upper left side of the supersonic transport model (
horizontal main wing and vertical and horizontal tail wings ) . On the other
hand, we coated the right side of the supersonic transport model with the oil
mixture by tapping the surtface with a sponge. We prepared the model to test the
oil film method and the oil dots method at the same time as shown 1n Fig. 1.
After exposing the model at an angie of attack of a =8.7 deg to the flow of
M.=2.03, we took a photograph of oil flow patterns on the model. Fig. 2. shows
the oil flow on the main wings, and Fig.3 shows the oil flow pattern on the
vertical tail plane.

11-3. Results of Experiment

(1) Comparison of the Two Methods

Because of the large shear stress acting on the surface of the wing the oil
mixture of the dots drew long traces, which overlapped each other. As a resuit,
the distance of a trace becomes vague and only the direction of the oil flow is
found. This pattern helps roughly overview the whole flow pattern on the wing.
On the other hand, the oil film method shows details of the flow direction,
which are clearer than the one by the dots method. To avoid damage by a large
load on the model and on the sting at the start of blows, the supersonic wind
tunnel is wusually started holding the angle of attack at a =0 deg. After the
supersonic flow is established, the angle of attack of the model is varied to
the test angle a =a, deg. Thus, in the oil dots method the traces draw some
distance during the time at «a =0 deg. The traces begin to draw different
directions at a =da g. As the results traces blur or overiap on the {former
traces during the test time at a = a, deg. This overlap of traces sometimes
confuses the judgement of the flow direction when we use an oil mixture with low
viscosity. The blur of the trace by the dots method in Fig.2 and Fig.3 is caused
by this difference of flowing directions of traces at a =0 deg and at a=a . On
the other hand in the oil film method usually the former pattern at a =0 deg is
wiped away when the test time at a = a , deg is greater than the build-up time
of the flow at a =0 deg. In Fig.2 both methods show separation lines and
reattachment line of vortices produced by the streaks upstream, and the vortices
originated at the junctions of streaks and the main wings.

( 2 ) Artificial Roughness along the Leading Edges

To promote the transition of the boundary layer on the model surface small
disks of 2 mm diameter are attached in line along the leading edges of the wings
as shown in Figs. 2 and 3 and near the nose of the fuselage. About 10 to 20
times the diameter of the disk downstream from the disks, the oil flow draws
similar streaks. The streaks, then, changes to blur, where the transition to
turbulent boundary layer seems to occur. This transition is clearly identified
by the otl film method. From the present experiments, the oil film method draws
better flow patterns of transition than by the dots method.

II-4. Suppiementary Experiments

In Fig. 3 oil streaks starting from the upstream region of the roughness disks
never make contact with the disks. After making detours around the disks the
streaks draw downstream. To examine the detour of streaks around a disk we
conducted a supplementary experiment utilizing the boundary layer on the wall of

the supersonic wind tunnel 1 m downstream of the test section. Although the
boundary layer with a thickness of about 8 mm is turbulent, there is a laminar
subboundary layer close to the wall. The 14 disks of 10 mm diameter and 1 mm

thickness are attached to the wall in line at intervals of 20 mm, as shown in
Figs. 4 and 5. Four disks are overlapped on the two figures. To obtain flow
pattern around the disks we applied a mixture of paraffin and TiO, with a couple
of drops of oleic acid as belts 30 mm in width on the upstream region and
downstream region parallel to the disks. The test was conducted at Mach number
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3.0.

Fig. 4 shows that the streaks of the mixture in front of the disks always
detour them making necklace vortices. This 1s the same as what we observed on
the edges of the wings. The fine streaks appear downstream at a point 25 times
of the diameter of disk.

Fig. 5 shows that turbulent wedges exist just behind the disks, where the oil
mixture is wiped away about 4 times diameter downstream by large shear stress. A
white region follows the wiped region, where fine lines suddenly mixed with each
other. As the oil mixture tlows further downstream steaks begin to appear: again.
This is the feature ot parattin when it is used for oil flow visualization. This
pattern is simtlar to what we have observed around and behind the 2, mm diameter
disks as roughness on the supersonic transport model. When we used silicone oil

instead ot paraftin these fine long trace does not appear as, will be shown
next.

IiI-5. Conclusions
(1) An oil film method is advantageous than an oil dots method in supersonic
flow to make a surface tlow visible..

( 2 ) Paratfin oil tends to make streaks on surface flow, while silicone oil
does not.

lll. TRACES OF SILICONE AND PARAFFIN OILS (1993)

-1 . Introduction

In studying the oil tlow visualization of a supersonic transport model In 1992
we tound that an oil film method is superior to an oil dots methods in the
supersonic flow regime. In 1993 we have studied surface flow patterns of several
vehicle models using the oil film method. This study include models of the
Orbital Reentry Experiment vehicle (OREX) and circular cylinders at high angles
of attack where a side torce acts. For «circular cylinders we developed a
printing method which demonstrated panoramic views of the flow pattern around
the cylinders.

-2 . Experimental Methods

Because the one shot view of a photograph is limited to a certain area of a 3-
dimensional model, the photographs of oil flow patterns of circular cylinder
models at high angles of attack do not show the whole flow pattern on the models
at one time. To observe the oil flow pattern as a panoramic one, we tried
printing the pattern on a piece of paper by wrapping the cylinder with it.

I1I-3 . Results of Experiment

(1 ) Skin Friction Traces on the Wall

It 1s well known that the surface tension coetficient of oil affect the oil
flow pattern in flow visualization. By a print method, we examined the eftect
of the surface tension coefficients of oils on the oil flow traces. Two kinds of
oils, silicone (500cs) and paraffin oils, were tested, because the surface
tension coefficient of silicone oil 1s smaller than that of paraffin oil. We
mixed each oil with carbon black powder. We applied thin coats of each oil
mixture to the wind tunnel wall by tapping it with a sponge brush, then we
exposed the wall to a flow of Mach 2.0 for 20s. We print these patterns on iwo
sheets of soft paper by pressing them on the wall. The paper is the type
generally used to cover sliding doors, being the goods on the market. Fig. 6(a)
is a pattern made by a mixture of silicone oil and carbon black, which shows the
flow pattern made only behind the disks attached for roughness. On the other
hand, Fig. 6(b) is a pattern made by a mixture of paraffin and carbon black with
the same disks upstream, showing fine streaks indicating the surface flow
direction. Comparing these tigures, it can be seen that to visualize the flow
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direction on a model paraftin oit works better than silicon o¢il. The property of
paratfin oil to draw streaks, however, acts to destroy a bubble or separation
line, as shown next.

(2 ) Visualization on a Reentry Capsule Model

Oil flow visualization on the surface of a model of the Orbital Reentry
Experiment vehicle (OREX) is conducted using silicone and paraftin oils at Mach
number M.=3.0.>" The contour of the OREX model is composed ot a spherical nose
section of %0 mm radius and a foilowing conical flare of i113.3 mm diameter with
an apex half angle of 50 deg. The f{irst derivatives of the two curved surfaces
at the joint line are the same; however, the second derivatives are different.
If we assume that there is no friction, the velocity is accelerated downstream
on a spherical nose, while the velocity on a cone surface with constant half
apex angle is constant. Thus, some irregular flow field will occur at the
junction {ine of the two shapes.

Fig. 7(a) shows a photograph of oil flow visualization made by a mixture of
silicone oil and titanium dioxide (TiO;). There are no visible streaks; however,
at the joint line the oil mixture stopped once, forming a thick circle. The
thickness suddenly becomes thin toward the downstream region. It seems that the
laminar boundary layer separated once at the joint line. The real cause of the
ring is not known vyet.

Fig. 7(b} shows the oil tlow visualization of the same model using a mixture
of paraffin oil and titanium dioxide (TiO,), where the streaks or skin friction
lines appear <clearly. The oil mixture once deposits near the joint line as a
ring; however, the streaks pass the ring downstream. In this case the streaks
have the effect of letting the oil mixture break through the ring and {low
downstream. A clear diiference is observed between the two oil mixtures.

(3 ) Visualization of Separated Flow on Circular Cylinders ¢’

Fig. 8(@) is a schiieren photograph of a circular cylinder at an angle of
attack of a =25 deg in a [ree stream Mach number M.=2.02 (Re. = 1.26 X 107 based
on the length). In spite of the axisymmetric shape of the model side force acts
due to the asymmetric separation of vortices behind the cylinder. Fig. &(b)
shows the separation lines and reattachment Ilines of vortices visualized by a
mixture of paraftin oil and TiO,, where the large shear stress regions are
visualized. This photograph is not enough to tell how the side tiow behaves.

To obtain the whole flow pattern around the cylinder surface we employed a
printing method. After we exposed the cylinder coated to an oil mixture in the
supersonic flow for a certain time at a constant a, we stopped the flow without
changing the angle of attack «a of the model. We gently wrapped the cylinder
with a sheet of soft paper, pattern was printed on the paper as a panoramic view
for a roll angle of 0< ¢ < 360 deg.

Fig. 9%@) shows a printed skin friction flow pattern using a mixture of
silicone oil and carbon black on a circular cylinder 400 mm in length and 54 mm
in diameter. The experiment was carried out at g =15 deg, for M.= 1.77 with the
Reynolds number 1.12x 10 based on the cylinder length. Because we visualized
the cylinder wusing silicone oil, only the separation lines are observed. The
angle of attack of g =15 deg is not so large as to produce an asymmetric
separation, thus, the flow pattern is symmetric with respect to the meridian
tine of 180 deg, showing that the side force is not acting.

Fig. 9(b) shows the separaticn lines of the same cylinder model at an angle
of attack of 25 deg ltor M.=1.77 with the Reynolds number 1.06x 10’. The
secondary separation line on the lett side shifts to the meridian line of 180
deg, thus the side force is acting under this flow condition.

Fig. 10(a) shows a printed flow pattern on an eilipsoidaily blunted cylinder
visualized with the mixture ot paraffin oil and carbon black at « =27 deg for
M.=1.5. The blunted nose diameter ratio of the cylinder i1s a/b=1/6, where a 1is
the diameter of the ellipsoidal nose shape in the axiai direction and b is the
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diameter in the radial direction. Detailed streaks of the skin friction line are
observed. Since the flow pattern is symmetric, this figure means that side force
is not acting.

Fig. 10(b) shows a printed flow pattern on the same ellipsoidally blunted
cylinder at a = 28 deg tor Mach number M.=1.61. The flow pattern is similar to
Fig. 9(b), showing the asymmetric separation of the secondary separation line on
the left side of the cylinder. This suggests that side force is acting.

IlI- 4 . Conclusions

An oil film method was tested using paraffin oil and silicone oil for the
surface flow visualization of models in supersonic flows.
(1) Paraffin oil tends to make streaks on the models, making the surface flow
direction clear. Silicone oil does not draw streaks.
(2) A print method visualizes the panoramic view of separation lines and
reattachment lines on the surface of a cylindrical body.

IV. Surface Flow Visualization with Liquid Crystal (1994)

IV-1 . Introduction

Surface flow visualization with a mixture of oil and pigment is a conventional
and simple method to demonstrate the flow pattern on a model. The method
requires coating with the mixture at each time the wind tunnel is blown. To save
time and work for the preparation we tried using tested ligquid crystals to
visualize the flow pattern on a vehicle model. As a coating, liquid crystal is
enclosed in microcapsules surrounded by Arabian gum and gelatin. The liquid
crystal changes the wave length of reflecting light at particular temperatures.
Before we apply a coat of the liquid crystal to the surface of a model we apply
a black coating to the model to prevent the reflection of light which reaches
the model surface through the liquid crystal coat. By observing the time-
dependent variation of the color on the model surface, we can define the local
variation of the temperature on the model. This method has demonstrated the
measurement of the heating rate on a vehicle model in a hypersonic wind tunnel.
The recovery factor and the recovery temperature on a model depend on whether
the flow is laminar or turbulent. Utilizing this difference, some researchers
have shown that liquid crystal is useful in visualizing turbulent wedges,
separation lines and transition lines on the surface of a wing model in the
transonic region by selecting suitable phase change temperatures of liquid
crystals?- 8- 47,

In the present experiment, we have conducted tests to determine out whether
liquid crystal is useful in visualizing the flow pattern on a total supersonic
transport model. This is based on the fact that the adiabatic recovery
temperature on the model surface is lower than the stagnation temperature of the
air stored in the tank and the recovery temperature on the wall is different,
depending on whether the flow is laminar or turbulent and on the local heat
transfer rate. The necklace vortices produced on the main wings in front of the
engines are the focus of our test.

IV-2 . Model and Liquid Crystal

We have utilized the lower side of a supersonic transport model to visualize
temperature variations with liquid crystal. Since this model is fabricated to
measure the aerodynamic forces by six-force balance, a number of small disks 2
mm in diameter are attached in line as roughness on the leading edges of wings
and on the nose section of the tuselage to simulate the turbulent boundary layer
in the real flight of a transport. We applied a black coating (SSM-8, made by
Nippon Capsule Products) to the model to prevent reflection of light on the
model metal surface. After the black coating was completely dry we applied a
coating of the liquid crystal (RM-02, made by the same company). The color
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change temperatures are -1.2, 0.1, 1.0, 2.3 and 3.1 deg C, for which different
colors correspond. These specimens are shown later. In Fig. 12 the coated
transport model is shown. We recorded the color change of the transport model in
wind tunnel tests with on an 8 mm video camera. Later we printed out the
typical frames of the color change with a video printer.

1V-3 .Results and Discussions
We carried out the experiment three times at the angie of a =0°.

Test run # Re. T.("C) M. Ta(” C) L. crystat#
16182 2.151x 107 17.5 2.02 V4.2 RMO2
16183 2.124x 107 17.3 2.02 14.2 RMO02
16184 2.117x 107 17.3 2.01 1.3 RMO2+RM810

Reference length is the total model length, £=0.7315 m.

Figs. 13(a), (b), (c), (d), (e), (f) and (g) show the color change of the
model during the wind tunnel test at Run #16183. Against our expectation the
color change at the wings caused by the necklace vortices under the interaction
of the boundary layer and the shock wave around the engine nacelles were not
clearly demonstrated.

Fig. 13(b) shows the photograph at 5 s after the start of the blow. Judging
from the color the temperature begins to drop at the leading edge of the main
wings and at the edges ot the engine nacelle. In Fig. 13(c) at 10 s the
temperatures of the leading edge of strakes and the whole main wings begin to
drop. In Fig. 13(d) at 1i5s the temperature begins to drop on the whole strake
and the fuselage. As shown in Fig. 13(e) at 20 s and Fig. 13(f) at 23 s the
fuselage temperatures tinally begin to decrease. For reference Fig. 13(g) 20 s
later from the end of the blow is shown. Because of the adiabatic expansion of
the surrounding air the temperature of the model suddenly begins to drop. Thus
the model suddenly changes «color to that of a lower temperature. The
correspondence of the color and the temperature is shown on the side of Fig.
13(g).

In these Figures, the interaction regions between the boundary layer and the
shock wave due to the existence of the nacelles of the engines were not observed
by color change. It seems that a difference of temperature large enough to
change the color of the liquid crystal did not occur because the roughness is
attached to the edge of the transport model to change the surface flow
turbulent. We infer the reasons as follows:

The adiabatic recovery temperature T,., is determined by a recovery factor r.

Tow=Tofi+r(y -1) Mo?/2} (1

At a stagnation point r=1.0, thus T.,=Ty. Generally, r< 1.0, so that,
To= Tofl+ (7 -1) Mo*/2}
= Tall+r(y -1) Mo?/21=T,., (2)

Take Pr as the Prandtl number with the value Pr=0.72. For a laminar boundary
layer, the recovery factor ol a surface parallel to the free stream is r=Pr% 5,
yielding r=0.849, while for a turbulent boundary layer, the recovery factor is
r=Pr® 3, vyielding r=0.896. In either case, the surface recovery temperature T..
becomes lower than the stagnation temperature T, so that the surface temperature
begins to tfall after the wind tunnel blows. [f a laminar boundary layer turns to
a turbulent boundary layer on a surface across a certain border line upstream
the engine nacelles the recovery factor r changes from 0.849 to 0.896.
Consequently, the adiabatic recovery wall temperature T,. in the turbulent
region i1s higher than in the laminar region. The heating rate, however, becomes
greater in the turbulent region than in the laminar region. Thus the surface
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temperature in the turbulent region must have decreased faster than the laminar
region across the border. A clear color difference must exist across the border
i1 the dissipation ot heat 1s small. In the present experiment, however, the
boundary layer was artificially changed to turbulent by the roughness at the
edge of the model and that the model was made of metal with a large heat
conductivity. Consequently, a temperature difterence caused by the change from
the laminar boundary layer to the turbulent boundary layer does not exist so
that the necklace vortices in front of the engine nacelle were not captured by
the present liquid crystal method.

IV-4 .Conclusions

The liquid crystal method of observing the temperature difference was not
useful in detecting the location of the necklace vortices in front of the engine
nacelles on a transport modei where the boundary layer is artificially changed
to turbulent.

V. CONCLUDING REMARKS

Surface flow visualization of supersonic vehicles was conducted using silicone
oit, paraffin oil and powders of titanium dioxide and carbon black. The
visualization experiments concludes that:

(1) An oil film method is advantageous than an oil dots method in supersonic
flow to make a surface flow visible.

( 2 ) Paraffin oil tends to make streaks on surface flow, while silicone oil
does not.

(3) A print method visualizes the panoramic view of separation lines,
reattachment lines, and streaks ot skin friction lines on the surface of a
cylindrical body.

(4) The liquid crystal method of observing the temperature difference was
not useful in detecting the location of the necklace vortices in front of the

engine nacelles on a transport model where the boundary layer is artificially
changed to turbulent.
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Fig.1 Preparation for surface flow visualization by an oil
dots method (left) and an oil film method (right).

Fig.2 Oil flow visualization near the main wings.
Vortex separation lines, reattachment line on fuselage and
transition after artificial roughness are visible.

Fig.3 Flow Visualization near the vertical tail plane.
Note the flow around the artificial roughness.
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Fig.4 Simulation of roughness disks on the transport

mode]
using the wall of the supersonic wind tunnel (Imx 1m).
Disks 10mm ¢ with 1mm thickness are attached at 20mm
intervals. The mixture of paraffin oil and TiO; is applied

in front of the disks.

Fig.5 Simulation of roughness disks on the wall of the
supersonic wind tunnel. Disks 10mm ¢ with 'mm thickness are
attached at 20mm intervals. A mixture of paraffin oil and

TiO, is applied behind the disks. Turbulent wedges appear
after the disks wiping oil downstream.
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Fig.6(a) Surface flow downstream of
disks by a mixture of silicone oil and
carbon black is printed on a sheet of
soft paper. Streak is invisible. M.=2.0

Fig.6(b) Surface flow downstream of
disks by a mixture of paraffin oil and
carbon black is printed on a sheet of
soft paper. Streaks are observed. M..=2.0

Fig.7(a) Surface oil flow on a Orbital
Reentry Experiment vehicle (OREX) model
using a mixture of silicone oil and
TiO,. A ring is observed at the junction
line of curvatures.

flow on a Orbital

Surface oil :
Reentry Experiment vehicle (OREX) model

Fig.7(b)

oil and

using a mixture of paraffin ' ]
TiO,. A ring is observed at the junction
line of curvatures. Streaks wash the

deposited mixture downstream.
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Fig.8(a) Schlieren photograph of a cylinder at a =25 deg for
M.=2.02 (Re.=1.26X 107). Side force is acting.

Secondary Separation Line (R2)

Primary Separation Line (R1)
Right /

‘\*stl’>>zﬂ/’,,f,,./;7f— Reattached Linc

Meridian of ¢ 180 deg Secondary Separation Line (L2)

Primary Separation Line (L1)

Fig.8(b) Oil flow pattern on the lee side of the cylinder of
Fig.8(a) with a mixture of paraffin oil and TiO,. The
separation lines on the :ides and the reattachment region
with large shear stress on the lee side are observed.
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Fig.9(a) Printed figure of surface oil
flow of a flat faced cylinder for roli
angle 0< ¢ <£360. Mixture of silicone
oil and carbon black is used. Separation
lines are visible, however, streak is
invisible. a=15 deg, M.=1.77, Re.=
1.12x 107. No side force acts.
left i i i 5
i e PRy .j : }
right % 200 300 ' “w
M.=1.77, a=25°
Fig.9(b) Printed figure of surface oil
flow of a flat faced cylinder. Mixture
of silicone oil and carbon black is
used. Secondary separation lines are
asymmetric, thus, side force 1is acting.
a =25 deg, M.=1.77, Re.= 1.12x 107,
Fig.11 Visualization of side wall
by print method at M.=3.5.

flow of supersonic engine
Mixture of paraffin and TiO,

-

primary separation line L1

left \ secondary separation line L2 ——
T P S BN 2 —
j . Bl ls A AT T
A S | > Frg D B
4 e J " EE v},.._-/‘ A o ' T, __‘1
— Rz PRI~ 41 - -
- 100 200 300 0
right M.=1.50, a=27
Fig.10(a) Printed figure of surface oil
flow of an ellipsoidally blunted
cylinder (b/a=1/6) for rol! angle

0< ¢ <360. Mixture of paraffin oil and

13

180* 90°

270°

carbon black is used. Separation lines,
reattachment lines and streaks are
visible. a =27 deg, M..=1.50, Re.=
1.06% 107.
R BT .
A AT e B
T EE J b S 1‘_ ”LB
’ 1o z 300 400
M.=1.61, a=28
ig.10(b) Printed figure of surface oil
E[':Ilog\.v ( )of an ellipsoidally bluntqd
cylinder (b/a=1/6). Mixture of‘ paraf_fm
oil and carbon black is used. Separation
lines, reattachment lines and streaks
are visible. a =28 deg, M.=1.61, Ren=
1.06x% 107.

- I
side wall " first ramp

,3Y-LyE
intake model
is used. Shock

wave boundary layer interaction from the first ramp corner is observed.
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F.ig.jz Lower side of supersonic transport model is coated with
liquid crystal paint. Four engine nacelles are attached.

Fig.13(a) Transport model just before Fig.13(b Trans‘ort ’model after  the
the blow at a =0 deg tor M.=2.0, t=0s. mg\}v, (t:)ﬁs. ’ ’ l

Fig.13(c) Transport model after the Fig.13(d) Transport = model after the
blow. t=10s. blow. t=15s.
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Fig.13(e) Transport model after the Fig.13(f) Transport model
blow. t=20s. blow. t=23s.

the

Fig.13(g) Transport model after the stop
of the blow. t=20s.
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Drag Measurement of a Complete Aircraft Model
in Wind Tunnel Testing

Nobuyuki TSUBOI, Takeshi KAIDEN, Hideki NOMOTO, Masaru KODAMA and Keiji SATO
Mitsubishi Heavy Industries, Ltd. , Nagoya, Japan
and
Takashi YOSHINAGA, Junichi NODA, Hideo SEKINE, Atsushi TATE and Mitsunori WATANABE
National Aerospace Laboratory, Tokyo, Japan

1 Introduction

National Aerospace Laboratory and Mitsubishi Heavy Industries executed a series of research on
high speed wind tunnel testing of a scale model of a supersonic transport aircraft from 1992 to 1994.
The research history for those three years is shown in Figure 1. In 1992, wind tunnel testing of a
complete aircraft was conducted to obtain basic aerodynamic characteristics at supersonic speeds. As
a result, it was found that the neutral point moved backward approximately 6 % at M = 2.0 when
no trim was taken. In 1993, based on the above result, wind tunnel testing for stabilizer control
effectiveness was conducted to schedule the center of gravity in order to eliminate any drag increment
due to trim. However, the maximum lift to drag ratio(at M = 2.0, with trim, corrected to actual size)
obtained in 1992 and 1993 was 7.2, which is not higher than that of the Concorde. One of the causes
was thought to be a spillage forward of the nacelles as a result of oil flow testing in 1992. Hence, in
1994, wind tunnel testing was conducted to investigate the cause of the spillage. The purpose of this
paper is to report the results, by year, of the research conducted from 1992 to 1994,

2 Wind Tunnel Testing in 1992

2.1 Purpose of the Wind Tunnel Testing

e Evaluation of Basic Aerodynamic Characteristics at Supersonic Speed

2.2 Test Conditions

(1) Wind Tunnel
e Supersonic Wind Tunnel of National Aerospace Laboratory

(2) Flow Conditions
o M =14,1.7,20
oo =-2°~12°
e 3 =10°5"°
® Re=6.3~ 7.3 x 10° (Based on M.A.C.)
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(3) Measurement
¢ Six-Component Forces of a Complete Aircraft Configuration
e Oil Flow on Upper and Lower Surface of Main Wing
e Static and Total Pressure at Nacelle Nozzle Exit
e Schlieren Photograph around a Complete Aircraft

(4) Wind Tunnel Test Model
The wind tunnel test model is based on the supersonic transport conﬁguta.tionll] with a
horizontal tail as a result of the study in 1991 conducted by Mitsubishi Heavy Industries. The

model outline drawing is shown in Figure 2 and the model installation concept in the wind tunnel
is shown in Figure 3.

2.3 Results and Discussions

(1) Results of Six-Component Forces

The lift to drag ratio (L/D) ~ CL curve at M = 2.0 is shown in Figure 4. It is understood
that the maximum lift to drag ratio ( with no trim, corrected to actual size ) at cruise Mach
number ( 2.0 )is 7.3 at CL = 0.125. Since the maximum lift to drag ratio of the Concorde is 7.3
(M = 2.05)[2] , the lift to drag ratio of the proposed configuration is equal to that of the Concorde.
The neutral point calculated from the results of the wind tunnel testing is shown in Figure 5. It
is 61.4 % M.A.C. at M = 0.6 but it moves backward approximately 6 % at supersonic speeds.
Since some trim drag increment and some maximum lift to drag ratio reduction are included

by the neutral point moving backward, the center of gravity position should be scheduled to
prevent the trim drag increment.

(2) Results of Flow Visualization

A Schlieren photograph at M = 2.0 is shown in Figure 6. In this photograph, it can be seen
that a shock wave propagates from the nacelle on the under surface of the model to the rear of
the model. It is considered that the shock wave is generated at the external compression type
air intake.

(3) Results of Oil Flow

Oil flow testing results at M = 2.0 is shown in Figure 7. It is considered that the oil flow

pattern in front of the nacelle is due to spillage, which results in reduction of the lift to drag
ratio.

2.4 Summary

Results of wind tunnel testing in 1992 are summarized as follows:

(1) The basic aerodynamic characteristics of a complete aircraft at supersonic speed was obtained

and the maximum lift to drag ratio of 7.3 { with no trim, corrected to actual size ) at M = 2.0
was acquired.

(2) The neutral point at supersonic speed moves backward approximately 6 % in comparison with
that at subsonic speed.

(3) Oil Flow testing around the nacelle at supersonic cruise speed shows that spillage occurs at the
air intake.

Therefore, it was determined that in order to prevent any trim drag increment, wind tunnel testing

acquire data on the stabilizer control effectiveness for the optimum center of gravity position should
be conducted in 1993.
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3 Wind Tunnel Testing in 1993

3.1 Purpose of the Wind Tunnel Testing

s Acquisition of the Stabilizer Control Effectiveness

3.2 Test Conditions

(1) Wind Tunnel
¢ Supersonic Wind Tunnel of National Aerospace Laboratory

(2) Flow Conditions
o M =14,1.7,20
e =-2°~12°
e g=0°
¢ Re = 6.3 ~ 7.3 x 10% (Based on M.A.C.)

(3) Measurement
e Six-Component Forces of a Complete Aircraft Configuration
¢ Schlieren Photograph around a Complete Aircraft

(4) Wind Tunnel Test Model
The strut sting shown in Figure 8 was fabricated in order to deflect the stabilizer at both
positive and negative angles.

3.3 Results and Discussions

(1) Results of Six-Component Forces

Pitching moment coefficient versus stabilizer deflection angle is shown in Figure 9. From the
fact that the difference ACm at negative deflection angles from Cm with 6h = 0° is higher than
that at positive deflection angles, it is understood that the control effectiveness at a negative
deflection angle is higher than that at a positive one. For the above reason, it is considered
that since the fairing is provided on the fuselage aft under surface, the flow from the aircraft
under surface to the upper surface is included and thus control effectiveness at positive deflection
angles is reduced.

(2) Results of Calculation of Optimum Center of Gravity

Figure 10 shows the relation between drag coefficient at 1G trim and center of gravity at
various Mach numbers., Maximum lift to drag ratio on the trim flight at M = 2.0 is 7.2. Opti-
mum centers of gravity that minimize the trim drag are nearly 66 % at any Mach number. As a
result of the arithmetic averaging of the optimum centers of gravity at M = 1.7 and 2.0, those
at speeds of M = 1.5 ~ 2.0 are determined to be 66.5 % (Figure 11).

Figure 12 shows lift to drag ratio with and without a longitudinal stability compensation con-
trol. Without longitudinal stability compensation control, the longitudinal stability is negative
with the center of gravity of 66.5 %. Hence, in order to provide positive longitudinal stability
without compensation control, the center of gravity should be 20.1 % forward from the position
where the trim drag is minimum, and thus the lift to drag ratio should be decreased to 5.4. On
the other hand, with compensation control, the center of gravity can be located at the optimum
position and thus the lift to drag ratio can be improve by 1.8 over than without such control.
Hence, it can be said that the use of longitudinal stability compensation control is an effective
means to improve lift to drag ratio.
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3.4 Summary

Results of wind tunnel testing in 1993 are summarized as follows:
(1) The stabilizer control effectiveness was acquired and the optimum center of gravity was obtained.

{2) The maximum lift to drag ratio of 7.2 at M = 2.0 (with trim, corrected to actual size) was
obtained.

(3) It could be confirmed that the longitudinal stability compensation control was effective for
improvement of lift to drag ratio.

As a result of the 1993 tests, the lift to drag with trim could be acquired by stabilizer control
effectiveness at supersonic cruise speed. Hence, it was determined that the spillage phenomenron in
front of the nacelle ( refer to the oil flow testing results in 1992 ) that was considered to be a cause of
drag increment, should be investigated in 1994 in order to improve lift to drag ratio.

4 Wind Tunnel Testing in 1994

4.1 Purpose of the Wind Tunnel Testing

¢ Investigation of the Spillage in front of the Nacelle
e Evaluation of the Effect of Azimuthal Angle of Nacelle

4.2 Background of Wind Tunnel Testing

As a result of oil flow tests in 1992, spillage was observed in {ront of the nacelle on the wing under
surface. The cause has been thought to be that the boundary layer flows into the nacelle inside, the
flow is choked in the nacelle and the spillage consequently occurs since the diverter height is less than
the boundary layer thickness § on the wing surface ( estimated using the Van-Driest method ) at
the wind tunnel testing Reynolds number. Therefore, the cause of the spillage in front of the nacelle
should be investigated by using various diverter heights taller than the boundary layer thickness.

On the other hand, changing the azimuthal angle of the nacelle can be considered as one method
to reduce drag of complete aircraft due to the wing/nacelle interaction’]. The nacelles in this con-
figuration were attached to the wing in parallel to the body axis. But as a result of wind tunnel
testing in 1992, the flow around the nacelles on the wing under surface had some azimuthal angles in
the spanwise direction and their angles were approximately 1.8° for the inboard nacelle and 3.0° for
the outboard nacelle. Since those are considered to be the cause of drag increment, the possibility of
reducing the drag of the complete aircraft should be investigated by changing the axis of the nacelle
so that they are parallel to the out flow on the wing under surface.

Based on the above background, the wind tunnel testing was conducted.

4.3 Test Conditions

(1) Wind Tunnel
e Supersonic Wind Tunnel of National Aerospace Laboratory

(2) Flow Conditions

e M =20
e =-2°~12°
Oﬂ:O"

e Re =7.3 x 10% (Based on M.A.C.)
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(3) Measurement
¢ Six-Component Forces of a Complete Aircraft Configuration
» Oil Flow on Lower Surface of Main Wing
¢ Static and Total Pressure at Nacelle Nozzle Exit
¢ Schlieren Photograph around Complete Aircraft

(4) Wind Tunnel Test Model
In order to conduct (i) the change of diverter height and (ii) the change of azimuthal angle
of nacelle based on the model used in 1992 and 1993, some spacers of the same plane figure
as the diverter were fabricated to change the height and the azimuthal angel by being inserted
between the diverter and the wing(Figure 13).

4.4 Results and Discussions

(1) Effect of Diverter Height

(a)

(b)

Oil Flow Results

(i) Oil Flow on the Wing under Surface
Figure 14 shows results of oil flow around the nacelles on the wing under surface
with various diverter heights. As the case of the original diverter height ( Figure 14(a))
and the case of the diverter height equal to 6 (boundary layer thickness on wing at air
intake)(Figure 14(b)) are compared with each other, the oil flow patierns between the
inboard and outboard nacelle are different from each other. It is considered that the
compression waves generated by the interaction between the nacelle and the boundary
layer affect the flow on the wing under surface. When a diverter height of é (Figure
14(b)) a diverter height of 5 § (Figure 14 (c)) are compared with each other, it can be
seen that the separation line between the leit and right inboard nacelles for the latter
is wider than that for the former. But it is considered that the oil flow patterns around
the nacelles are not affected so much even though the diverter height is changed.
Next, testing with closed nacelle exits was conducted to investigate whether the
choking existed in the nacelle internal flow. The separation line with closed nacelle
exits (Figure 14(d) left) is moved farther upstream than with opened nacelle exits
(Figure 14(d) right), and also the flow patterns between the inboard and outboard
nacelles are much different. From the above fact, it is thought that the nacelle internal
flow is not choked even at the original diverter height.
(ii) Oil Flow on the Side of Nacelle
Figure 15 shows the results of oil flow on the side of the nacelle in case of various
diverter heights. With the original diverter height (Figure 15(a)), the shock wave
reflection traces are seen on the side of the inboard nacelle and those traces are also
seen both when the diverter height is equal to § (Figure 15(b)) and when it is equal to
56 (Figure 15(c)). Hence, it can be said that diverter height variation has no influence
on the oil flow pattern on the side of the nacelle.
Mass Flow Ratio of Nacelle Internal Flow
Mass fiow ratio of nacelle internal flow is calculated from the total pressure in the nacelle
using Rayleigh’s formula for pitot tubes. As a result, with the original diverter height for
which it was considered that the nacelle internal flow might be choked due to the wing
surface boundary layer flowing into the nacelle, the mass flow ratio of nacelle internal flow
at o = 0° was 92 % (obtained in 1992). But even when the diverter height was 5§ (this
obviously was assuming that the wing surface boundary layer did not go into the nacelle
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and thus the nacelle internal flow was not choked ), the mass flow ratio of nacelle internal

flow at o = 0° was 94 %. Therefore, it is considered that the nacelle internal flow is not
choked and flows sufficiently.

As a result of the wind tunnel testing with various diverter heights, it is found that flow goes
sufficiently in the nacelle with the original diverter height. So, it can be concluded that the oil

flow pattern on the wing under surface is not affected by spillage generated due to choking in
the nacelle.

(2) Effect of Change of Nacelle Azimuthal Angle
Figure 16 shows ACpp with various nacelle azimuthal angles. When the nacelle azimuthal
angle was changed, with diverter heights of 26 and 56 , the variation of drag coefficient is a few
counts and no significant effect of nacelle azimuthal angle was observed. It is considered that
since base drag generated at the aft end of the diverter was large, the effect of change of nacelle
azimuthal angle could not be captured.

(3) Study of the Flowfield Structure near the Nacelle
According to the results in paragraph (1), it is found that the oil flow pattern observed with
the original diverter height is not separated shock wave caused by choking in the nacelle. Hence,
the flowfield structure near the nacelle is studied in detail since the oil flow pattern is considered -

to be caused by physical phenomenon which is the interaction between the shock wave and the
boundary layer.

(a) Flowfield with the Interaction between Shock Wave and Boundary Layer

When a wedge on a flat plate is placed in a supersonic flow (Figure 17), it is well known
that a significant physical phenomenon can be observed(®*. That is, the shock wave near
the flat plate bifurcates into a separation shock wave and a rear shock wave due to the
interaction with the boundary layer on the flat plate, and consequently forms a A shaped
shock wave. The boundary layer separates from the flat plate at S1 due to the interaction
with the separation shock wave. The separated shock flow is accelerated by expansion waves
( which are generated due to the rear shock wave interacting with the separated boundary
layer ) between contact discontinuity and the separated boundary layer passing through
the rear shock wave. The accelerated flow impinges upon the flat plate at A1 but some
flow is directed back upstream. This reserve flow then encounters secondary separation at

S2. Hence, separation lines of S1 and S2, and the attachment line A1 should be seen in oil
flow testing.

(b) Flowfield near the Nacelle

Figure 18 shows results of oil flow on the wing under surface with the diverter height of
§. Primary separation line S1 and secondary separation line S2 similar to those in Figure
17 which, it is supposed, occur due to the interaction between the shock wave generated
at air intake and the boundary layer, can be seen on the wing under surface. But the
attachment line can not clearly be seen in Figure 18. The separation line S3, which are
made by combining S1 and S2, can be seen between the inboard and outboard nacelles.
In Figure 18, shock wave traces D can be seen on the lower surfaces of the inboard and
outboard nacelles. Similar traces can be seen on the side of the nacelle (Figure 19 (a)).
These traces are considered to be made by the shock wave from the air intake (Figure

19(b)).

By the above results, it is found that the oil flow pattern on the wing under surface is due to
the complicated interaction between the shock waves from the nacelles and the boundary layer.
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4.5 Summary

Results of wind tunnel testing in 1994 are summarized as follows:

(1) Tt is considered that the oil flow pattern in front of the nacelle is not caused by the spillage
but rather by the complicated interaction between the shock waves from the nacelle and ihe
boundary layer on the wing under surface.

(a) No essential change of oil flow pattern can be seen with various diverter heights and it
can be concluded that the spillage is a small amount even with the original diverter height
judging from the mass flow ratio of the nacelle internal flow.

(b} As the oil fiow results in the wind tunnel testing are compared with the structure of the
flowfield for a wedge mounted on a flat plate at supersonic speed, it can be concluded that
the oil flow pattern in front of the nacelle is due to the interaction between the shock waves
from the nacelle and the flat plate boundary layer.

(2) Little effect on the drag of the complete aircraft with various azimuthal angles of nacelle is
obtained in this wind tunnel testing.

5 Conclusions

High speed wind tunnel testing using a full configuration scale model of a supersonic transport and
the evaluation of its aerodynamic characteristics were conducted from 1992 to 1994. As a resalt, it is
concluded that even a small scale model investigation of aerodynamic characteristics can be performed.
It is considered that more wind tunnel testing needs to be conducted using lager models to realize
improvement of the aerodynamic characteristics of the supersonic transport.
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Figure 6 Schlieren Photograph at M = 2.0 and a ~ 0°

Figure 7 O0il Flow at M=2.0 and a= 0.8
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Figure 17 Conceptual Figure of Flow Field of Interaction
between Shock Wave and Boundary Layer
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Figure 18 Outline of Wing under Surface Flow Field
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Figure 19 Outline of Flowfield on Side of Nacelle
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Prediction method of boundary layer transition in 3-D compressible flow

Yoji Ishida
National Aerospace Laboratory
Aircraft Aerodynamics Division

1. Introduction

The requirement for a highly accurate method of predicting the 3-D
compressible boundary layer transition location over a wing and body of a
real aircraft is now increasing in relation to the worldwide trend of
developing a so called “next generation” high speed civil transport (HSCT) or
space plane with a large drag reduction.

Accurate prediction of transition location is crucial to the successful design
of drag reduction techniques such as laminar-flow-control(LFC) and natural
laminar flow(NLF). Direct numerical simulation of the transition process
with the Navier-Stokes equation , the most rigorous treatment, is however
still far beyond the capability of current computers, and is not practicable in
the design phase. We must therefore rely on some approximate methods. The
eN method ,for example, is one of these and is a semi-empirical method in the
sense that the factor N for the transition is determined only empirically
about 9. But its less empiricism than other methods stimulates us to apply it
to the three-dimensional boundary layer, although it is not so
straightforward.

The numerical system for predicting the transition location of the
boundary layers over supersonic wings described in this report consists of the
calculations of the three-dimensional boundary layer , its linear stability
characteristics and N factor. Each of the three calculations requires a lot of
computing time and a rather complex interference procedure (interpolation
or extrapolation of the data) between each calculation. Therefore to save
computing time and make the resultant numerical system as simple as
possible an efficient algorithm must be adopted: we have used the same
computing algorithm for both the boundary layer and the linear stability
calculation. The outline of the system will be described in this report.

2.  eNmethod
2.1 Governing equation
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We examine if small disturbances (u,v,w,p,T,p) superimposed to 3-D

compressible laminar boundary layer — the basic flow — would spatially
grow or decay. The fundamental assumption in the analysis is that the basic
flow is parallel, i.e. a function of only the y ordinate and the resultant
governing equation for the disturbances derived from both the Navier-Stokes
equation and the energy equation can be linearized because of the small
disturbance assumption. The disturbances are written as
(s, v, w) = [i(y), "(»), () Jexpli(ax + Bz - wt)]

p = p(y)expli(ax + Bz - wi)]

T= T( y)exp[i(ax + Bz - mt)] (1)

p = B(y)expli(ox + pz - wr)]
in which all variables are non-dimensionalized by some reference velocity
and length. Then the disturbance equations are described in term of

~ o~ A A

(@,v,w,p,T,p) , their y derivatives , wave numbers a and B, frequency
and basic flow velocities U(y),W(y). The boundary condition is

T-0, at y =0

wyw Tl — 0 as y—® 2)

=2
1"
i
3
1
ﬁ
I

Following Mack?, the disturbance equations are transformed into a system

of first order ordinary differential equations
dp. ¢ |
i _Sao, i=12,-8 3)
dy JZ yvl ( )

where
¢1~=C117+I3‘7’> o, = do,/dy, ¢,=V, ¢,=P,
¢5:T’ ¢6=d¢5/dy’ ¢7=aw—ﬁl’7, ¢s=d¢7/dy: (4)

and then the boundary condition equation (2) becomes

b, =0, =¢;=¢,=0 at y =0

¢17¢3’¢)5’¢7 - O as y—)OO_ (5)
We solve equation (3), following Malik?, by the Euler-Maclaurin finite
difference scheme:

k k-1 2 k 2 k-1
lyk —‘“I!k_] - Al + dqj —A2 d II: + d lp2
dy dy dy dy

where A =h /2, A, =h}/12. To apply equation (6) to equation (3), we put
8 8
v={¢ }, d‘P/dy={2aij ]], dlef/dy2={2b,.j¢]} )
7=] j=

)+o(hz>, ©)

where
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8

b, =da, /dy + Za,.,a,j .

Substitution of equatlon (7 1nto equation (6) yields

0" - AZaUcb + A Zbgmb
_ k}_ Aza:1¢)kl+A2bk_lkl} 0’

which is rewritten as

2& 20**'—0 : ®)

where
j —A]a; + Azb,.f a#j)
})Uk —
[ 1-Aag + Ab; i=y)
—Aa)” + ADT G#j)
0, =
1-Aa;™ + A,b} a=p.

2.2  Solution of eigenvalue problem and calculation of the N factor
As is well known , equation (8) and boundary condition (5) constitute an
eigenvalue problem. To get its non-trivial solution we first drop the
boundary condition ¢,=0 and instead impose ¢,=1 (this means that p is
normalized);
¢ =0, =0,=0,0, =1 aty=0, (9a)
¢, 05,45.0, 0, as y—, (9b)
and then determine the eigenvalues to satisfy the dropped condition.
Numerical treatment of the boundary condition,equation (9b), is not easy
in this form and so, following Mack? ,we replaced the condition by analytic
solution of equation (3) which can be obtained by using the fact that as at y
— oo the characteristics of the basic flow are constant and y derivatives of
flow variables are zero, a; in the right hand side of equation (3) becomes
constant aj.
Now equations (8), with boundary condition (9), are expressed in matrix-

vector form
I =r (10)
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where I1,6 and r are .
AO CO 6O r()
Bl Al C] 61 rl
Il = B A4 C d =139, r=1|r (11)
Bj—l A} -1 CJ-l d 31 j-1
0 r
> L L7
where

(¢8), (rS)J

and A4,,B,,C, are the 8 X8 matrix (details are omitted here).

A A

The solution of equation (10) which can be obtained by the block-
elimination method depends on o, f,w, R 1.e.

0 =9(a,B,w, R) (12)
which in the spatial amplification theory (i.e.w =real) means that 4 depends
on six scalar quantities (a,,a]., 8.8, w, R). The dropped boundary condition
o,(a, B, w,R)=0 at y=0 (13)
can determine only two eigenvalues. In the spatial amplification theory w:
and R are given and thus a relationship between two wave numbers a and
B is required. The relationship can be computed by making use of concepts
based on group velocity using the saddle-point method (Gaster?, Cebeci-
Stewartson4).
According to this method; let us consider an oscillatory disturbance with.
period2n/w generated at the origin so that the disturbance at large finite
values of x,z may be assumed to be of the form

Ox,y.2.1)= 7 [0(t, p.w)e @+ ) g (14)
c
where ¢ is a contour in the complex plane of B extending to ° in either

direction. Q is a determinate function whose properties are such that the
integral converges. a in equation (14) is a function of 8 and o found by

solving equation (10). Now for any ray in the (x,z) plane and passing through
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the origin, we can write

z =Xxtany (15)
with y denoting a constant, and look for the dominant contribution to Q
along this ray as x — «. This comes from the saddle point f of ax + Bz,
regarded as a function of B , which occurs when

(a_a) x+z=0 . (16)
B/ ..
Since x and z are real, the imaginary part of dc/9f must be zero to satisfy

eqation (16). Combining equations (15) and (16) we can write the relation

da z
(E)M = - — = —tany 17)

x
which gives another relationship between o and  and the wave orientaion

and growth direction of the disturbance. Now we can solve equation (10) with
equations (13) and (17). Before describing details of the solution procedure,
we describe how to use the solution in the eN method.

2.2.1 Neutral stability curve — Zarf 93
The grthh rate of spatially developing disturbance I is given from
equation (17) as
F=a,-B,tany =a, - B,(60/0B) (18)

i

where I' <0 means amplified, T >0 damped and I =0 neutral. In order that
I'=0 for any vy , the conditions

a,=B,=0 and da/op =real (19)
must be satisfied. The neutral stability curve on which the condition is
satisfied is refered to as Zarf by Cebeci. In the eN method the integration of
the growth rate starts from the neutral point, so we must first determine the
Zarf.

First fix the starting point of calculation (x,z) near the leading edge. The
velocity and temperature distributions of the basic flow and Reynolds
number are now given. Then equation (13) is written as

¢,(a,B,0)=0. (20)
a,,B, being zero from equation (19), the relation contains three unknowns
(,,B,,®) . The second equation in equation (19) and equation (20) can now
determine o, B, and o as follows. When o is constant in equation (20), it

gives
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_ (9% 9} s -
d¢1—(aa)ﬂda+(aﬁ)udﬁ 0 (21)

Therefore da/af/in equation (19) is given by
o (30,/0p),
(30, /0a),

As we use an iteration method to get the solutions of a, B, , it is necessary to

calculate the corrections (3ct,88,8w) to initial guesses of ‘(a”, Bv,mv)  If we

22)

expand equation (20) about (a", B”,w") and neglect higher order terms, we

get
99, 99, 99,,
o, +iﬁa+—;—g—6ﬁ +%6m =0 (23a)
99, 99, ¢,
—Lda + 1B + 8w =0 . 23b
O+ b L (23b)
Similarly if we expand equation (22), we get
e+ P 80+ 58+ 950 - 0 24)
da. ap 0w

The imaginary part of a,p are zero and so is that of da/dB or e. Therefore
we must seek the values of «,f,0 which makes the imaginary part of

equation (26) zero, i.e.

0 0 d
“ o + iﬁﬁ + %
aa ap dw

If we solve equation (23) and (25) forda, 38, 0w , we get
St =[¢1,(¢,Me,ﬁ = 01580 )+ 01 (01500 — P10 ) =€ (01 000 — 01001 )]/ A (26a)
8 = [0, (0100 ~91.00) = 010 (01,00, — €1 ) + € (01,00, - 0,01, )]/ & (@6D)
S0 = [cp,m (61616 = 015 )~ ria (61,85 — €010 )+ €0 (01,01, -¢I,B¢,,)]/ A (260)
where

A= elu(¢1rﬁ¢]1w ‘¢1,5¢1,w)_em(¢1m¢1,m —q)l)u(blrm)_elm ((b]ra(plrﬂ _¢1:a¢lrﬁ) 27

and suffix / and» means imaginary and real part, respectively and suffixa,

e +

ow =0 (25)

and o means partial derivatives for each variable. The iteration will be
continued until these correction terms &a,8B,8w becomes less than ¢, a

specified small quantity. When 8o =88 =8w =0, equation (25) certainly
gives ¢ =0.
The derivatives ¢1..9,, and e,,e; in equations (22),(23) and (24) are

obtained as follows. From equation (22)
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T
¢'1a
we can get the partial derivatives of ¢ as follows:
L (28a)
¢Ta ¢'lu
¢ ¢
=t Dy (28b)
la la
oy - -t Sy (28¢)
q)la ¢la

The o,f and o derivatives of ¢, in equation (28) are calculated as follows:
for example in the case of ¢, , if we first differentiate equation (10) with «
and then with, we get

2 2
As the coefficient matrix IT of this equation is the same as that of equation
(10), we can use the solution algorithm of equation (10) when the right hand

side of equation (29) is known. The derivatives of II can immediately be
obtained from equation (11) and 98/da,38/9B can be obtained by solving the

following equations
38 oIl

II—=-—"-8, and —=——8 (30)
aoL aa ap ap
In the same way the aa,pp,aw, pw derivatives can be obtained.
We now summarize the first step of eigenvalue calculation on Zarf :

(1) solve equation (10) for some initial guess of o,B,w .
(I) if the value of ¢, at y=0 does not satisfy equation (20), the correction
terms da,d8f,0w are calculated from equation (26).
(IN) if 8ax,8B,8w < ¢ the iteration is stopped, and if not, return to step (I)
and repeat the same procedure. When the iteration finishes, ¢ is the real
value which gives the direction of wave propagation.
(IV) repeat the calculation of the eigenvalues for various (x,z) positions.

In practical calculation some care is required because, although in this
method a good initial guess for the eigenvalues is required to give a
converged value, it is rather difficult to give such a value. Thus we start the
calculation from the basic flow whose eigenvalue is already known, for
example the flat plate flow, and then vary the flow gradually to the target
flow with gradual change of eigenvalues.
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2.2.2 computation of eigenvalues for general point
For the basic flow at a general point on a supersonic wing surface a,,a,,

and B, in equation (13) and (17) are solved for a given frequency w and
Reynolds number R by Newton’s method. The solution procedure is almost
the same as that for Zarf except that the corrections are obtained in the

following manner. First expanding equation (13) about some initial guess of
a,,a,B,,. B, weget

0, + b, + 20, 4 gy 4 2Bgp, -0
(11

aa, aBr aBl
o, + aq)—“ﬁar + 9, da, + 9, o8, +‘%6Bi =0
aar aal aBr aﬁ;

and then from equation (17) and (24),

d
g, 6(x,+ae’ da, + r 6Br+ae’6[3,=—z/x=y
aer aa’i aBr aBl

d de.
e, +—e‘ da, + 9, oa, + ¢ op, + 9, o8, =0
oa oa., ap, ap,

r

e, +

We can now solve these four equations for the corrections da,,dc,,88,,8,to
the initial guess values.

At any downstream position x the initial guess may be given by the values
of the previous calculation step x - Ax.

2.2.3 Prediction of the transition point
In three-dimensional flow, the N factor is calculated from

N= - (Tdx (1)
where
F=a,-Br. (32)
w
! -

Ve

/

¢ 1

2

3

\ x/c

Fig.1 Schematic curve of zarf
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The detailed procedure of the transition point is as follows:
(D First calculate the neutral stability curve (zarf) for some x positions
(figure 1)
@ Start the calculation from, for example, position 1 in figure 1, xi/c . At the
next x/c step solve the eigenvalue problem with the frequency o =, at xi/c
and the relation

d0,/3B = (6a/ap) = -t
to get o and B which give I' from equation (32). Repeat the eigenvalue
problem for various t"’and find T =t__ for which I'=T__. Then proceed to

the next x/c step.

® The values of T =T,__ which corresponds to T =t_, at each x/c step give

the N factor for the frequency , from equation (31).
@ Repeat steps @ and @ for other frequencies w,,w,,---. (we do not
consider a negative o because its growth rate is smaller than that of a
positive ®.)

® Finally we can obtain a family of N factor curves as is shown in figure 2. If
we choose nine as the value of N as a criterion of the transition, the

transition point is given by (x/c). in the figure.

(X/C)er xX/c

Fig.2  prediction of transition point by e™ method
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2.3 Result

We have already finished the mathematical formulation of the linear
stability calculation and now are developing a program code. Final results
will be published in the near future. However as an incompressible version of
the method is now available, we have executed a spatial linear stability
calculation for the incompressible laminar boundary layer on the NACA0012
airfoil with suction (o =0°, R=7X1085) to check the accuracy of the Euler-
Maclaurin scheme. The result in figure 3 shows a comparison of
amplification rate -a, between the Itoh (ref9) and E-M schemes. The

agreement is good and the E-M scheme has a good degree of accuracy.

3. Boundary layer calculation

As was stated in the introduction, we have used the same algorithm as
that of the linear stability theory stated in §2 for the solution of the
boundary layer equation. Thus only the outline of the solution procedure will
be described. Following Iyer!® the 3-D compressible boundary layer equation
written in the body-fitted non-orthogonal curvilinear coordinate system is
transformed into a system of partially differential equation:
continuity equation;

W, =A4F +A4F+ 4G, + A,G (33)

£ - momentum equation;
M-Wm;dﬂﬁk+&GGL+&ﬂ+3ﬁ6+@@+&e (34)

7 - momentum equation;
(mﬁwﬁl=qU@k+Q@fL+QP+ch+QG%{w (35)

energy equation;
(/P -WH) = D,(FH), + D,(GH), + D,FH + D,GH + D, (36)

where F=u/u,,G=v/v, and

F=1 (37)
G, =M (38)
H =1 (39)

(for the nomenclature see original paper). Equations (33)~(39) can be written

in the vector form as
O, =R (40)

where
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0 =(Q,) = (W,IL -WF,IM -WG,1 ] -WH,F,G,H) (41)

Equation (40) has the identical form as equation (10) and thus the same

solution algorithm can be used. In real calculation, equation (40) is further
transformed into the equation of the solution vector S,

S =R (42)

where

S=(8)=W,F,G,H,L,M,T) (43)
and then 1s solved for §,. Of course there are some different points between
the system of equation (10) and of equation (40) or (42). The first difference
is that the latter is a nonlinear system. The second is that the nght hand side
of equations (33)~(36) i.e. (42) contain £ and 7 derivatives and thus the
former term is approximated by a finite difference scheme with second order
accuracy and the latter by a second order or zigzag scheme respectively,
depending on the sign of the cross flow velocity component. The third is that
the boundary condition is different, it is homogeneous and non-homogeneous
in the stability and boundary layer calculations respectively. However it is
only an apparent difference, because the stability calculation also uses a
non-homogeneous boundary condition as a technique for getting a nontrivial
solution. In this way the system of equation (42) can now be solved with the
same algorithm as equation (10) except that as the former is nonlinear about
the solution vector it must be solved iteratively by using Newton’s method,
the calculation in each iteration being, of course, the same.

4. Conclusion

In this report we propose an efficient numerical calculation method of the
transition location of the boundary layer over a supersonic wing which
consists of the boundary layer, its linear stability and N factor calculations.
We have used the same solution algorithm for both boundary layer and
linear stability calculations to save computing time and make the calculation
system as simple as possible.
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LINEAR STABILITY ANALYSIS OF A COMPRESSIBLE
BOUNDARY LAYER COMPUTED BY NAVIER-STOKES CODE

Toshiyuki NOMURA
Aircraft Aerodynamics Division
National Aerospace Laboratory

Tokyo, Japan

1. Introduction

Development of high-accuracy schemes and improvement of computers in the aspects of both operational speed
and memory have enabled Navier-Stokes code to compute boundary layers for stability analysis insiead of a
boundary-layer code. It is therefore important to verify how accurate the boundary layers computed by
Navier-Stokes code are.

For numerical simulation of the supersonic flow around an infinite swept cylinder, the number of cells needed in
order to eliminate the dependence of the boundary-layer flow on the computational . grid is investigated. In
comparison between the boundary-layer flow converged by the diagonalized ADI scheme and that converged by the
LU-SGS scheme, the way the two kinds of time-marching methods affect the flow is also investigated. And
furthermore, the linear stability analysis of the boundary layer at the attachment line is performed.

2. Navier-Stokes Code
The governing equations are the conservation form of the thin-layer Navier-Stokes equations, which are
numerically solved by the finite-velume scheme.
aQ oE L oF G _ 1 oF,
8«’; on B{ Re on
2.1 Numerical Fluxes
The inviscid fluxes E, £ and G are computed by the Chakravarthy-Osher TVD scheme[1]. The first-order accurate

flux at the cell interface is given by
By =g (B B )= Ty pin (A i Ag ) Ty o (Qui= Q).
- OE

A=36=T§A{T§‘ , §=§(/’L¢J_rlﬁ.¢l).

A¢ is the diagonal matrix that consists of the eigenvalues A; of the Jacobian matrix A, and T;is the
similarity-transformation matrix that consists of the right eigenvectors of A. A; is the matrix where A in A; are
replaced by A;,and A¢ is the matrix where A in A, are replaced by Az. Density, velocities and enthalpy at the cell
interface are computed using Roe's special averaging procedure. The accuracy of the above flux can be raised to the
third order by adding the correction terms with the minmod limiter.

The viscous flux £, is compuied on the basis of Gauss's theorem.

2.2 Diagonalized ADI Scheme
The diagonalized ADI scheme by Pulliam and Chaussee[Z} can be written as

V'S At
U+ XD AT, 'T,U+ 5 A, AT, T (1+ 5 DA T, M=- TR
- aﬁ‘ - 9F ~ oG 2
A=aQ A{T B=$—T,’/‘WT‘T C=$=T§A§T§ N
=D; E+D F+D G——I—D
Re

Thic dociiment i nrovided hv TAXA



54 SPECIAL PUBLICATION OF NATIONAL AEROSPACE LABORATORY SP-31

D is a difference operator. The left hand of the ADI scheme is a block-tridiagonal system, and meanwhile the left
hand of the diagonalized ADI scheme is a scalar-tridiagonal one. That makes the fast inversion of the left hand

possible.
2.3 LU-SGS Scheme
The LU-SGS scheme by Yoon and Jameson[3] can be written as
LD'UM)=- % R,

Ya's - T+ - At -At - 5 A
L=1+7 (DA +D,B'+D, C"-A -B - (),
D=1+ G(A-A+B-B+C-C),

V' + - + 5 + A .t at . A
U=1+7(D§A +D,,B +DCC +A+B +C),
Eizé[jipgl],gizé[Etp,,l],ﬁ:%[fipgl],

pe=kmax{ | A1), py=xmax{|A,1], p,= kmax{124,1].

K is a constant that is greater than or equal to 1. D™ is a backward-difference operator, and D* is a
forward-difference operator. The approximation of the Jacobian matrices not only improves the stability of the
scheme but substantially removes the inversion of the left hand.
2.4 Computational Grid

Three kinds of C-type grids, which differ in density, are generated for the infinite cylinder with aswept angle of
60° shown in Fig. 1. Grid B of medium density is shown in Fig. 2. The grid generator is based on Takanashi's
method[4]. The number of grid points, the minimum spacing in the attachment-line boundary layer, the Courant
number and the time steps for convergence are tabulated in Table 1 for each grid. The time-marching method used is
the diagonalized ADI scheme.

The Mach number of the free stream is 3.5, and the Reynolds number based on the diameter of the cylinder is
1.05x10°,

3. Linear Stability-Analysis Code
The nonconservation form of the Navier-Stokes equations in Cartesian coordinates is linearized by substituting

fluctuation quantities into it, and then the parallel-flow approximation is made. Assuming the fluctuation
quantities normal-mode, stability equations are obtained that can be written as

[ 40, V), W), PO), T0) 1€ 77,

(AD’+BD +C) $=0, ¢=(au+Pw,v,p, 7,aw-fu) ,D=ddy.
Tis temperature. A, Band C are 5x5 matrices computed on the basis of the velocity profiles and temperature one in
the boundary layer. Here the temporal stability is dealt with. a and 8 are the real wavenumbers specified, and @ is
the complex frequency unknown. The Malik-Orszag global method[5] is applied to the stability equations, and then
 is obtained.

4. Results

The dependence of the boundary-layer flow on the computational grid is investigated, and the effect of the
time-marching method on the flow is also investigated. And furthermore, the linear stability analysis of the
boundary layer at the attachment line is performed.
4.1 Dependence of the Boundary-Layer Flow on the Grid

The boundary-layer flows computed with each grid are compared. The time-marching method used is the
diagonalized ADI scheme that includes the local time step with the constant Courant number shown in Table 1.

The velocity and temperature profiles at the position of 8= 0° are shown in Fig. 3. Grid A has 8 cells between the
wall and the boundary-layer edge, Grid B 14 cells, and Grid C 28 cells. Though Grid A appears coarse, the physical
quantities at the cell centers coincide with those obtained with the other grids except near the wall. There is no
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difference between the profiles of Grid B and Grid C.

The velocity and temperature profiles at the position of 8 = 90° are shown in Fig. 4. Grid A has 9 celis -between
the wall and the boundary-layer edge, Grid B 17 cells, and Grid C 32 cells. The velocity profiles of Grid A slightly
deviate from the others. The temperature profile of Grid A is alittle higher near the wall than the others. There is
no difference between the profiles of Grid B and Grid C.

In consequence, Grid B appears to have enough density to eliminate the dependence of the boundary-layer flow on
the grid.

4.2 Effect of the Time-Marching Method on the Boundary-Layer Flow

A comparison is made between the boundary-layer flow converged by the diagonalized ADI scheme and that
converged by the LU-SGS scheme. The LU-SGS scheme includes the local time step with the Courant number of 1,
and the time is marched by 4000 steps. Grid Bis employed in both cases.

The velocity and temperature profiles at the position of 6= (° are shown in Fig. 5. There is no difference between
the two velocity profiles, and meanwhiie the temperature profile converged by the LU-SGS scheme is aiittle higher
near the wall than that converged by the diagonalized ADI scheme.

The velocity and temperature profiles at the position of 8 = 90° are shown in Fig. 6. The two velocity profiles
coincide with each other precisely, and the same can be said of the temperature profiles.

In consequence, the usage of the two different time-marching methods yields very little difference between the
converged flows.

4.3 Linear Stability Analysis of the Boundary Layer at the Attachment Line

The temporal stability is investigated for the laminar boundary layer at the attachment iine. The boundary layer is
compuied using Grid B and the diagonalized ADI scheme. The wavenumber vector of the disturbances is inclined at
60° from Z coordinate. The obtained ranges, where the disturbances grow, are shown in Fig. 7 with the
neutral-stability curves by Malik[6]. Both are in good agreement, which shows that the boundary layer is accurate

enough to perform the stability analysis. F, R and {in Fig. 7 are defmed as

erzv - W(C[
W

z

F=

du, IdX
where e refers to the conditions at the boundary-layer edge.

5. Conclusions

The compressible boundary-layer flow on an infinite swept cylinder is computed by Navier-Stokes code with the
grid density changed or with the time-marching method replaced. The dependence of the boundary-layer flow on the
grid appears to be eliminated by employing a grid as dense as Grid B. There is very little difference beiween the
boundary-layer flow converged by the diagonalized ADI scheme and that converged by the LU-SGS scheme. And
furthermore, the results of the stability analysis of the boundary layer at the attachment line agree fairly well with
those obtained by Malik.
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Points( £xm )| Min. spacing( y*) | Courant po. | Time steps
Grid A| 112x 46 1.658471 1 4000
GridB| 224x 91 0.4233750 2 4000
GridC | 448x181 0.1064922 8 6000

Table 1: Computational grids

2D grids

M- =35

&3

R-» = 1.05x10°

Fig. 1: Infinite swept cylinder

Fig. 2: Grid B (224 x91)
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NUMERICAL STUDY ON TRANSITION PREDICTION METHOD AND
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Youji ISHIDA and Masayosi NOGUCHI
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ABSTRACT

To develop an aerodynamic design system applying supersonic laminar flow control (SLFC) .
numerical study on a transition prediction method and experimental study on the effect of SLFC
were performed . In the first phase of our study , we developed an analysis system of linear
stability and then obtained good validation for the estimated amplification rate in several
typical cases . In the second phase , we developed a transition prediction system by applying
anempirical e"method and then obtained good validation for the estimated N-factor in two typical
cases . In the third phase . we carried out wind tunnel tests using anoriginally designed warped
delta wing mode! , to obtain some data of transition and the effect of SLFC under supersonic
flow condition . And finally we tried to analyze the transition characteristics of our medel

and obtained the useful resuit of N=7 at transition at Mach 1.4

1. INTRODUCTION

It is well known that 1aminar flow controi (LFC) is one of the most effective technologies
for improving aerodynamic characteristics of a transport aircraft . for example . a next
generation SST . To develop the aerodynamic design system with supersonic laminar flow control
(SLFC) , itis, first of all ., necessary tounderstand transition phenomenon in a 3-dimensional
compressible boundary layer . But such phenomenon is more difficult than that in a low speed
boundary layer . The reason is based on the complexity due to the compressibility , 3-
dimensionality . and nonlinearity . Even now there is little useful experimental data and
information on SLFC ., because of such difficulties .

As a first step . therefore . we started to investigate such transition phenomenon of a
3-dimensional compressible boundary layer numerically and experimentally . In the numerical
approach ., to understand the physical mechanism of the transitionphenomenon, we analyzed | inear
stability characteristics and estimated transition position by using the empirical e*method .
On the other hand , in the experimental approach . to obtain some ¢ data in developing the design
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system with SLFC , we carried out wind tunnel tests on SLFC in cooperation with NAL , using
a model with a suction system .

Our study consists of 3 phases . In the first phase ., we derived the formulation on |inear
stability of a 3-dimensional compressible boundary layer ¢ to the spatial theory“? , and
developed a system for calculating the eigenvalue and amplification rate of small disturbances .
Then we validated it in several typical cases by comparing our estimated amplification rates
with those by other workers . In the second phase , we investigated the spatial growth of
amplificationrate and developed a transitionpredictionmethod based on the empirical e"method .
This method consists of calculating the “N-factor” through the :integration of several
amplification rates and comparing it with the empirical ly obtained N-value which corresponds
to the transition of the boundary layer . In the third phase , we carried out wind tunnel tests
using an originally designed warped delta wing model and obtained some usefui data for the
transition and the effect of SLFC . Then we tried to analyze the transition characteristics of
our test model using the present prediction method .

The purpose of this paper is to summarize the principal results of our study . The results
of the first , second and third phase are described in section 2 , 3 and 4 respectively .

2. STUDY ON LINEAR STABILITY OF 3-DIMENSIONAL COMPRESSIBLE BOUNDARY LAYER

2.1 Formulation
1) Basic equation

Present formulation is based on the following assumptions .
@ simple plane wave disturbances

{“"V',W',P': T’,p’,u’} =q'(x,y,2,1) = G(y) e *Pe
Here (x,y,z) are the coordinates of streamwise direction , thickness direction of boundary
layer and spanwise direction , (w,v,w) the (x,y,z) components of velocity , (p,7,p,n) a
pressure , temperature , density and viscosity respectively . And w is a circular frequency
(real) and a,B the components of wave number vector (complex) .
@ parallel mean flow

Uy w.p,To,ut={UG),0,W(»),1,T(), p(), u(»)}

Then the basic equation generally can be summarized in the following form'? .

g
@=2%¢, , 1=1,8 m
dy &
d
where @, =au+Bw |, q32=& ., 9s=V , @, =p ,
dy
. do. 3 3 d
os=T1 , (96=i . @y =ow-fi CP8=_(p7

dy

Here these quantities are non-dimensionalized with boundary layer thickness and reference
quantities at the edge of boundary layer . And the matrix a, is related to the boundary layer
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profiles of velocity , temperature , etc. . Those details are described in Appendix | .

2) Boundary condition
Generally the boundary condition in linear stability analysis is that all disturbances
vanish at the wall and the edge of the boundary layer as follows :
P =@, =@s =9, =0 , ary=0 @
@, P, @5, 9, >0 , asy—>»
Here the combination of the above homogeneous basic equation and such boundary condition leads
to trivial solutions , except for only one case where each parameter of the matrix is equal

to the eigenvalue respectively . Therefore we must solve the so-called eigenvalue problem .

2.2 Method of Sclution
To solve this eigenvalue problem , we adapted the method described in ref.2 . The details
are summarized in Appendix |1l and the main features are as follows :
D Integration from edge to wall by the 4th order Runge—Kutta-Gill method
@ Application of analytical sofution on the initial values at the edge (see Appendix {1)
@ Use of the orthonormalization technique by Gram-Schmidt® to remove the errors due to
numerical integration (see Appendix IV)
@ lteration by the Newton method with a “pseudo” boundary condition

2.3 Validation of Present Formulation
As a first step . we tried to validate present formulation in two typical cases .

1) 2-dimensional incompressible viscous flow
First of all , under the assumptions of 2-dimensionality and incompressibility . the

following relations are obtained :
dw

=0 , w=0 = @ =ai , @,=-Pu @)

W:
dy _
=0 = @,=¢,=0 4)
ar ' '
T, - lunnecessary = , =, :unnecessary ®)
Ly
Then we can derive the governing equation for @, =V from eq. (1) as follows :
1 dl , E 2 , alZ
— -—-a” —MaU—m)g7—a”+k1 ?(m=0 {6)
Ridy” dy - dy

This is completely equal to the'well—known Orr-Sommerfeid equation
2) 2-dimensional compressibie inviscid flow

Next , under the assumptions of 2-dimensional ity (3) and 3-dimensional disturbance (P = 0) .

the following inviscid condition is added :
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=— =— =0 R— V)

Then we can derive the governing equation for @, = p from eq. (1) as follows :
2

{d (i ) Lo +BZ)(1—MZ)}CP4 0 g GUZOM.

dy dy V(@ +BHT

ay’
This is completely equal to the equation derived by Lees & Lin ¥ and Mack ¥ .

(8

2.4 Numerical Validation
As the next step . we numerically investigated eigenvalue characteristics in some typical

cases .

1) 2-dimensional disturbance on flat plate boundary layer

First of ali , we analyzed a case of incompressible flat plate , namely Blasius boundary
layer , and obtained the result summarized in Fig.1 . This figure shows the comparison of a
neutral curve between the present estimation and the famous solution by Tollmien-Schlichting .
Here the abscissa indicates Reynolds number based on displacement thickness 8" and the ordinate
denotes the wave number of disturbance which is non-dimensionalized with 8 As seen in this
figure , we obtained good agreement .

Next we analyzed some compressible cases and summarized the results in Fig.2 and 3 ,
comparing with the results by Arnal® . Fig. 2 shows several eigenvalues corresponding to stable
or unstable states of the boundary layer at Mach 2.2 in the plane of Reynolds number and wave
number . And Fig. 3 shows the neutral curve on the boundary layer at Mach 3.0 . As seen in these
figures , we could mostly obtain good agreement .

2) 3-dimensional disturbance on flat plate boundary iayer

As a typical case including 3-dimensionality , first of all , we investigated the maximum
amplification rate of 3-dimensional disturbance on the 2-dimensional compressible flat plate
boundary layer , and obtained the result shown in Fig.4 . Here the abscissa indicates the Mach
number of the mean flow , and the ordinate denotes maximum amplification rate . And ¢y is the
angle between the directions of mean flow and propagation of disturbance . As seen inthis figure,

we obtained good agreement with the result by Mack® .

3) 2-dimensional disturbance on Falkner-Skan—-Cooke boundary layer

As the next case on 3-dimensionality , we investigated 2-dimensional disturbance on the
boundary layer of simple 3-dimensional flow over an infinite swept wing with a wedge-shaped
cross-section . Usually the characteristics of the boundary layer on this wing are predicted
by the solution of the well-known Falkner-Skan-Cooke boundary layer equation” .

Fig. 5 shows the relation between maximum amplification rate and sweep angle , compared with

the result by Mack” . Here the abscissa indicates sweep angle and the ordinate denotes the maximum
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amplification rate divided by the value for the Blasius boundary layer . As seen in this figure,
we could not obtain good agreement quantitatively but found it quatitatively . Presently we
are considering that the quantitative difference originated in a numerical error in the

calculation of boundary layer profiles .

3. STUDY ON TRANSITION PREDICTION METHOD

Recent!y it is well known that the current e" method is widely used to predict the transition
position. This method consists of the following twoparts. The first part consists of estimating
the amplification rates of several disturbances , and the other consists of comparing the
integrated amplification rates called “N-factor” , with a specified value derived empirically
according to a lot of experimental data on transition. In this study , we first investigated
the formulation of the e" method and then validated it through typical numerical analysis

3.1 Formulation of the e" Method
1) Definition of amplitude of disturbance

According to the assumption of small plane wave disturbance , the amplitude A4 on 3-
dimensional disturbance is defined as follows :

1n[§) - [(~ads, -Bdy,) - |do ©

o v ..

where A4, is the amplitude at the neutral point . Here in this formulation . for convenience
we adapted the so-called streamline coordinate . which is different from that in previous
stabi!ity formulations . That is, the direction of the streamline at the edge of the boundary
layer is indicated by x_. the direction of cross-flow y_.

2) Assumption for the amplification of disturbance

Unless the path for integration is specified . we can not calculate the above integration .
Moreover some supplementary relations between wave number (a, ,3,) and amplification rate
(o, ,B,) are necessary . Presentiy some models are suggested to solve this probiem . Through
detaiied investigation of these models ., we decided to adapt the following approach :

According to the assumption of specifying the amplificationdirection (8) suggested by Mack ,
first 2; all , we can simplify the formulation as follows :

'y

d—*’ =tanf , B, =atany = do= —a, (1+ tantyp tan 8)dx, ao
x

Here {5 is treated as a parameter .
Then we assume 6 =0 , because this assumption simplifies the present method and it is
physically reasonable to consider that the most dominate direction is the streamline direction.

And finally we obtain the following relation .
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do = —adx, = ———dx. (1)
coso,

where x stands for the coordinate in the chordwise direction normalito:the leading edge and
¢, the local sweep angle at the edge . On the other hand , {ﬁ is not explicitly included in
this expression , but the influence of {E , namely B. is implicitly reflected by

o, (9.0, /,R(x,)) . Here wstan-l[ﬁ—f) S

o, 21
3) Nethod to estimate N-factor
Presently it is known that there are several methods to estimate the N-factor based on the
above definition of the amplitude of disturbance . Among them, we adapted the fol lowing Envelop
Method® .

A
N = Max Max Max h{—‘) (12)
v P I An WS
. Yo Aty Al & -
m(ﬁ) - [do= [TRONRS) TSG04 )
(§] YA C Xeo Cosq)e(xc) Eqo cosd)e
— — X
S, f) =—a,(x 9,9, /)-8(x,) ECEBC—
Here Max ,Max, Max stand for choosing local maximum values for 1p,{ﬂ,j" at each x_
Wy Y I

respectively . Therefore N corresponds to the envelop for every curve .

3.2 Validation of Present e" Method
To validate our e" method , we investigated transition characteristics in the following

two cases .

1) 2-dimensional incompressible flat plate flow (Blasius flow)

First of all , we analyzed the relation between amplification rate (—c,0)and frequency
(f) in the range of various Reynolds number based on boundary layer thickness (Rd) , using
our linear stability formulation . One of those results is shown in Fig.6 . Then using these
relations , we summarized the estimated N-factor as shown in the lower part of Fig. 7 . Here
the upper part of this figure shows the result by Arnal® . In a comparing them , we obtained
good agreement . And since it is experimentally observed that the natural transition exists
in the range indicated by the black arrow in Fig.7 , we can estimate that the N-factor

corresponding to the transition is about 8 to 10 .
2) 3-dimensional incompressible infinite swept fiat plate flow

For another validation, we investigated the wind tunnel test on a swept flat plate carried
out at DFVLRY . In the analysis of such a flow field, the so-called Falkner-Skan-Cooke boundary
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layer approach is approximately effective . Therefore, using this approach ., we estimated the
N-factor and summarized the result in the lower part of Fig. 8 . Here the upper part shows the
result estimated by DFVLR using temporal theory . As seen in this figure ., we obtained good
agreement except for lower frequencies

Since in ref. 9 it is stated that transition was not observed in the test because of a weak

adverse pressure gradient ., we can estimate that the transition N-factor is more than 12

4. STUDY ON WIND TUNNEL TESTS FOR SUPERSONIC LAMINAR- FLOW CONTROL

The main objective of our wind tunnel tests is to obtain some useful data for understanding
transition phenomenon at supersonic speed and developing a tran;ition prediction system
including the effect of SLFC . Therefore we originally designed a wing mode! with the suction
system for SLFC and carried out the tests at the 2mX2m transonic wind tunnel of the National
Aerospace Laboratory (NAL) . Then we analyzed the transition characteristics using our

prediction system and compared the estimated result with the test result

4.1 Wind Tunnel Test
1) Outline of present wind tunnel tests

Our tunnel model is a half-mounted wing mode! ., as shown in Fig. 9, and it has a special
upper surface with about 60, 000 tiny holes (0.1 mmdiameter ) for suction of air. Its planform
is asimple one , namely delta shaped . but its surface is a little complicated , because the
“warped surface’ , which was designed originally for minimizing lift-dependent drag, is applied
to this model .

We carried out wind tunnel test twice . As our attention is directed to supersonic speed ,
the test case at M=1. 4 was emphasized . In those tests , we measured force and pressure on the
surface and in the wake . Also we tried to obtain the transition characteristics by using two
visualization techniques , that is , monitoring by an infrared camera and a liguid crystal .

Qur wind tunnel tests consist of the foliowing three parts. The first part is a “fundamental
test” to obtain the fundamental characteristics of our model . The second part is a “suction
test” to investigate the effect on the suction of the boundary layer . And the third part is

a “visualization test” to understand the transition characteristics .

2) Summary of test results
In the fundamental test, since we obtained good agreement between the estimated and measured
pressure distributions under design conditions , we validated our warped surface designmethod .
However , the influence of the tunnel walil was made clear by the reduction of 1ift slope
In the suction test . we couldn't find any significant effect in either the characteristics
of total drag or the distribution of total pressure loss in the wake . And presently we are

considering that the reason is based on (1) a stronger cross flow instability than we had
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predicted and (2) the small suction surface . Therefore we need to improve our model to obtain
useful data on SLFC .

In the visualization test , using the liquid crystal technique , we observed 'the natural
transition in the condition of the existing accelerated region on the forward part of the lower
surface . This condition was chosen to realize the delay of the natural transition. (Here the
reason why we didn't give the upper surface a coat of liquid crystal is based on the existence
of the suction surface . ) The natural transition characteristics obtained through the other
pattern of liquid crystal is summarized in Fig. 10 . As seen in this figure , we found that the
location of transition was about 6% local chord length at the condition of N=1.4 and «a=8"

On the other hand . in the test with an infrared camera . we couldn't clearly observe the
natural transition . Presently we are considering that the reason is based on the influence
of other sources , for example , lighting ., porous wall , beams , etc.. Therefore at the next

step , such surrounding should be improved as much as possible .

4.2 Study of Transition Characteristics Based on Test Results

As one validation of our transition prediction method , we investigated the transition
characteristics of the present wind tunnel model . First of all , we analyzed the 3-dimensional
compressible laminar boundary layer based on the measured pressure distribution , using the
method described in ref. 10 . Then we soived the eigenvalue problem and estimated the N—-factor .

The results are as follows .

1) Influence of v

As there are some parameters such as f,1 and v in our method . the influence of these
parameters on the amplification rate of disturbance should be investigated in detail . First
of all , we investigated the influence of ¥ .

General ly we have supposed that the transition phenomenon of our model is mainly dominated
by cross flow instability , because of its highly swept leading edge . Therefore we paid
attention to the case of ¢ =70~90° . Consequentiy we found that the amplification rate had
the largest value at the condition of Y =0" .

2) Influence of
Next we investigated the influence of ¢ in the condition of {p =0" . And we ascertained
that the amplification rate at {y >0° was larger than that at {y <Q° . This is easily

understandable when considering the relation between the sweep angle and the direction of cross
flow . Therefore the condition of 0° <1 <90° is enough for the present analysis .

3) Estimation of N-factor

Fig. 11 shows the estimated N-factor on the lower surface of our model at the condition of
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M=1.4. a=8" and 40% semi-span position . As seen in this figure , the disturbance with f
=60 kHz generates the largest N near the region of the leading edge , and the disturbance with
f =40 kHz does so at the rear part

Generally , in the e" method . the location of transition is predicted by comparing the
estimated N-factor with the empirical N value corresponding to the transition . For a 3-
dimensional compressible boundary layer . however , the reasonable value of transition N-factor
has not been estimated empirically yet . Therefore, in this stage, we can't completely predict
the location of transition. it is very important to gather a lot of experimental data to estimate
the reasonable N value . And from this standpoint , we tried to estimate the N value based on
the present test result .

Inour liquid crystal visualization test ., it was observed that the transition was iocated
at a position about 6% local chord rearward from the leading edge . Therefore we can estimate
that the transition N value is nearly equal to 7 . This value is less than the N value of 8
to 10 usually used on 2-dimensional incompressibie flat plate fiows , as we mentioned above .
Here we consider that this value is roughly vatid . because of the fact that the transition
Reynolds number on a compressible boundary layer is generally iess than on an incompressible
one

But present estimation is not extremely precise because of the existence of some factors
influencing transition . such as turbulence of the freestream . the number in the porous wall
the boundary layer on the tunnel wall . and so on . Therefore a lot of wind tunnel tests should

be carried out using several modeis of which the transition position is well known

5. GONCLUDING REMARKS

As a first step in developing a design system for supersonic Iaminar flow control (SLFC) .
we first investigated the linear stability of the 3-dimensional compressible boundary layer
and then developed a transition prediction system according to the current e' method . Next
we carried out wind tunnel tests using the model designed originally for SLFC . to understand
the effect of SLFC and to obtain useful data for it . Unfortunately , though the effect of SLFC
wasn't made clear because of the large swept angle and small suction surface of our model .
we could obtain information on the natural transition through the visualization test using a
liquid crystal . Then comparing this test result with the analysis for the transition of our
mode! by the present method . we ascertained that the transition N value was about 7. To improve
the precision of present estimation . however ., it is necessary to continue further study in

wind tunnel tests .
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APPENDIX | . DETAIL EXPRESSION FOR THE MATRIX {a,. j}

In the following expression, R denotes the Reynolds number based on velocity , density .
viscosity at the edge of boundary layer respectively and boundary layer thickness , and y
o and M, indicate the ratio of specific heat (=1.4) . Prandtl| number and Mach number at

the edge of boundary layer ., respectively .

0 1 ¢ o o0 0 o0 0

Ay Ay Gy Gy Ay 4 00

-i 0 a; a, a, 0 0 0O

a, 4, 4, a, d,. 4 0 0

la, p= | 0 Tn e te e T (A1)

o o o0 o o 1 0 ©
0 a, ay Ay dyx a 0 ag
o o0 0O o O o0 0 1
0 0 a3 0 as ay ay ag

o L
wdy
a, = ﬁ(ad—qmﬂJ (o +,[53){-f£—i@]
wi dv  dy 37dy wdy
, L iR (aU+pW-w)y M’
dyy =(a“+BH){_-( { o )Y }
3pT
o (U B o) +8%) 1 8 [du( dU  dW
8 37 way |dI'\  dy dy
Vdu( dU _dw
avf =-——10a—+ ——
Tooowdr\ 4y dy
1 dT"
dy, = ——
323 Tdy
a,, =—i(aU+BW—u))YM"ﬂ
P
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APPENDIX 1. ANALYTIGAL SOLUTION AT THE EDGE OF BOUNDARY LAYER

At the edge of boundary layer , the following relation is generally specified .
luw.Tpul={1,W 1,11} (A2)
And al| derivatives on y are equal to 0. Then all components of the matrix {a, }.} are constant

and simplified as follows :

0 1 0 0 0 0 0
G, 0 0 &, a, 0 0
i 0 0 &, a, 0 0
{ai_;(y = 5)} = {_U} = g agz a: 2 g a;S 2 g = const. (A3
0 0 0 a. a, O 0 0
0 0 0 0 0 0 0 1
0o 0 0 0 0 0 & O

If we consider the basic equation above the edge . we can derive the next equation .
dp, « _
ECL a, g, , i=1~8 (A4)
3
where @, = @, (y = 98) .
Using the eigenvalues and eigenfunctions of the matrix {a‘,.j} . we can obtain the solution

1=

@, of this equation analytically in accordance with the following procedure .

First of all ., introducing Equation (A4) .
Y, =@. , P,=9, , V,=0; and 1, =@, is rewritten as follows :
Y, A, 4, 4 0\ v,
ale | Lo 4, 4, 0w,
5 W = - . b (A5)
dy” | W, 0 4, 4; 0 v,
WP, 0 0 0 A, \w,
where
An =d, A12 =d,, , An =y
Ay = A0, + 0505, + A, 0, Ay =000 + 505 + s
As: =dg, Azs = dgs
A44 = An

Next if we assume a typical solution such as xe™ | we can analytically obtain the
eigenvalues A, of the matrix {Ai.]} through the following eigenvalue equation .

iAu - N A13 A13 0 :
0 A4, -N A4 0 |
, - S =0 (A6)
Asz A33/-‘_ W 0
0 0 0 A, =N
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A = _\f;iT

p = s Ay ,"1(A7,-A Vada, 0 eTTh
oo\ E RN BER O A =M,
N LY P b
=T Ve A Ty e m s SE T W

—
hy=-yA,
Here since the solutions with eigenvalues of A, A, A, ,A, increase exponentially

as y increases , they are invalid . Accordingly there are four independent solutions in the

above equation .

On the other hand ., the following solution v, is usually assumed to obtain the
eigenfunction .

8
wz(y)=ZBlid1ekly 3 1=1~4 (A?)

And by inserting (A7) into Equation (AS), the expansion coefficients {13 } are obtained as

17

follows :
1 B, B; 01 B¢, B, 0
0 1 1 0 0 1 1 0
{B,j}= (A8)
O BS’,‘ 33 O O B36 BS7 O
0 0 0O 1 0 0 0 1
where
3 415 2_ 91 A"
B, = Aednt O —A)As -y 5564
(}"1 _An)Azs
B, =1
2—A'n
B”:?\l_d,_‘-:
AZS
B, =0

Here d, is constant numbers determined by the condition of normalization .
Finally , the four independent solutions ¢, are summarized in the following form .

¢ () =AM L I=1~4 | i=1~8 (h9)
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1 Ayn A 0 1 A}s Ay 0
}-1 Ay Ay 0 ";‘-1 Ay Ay 0
Asl A32 As; 0 "A31 Ass A3? 0
(A) 0 Ay, Ay 0 0 A, A, 0
T AL, Ay 0 0 Ay Ay O
0 Ag Ag 0 0 Aﬁ6 A67 0
0 0 0 1 0 0 0 1
0 0 0 A84 0 0 0 A84
N
31 7'..]
a
Age =21
84 }..4
*B,=0 , 1=2,36]7
as B, +a,B,, +abB;,
Au:l > A?,l=>\'l > Au: K,.B” >
B B
A4 = Asz_—éi Aﬁ:‘_}\'IASI
1! Bu
*B”=0 , 1=2,3,6,7
a,, B, +a;.B;
A”—A2,=0, Aﬁ=34 21 358037 ,
A
A4 =le A5:=Bﬂ > Am:}“:By
APPENDIX 111. QUTLINE OF THE PRESENT METHOD OF SOLUTION

Usual Iy because of four independent eigenvalues and eigenfunctions , a general solution

of the present basic equation is composed with the four independent solutions as follows :
4
@, (») = 2 koo (p) (A10)

Here each independent solution cp,.“:’ () is obtained by integrating the basic equation from edge
towall . Andonthe initial values inthis integration, we apply the following analytic solution

derived in APPENDIX 11 .
0,78 =9,"(8) A1)

By the way . those independent solutions generally have non-zero values at wall , namely
@, (0)#0 . Therefore the four expansion coefficients 4, satisfied with the fol lowing equation

are completely equal to O .

1
cp,v(0)=2kg ¢.7(0)=0 , i=1357 (A12)
=}

To avoid such trivial situation , we assume the following “pseudo” boundary condition .
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At first , let's consider to relax one of the boundary conditions for above four physical
quantities . That is , in our method , we tentatively selected the condition for ¢, . Then
we replace it with the following condition for ¢, = p . Because we have no boundary condition
for @, .
9" (0) @7(0) @7(0) @, (0))(k
2.0 9.70) 0,70 @O k| s
2" (0) 9,7(0) @.7(0) @7(0) ) K
%, (0 9,70 9,70 o, (K, 0
Here we convenient|y assumed that the value of @, at wal | was equal 1 without lack of generality.
Accordingly the expansion coefficients k, are obtained as follows :

0
r k)|, ae

4
k=N0T "8 .=, , I=1~4 (A14)
! ]Z 1) J2 12

where I, =U,+iV,

Next we compose a general solution using these coefficients . At that time , the solution
for ¢, must be satisfied with the following true boundary condition .

E
¢,(0) = Zk, 0"(0)=0 (A15)

Therefore to keep this condition , we must improve the values of parameters in the matrix {a,j}

such as (a,p,w, R) and estimate the four converged independent solutions through the iterative

process and the fol lowing Newton Method . After the convergence in this process, we can finally
obtain the eignevalues (a,f) and eigenfunctions ,(y) for stability characteristics .

To simplify our iterative process , first of all , we assumed certain values for
R,w,B(=P, +iB,) . and tried to improve the value of a(=a, +/0,) only . Generally the
solutions at the (n+1)-th state in the iterative process can be expressed as follows :

n+l

o, =a +0a

y

(A16)

n+l

a"" =a,” +0a,”
where (a,‘",a,") stands for the solutions at the n-th state and (6a,",6a,") the modification
quantities .
If the (n+1)-th solution satisfies the above true boundary condition . those modification

quantities can be estimated under the approximation of neglecting the second order of them as
follows :
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da,”
da”

where

‘[pﬂ ) Re q)ln(o)
Py P/ {Im cPln(O)

aRe(o,"(0) 8 1m(,"(0))
Pn = —a_ =Pn > Pp=|—7T =—Pn
% (u ".a‘") ¢ “r (a ",a-")

In calculating the derivatives p,, . we used the numerical approach based on the approximaticn

of the modification Ac, =ea, and £¢=10" ~107 .

APPENDIX 1V. ORTHONORMALIZATION TECHNIQUE BY GRAM-SCHMIDT

Since numerical integration generally produces an error ., the orthogonarity of our
independent solutions in our method is reduced . To remcve this reduction . that is. to keep
the orthogonal ity of the soluticns , it is well-known that the following replacement at each
integration step for y is effective®

EX(aal
(Xzz) —Cl,_,Ym)
éX(Z) —Cle“)’
o (x®-C,r® - CzaYm)
= IX(S) - Cry(l} _ C'VYO}[
(Xf'-'?) _ CMYU) _ CTM}/(Z) _ C34Y(3))
iX(-‘b) _ CHY(I) _ C24Y(2) _ (;'34},(3):
C = Y(’-)*XUI'
ij

(2}

4 _

where * denotes complex conjugate .
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Fig. 3 Stability characteristics of flat plate boundary fayer : N =3.0
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Fig. 5 Maximum amplification rate of Falkner-Skan-Cooke boundary fayer
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Max. Chord : ¢=1072.25 mm

Semi-span : $=500 mm

L.E. Sweep : A, =65°

hick. Ratio: 7/¢=0.05

Suction Area: 0.03<x/c=0.3
0.2=y/s=0.6
dia. d=0. 1mm

About 60, 000 holes

Fig.9 Wind tunnel model for supersonic laminar flow control test

30% High « T <« Low
~a
y/5=0. 40 mblue @green O red
a=+8 0
y/s=0 15
o0
a=+4 0
a=0.0
Fig. 10 Sketch on visualization of surface temperature
NAL-SLFC W/T Model : M=1.4, Alp=8.0, y/s=0.4, Lower
@l _ ¥ =0,10,20,....,.80° . ‘ o
... . F1= 10000 300 : ;
- F2 = 20000 v-o ' 1 =40 41z
12F . - :F3=30000 .| . S SO W
T IFacaoooo |/ : ( g =70° )\
.0.: F5 = 50000
10} " :F6=60000 /

N-Factor

e
=

0 001 002 003 004 005 006 007 008 003 01 xic

Fig 11 Estimated N-factor on NAL-SLFC wind tunnel test
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An Experimental and Numerical Study on the Compressible Laminar Flow Control

Shigeo Yoshida, Kinya Nakano and Nobuaki Shiozawa
Fuji Heavy industries, Ltd.

ABSTRACT
Supersonic wind tunnel tests and numerical analyses were carried out on the boundary layer stability.
Wind tunnel tests were performed on a swept wing model. Boundary layer transition iocations were
detected at various angles of attack and extensions of laminar flow regions by boundary layer suction were
also observed. Consequently, the validity of supersonic laminar flow control was suggested.
And a boundary layer stability analyses code was developed, based on the linear stability theory, andits
validity was confirmed for 2-dimensional boundary layers. Then one of the wind tunnel test cases was
analyzed, and characteristics of disturbances were clarified.

NOMENCLATURE

C:chord length
-Cgsuction mass flow rate
(-0 Ve (0 U]

M:Mach Number

Q:non-dimensional mean flow guantities

q':perturbated quantities from the mean flow

Rq:Reynolds number onthe chord length

Rg:transition Reynolds number

R.Reynolds number based on x

R & *:boundary layer Reynolds number on the displacement thickness

U,V,W:velocity component in x,y,z coordinate system

x,z,y:.choordinates normal and parallel to the leading edge, and upper-wise

o :angle of attack

o, B:disturbance wave numbers(real parts) and amplification rates(negative imaginal parts), in x and z
direction

a & *:non-dimensional wave number

-o:local amplification rate of wavepacket

& *:boundary layer displacement thickness

A:sweep angle

¢:disturbance amplification functions

Y :angle between inviscid flow velocity vector and wave number direction

Yicos ()

w:disturbance frequency
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1.INTRODUCTION

Drag reduction at cruise condition is one of the most important themes in deveioping Supersonic
Transports(SST). Among several drag reduction techniques, the laminar flow control(LFC) is the most.
promising one, because of its skin friction reduction benefit, as is mentioned in Ref.1. For its practical
application, it is necessary to establish design tools and to validate its effectiveness.  In general, accurate
transition prediction is critical in designing and analyzing laminal flow wings. In cases of highly swept
wings, like those of the SST, cross-flow(C-F) instability plays an important role in boundary layer transition
phenomeng, in addition to the Tolimien-Schlichting(T-S) instability. And to realize laminar flow wings, it is
necessary to suppress such 3-dimensional instabilities. Hence, our objective is to reveal the
characteristics of supresonic boundary layer transitions and the effectiveness of LFC for SST wings.

In this study, we focused on transitions caused by T-S and C-F instabilities, and aimed to accumulate
3-dimensional supersonic LFC wind tunnel test data and testing techniques, and establish numerical tools
to predict effects of 3-dimensional supersonic LFC.

In this paper, we refer to the results of wind tunnel tests in section-2, numerical analyses in section-3,
and conclusions in section-4.

2.WIND TUNNEL TEST

WIND TUNNEL TEST OVERVIEW

We carried out wind tunnel tests in the Fuji Heavy Industries 2ftx 2ft high speed wind tunnel. The test
mode! was installed as shown in Fig.1 in the test section. The model is a non-tapered swept wing which
has a 240mmC NACAB4A008 airfoil section in the direction normal to the leading edge. Its upper surface
between 2.5%C and 30%C is interchangeable with a perforated panel which has 0.1mm¢ holes
distributed at 1.0mm pitch. Pressure distribution, transition locations, and suction mass flow were
measured during wind tunnel run time, where transition locations were detected by the visualization
technique using liquid crystals. Test conditions are shown as follows.

- Mach number(M)=2
- sweep angle(A)=45" (supersonic leading edge)
65° (subsonic leading edge)

- angle of attack(a)=-4" "8°

- Reynolds number(Rg)=4.4 X 10%(A=45°" )
7.4x10%A=65" )

- suction mass flow rate(-Co)=0(solid)

0.001(perforated)

TEST RESULTS

The pressure distributions that were measured in the wind tunnel test are shown in Fig.2, and transition
locations are also shown in Fig.3. Both results, without boundary layer suction, show that laminar regions
extended as angles of attack increased, unless leading edge separation vortex caused the transition. Kt's
known that cross-flow instability is dominant in accelerated regions on deeply swept wings. The pressure
gradients, in the forward regions shown in Fig.2, got smaller as angles of attack increased. Consequently,
cross-flow instability was suppressed as angles of attack increased.

Furthermore, the effect of boundary layer suction were observed in cases of A =45" . Transition
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Reynolds numbers were increased by about 1 million; conseguently, decrease in skin frictions are
suggested. incases of A=65" , extensions of laminar boundary layer s were not observed.

3.NUMERICAL ANALYSIS

PROBLEM FORMULATION
In this study, we aimed to predict boundary layer transitions by the N-factor method, which is also
available for supersonic LFC wings. Hence, we have developed a 3-dimensional compressible boundary
layer stability analysis code, based on linear stability theory.
The stability equations are derived from non-dimensional NS equations. Each flow variable consists of
two terms. One represents the stable flow variables and the other represents the time dependent term.

Q(x,y,z.t) = Qs{x,y.2) + q (x,y,2,1) 1

When we discuss the spatial propagating wavy disturbance, itis often expressed inthe manner of awavy
function as follows:

q = ¢(y) - explilax + pz - wt)] @)

where o and 3 are complex, and ¢ is amplitudes at neutral stability points. And the disturbance
equations are written in the vector notation form.

dg, /dy =a; - ¢ Q

where «ij is an 8 X 8 matrix whose elements were determined corresponding to o/, 8 and boundary
layer profiles. The disturbance equations and boundary conditions form an eigenvalue probiem.

Flo,B;w) =0+ 0i )

In 2-dimensional analyses(i.e. 3 =0+0i), to analyze the boundary layer stability corresponds to solving
the eigenvalue problem. However, in 3-dimensional analyses, one more condition is required to solve the
eigen value problem. Inthis study, a wave number direction(c .3 ) is also given as the condition, and the
wavepacket assumption gives local amplifications(- o) and integrated amplification rate(N) as follows:

~o=—a,+p,(0a, /8,) ©

N = (-okix ©

NUMERICAL PROCEDURE
The prediction procedure consists of 4 phases.
1inviscid analysis®
2)boundary layer analysis®
3)stability analysis
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4)transition prediction{N-factor method)

CODE VALIDATION

To validate the analysis procedure, comparisons were made between present analyses and other
analyses or experiments.

Fig.4 shows the comparison of the neutral stability profile for the Blasius' boundary layer between the
one calculated in this study and Schlichting's®. Fig.5 shows growths of disturbances on a NACA0012
airfoil at zero incidence. Each line shows the disturbance growth of a certain frequency and the transition
point was predicted as the intersection of the envelop of growth lines and transition criterion(N=9), and. A
indicates the test result®. Furthermore, Fig.6 shows comparison of the transition Reynolds numbers of flat
plate boundary layers with experiments®. Each analysis(Fig.4-6) shows good agreement with other
analyses and experiments.

NUMERICAL ANALYSIS
Boundary layer stability analyses were carried out on the test case, M=2, A=45" , a=0" , R=4.4 % 10°,
-Co=0(solid surface). Fig.7 shows the neutral stability profile. Fig.7 shows that cross-flow instability is
dominant in the region, which is consistent with the wind tunnel test results. Fig.8 shows the growth if
there are disturbances. It shows that each disturbance gradually changes its direction from cross-fiow
instability to T-S.

4.CONCLUSIONS
Through supersonic wind tunnel tests, useful transition data were obtained and the extension of laminar
regions were also observed; consequently, the validity of supersonic LFC was suggested. Inthis studyon
the numerical analyses, the validity of our stability analysis procedure was confirmed in 2-dimensional
boundary layers. Furthermore, boundary layer stability characteristics in the leading edge region were
made clear inthe series of wind tunnel tests.
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Fig.1 Model Installation
in FHI High Speed Wind Tunnel

Fig.2(a) Upper Surface Pressure Distribution
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Development of Heat Conduction Code THAP and its Application to the Fastener Jointed
Component Analysis

Kunihko OHTAKE
Structural Mechanics Division
National Aerospae Laboratoty
Tokyo, Japan

Mitsuko KAMOHARA and Hirocko INOUE
Marine and River Technology
Tokyo, Japan

Abstract

Ve are developing the finite element heat conduction analysis code "THAP”. The main
purpose of this development is the numerical simulation of the hypersonic aeroframe heat
conduction. Special attention is paid to the joint structure thermal conductivity. The
code can treat transient nonlinear heat conduction with temperature dependent material
property, radiative and convective thermal load and contact thermal resistance. Using the
code, we have examined the parametric identification of a heat conduction model for a
fastener jointed structural component.

1. Introduction:

Recently in Japan, technology development for a hypersonic transportation system has
become a very important engineering subject. There, thermal protection of aeroframes from
the extremely high heat flux caused by aerodynamic heating is one of the most -important
design problems. It is thought that computer simulation will play an important role in
the up-to-date efficient design of a heat resistant aeroframe . For the heat conduction
analysis of solid configuration, Nickell'’ first developped the finite element formulation
with the aid of Gurtin's variational principle®’. Afterwards Oden® developped the general
finite element formulation method based on the weak or Galerkin form variational principle.
Thereafter it seems that, because of the development of the FEM code, heat conduction
analysis is only a problem of computer time, even for very complex configuraton. But the f
acts show that the situation is not so simple for aeroframe heat conduction simulation.
There are mainly three trouble sources which disturb the required precise FEM heat conduc-
tion simuiation. First is the uncertain material properties which is enevitable from a
heat conductivity mechanism. Second is the uncertain heat input and output. The aeroframe s
tructure is composed of thin plates and shells, which means that the surface dimension is
much larger than the thickness dimension. Therefore heat flow through the surface has a
great effect on the solid inside heat flow. I[n other words, the boundary condition is
uncertain. Third is that the usual aeroframe contains many joints, which cause the uncer-
tinty of the numerical simulation model. In order to overcome these difficulties and to
supply sufficient data for design request, development of modelling or system identifica-
tion technique for heat conduction simulation is important. In addition we need a compact
and high performance FEM code which can treat the complex modelling requests.

2. The feature of our heat conduction analysis code THAP *’

¥e developed a new heat conduction code, THAP (Temperature and Heat conduction Analy-
sis Program), in order to cope with the above situation. The emphasis is on the treatment
of boundary heat transfer including contact thermal resistance. In addition THAP can treat
coupling analysis with aerodynamic heating code FIYAD and radiative heat transfer code
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RATYS .

2.1 Program Organization
The program is devided into five phases. The total program structure is shown in Fig.1
1) Input control information, mesh and element data time functions.

2) The system conductivity and heat capacity matrices are assembled in the compact skyline
form *

3) Calculation of Applied heat flow vectors
According to the time dependent load history function data, the program calculates the

nodal heat flow vector. Edge(2D) or face(3D) distributed loads are converted to the nodal
load data.

4) Step by step solution
Central difference time integration and the Forward Euler method is available .
5) Nonlinear equiliblium iteration ‘

If the material properties are temperature dependent, incremental equiliblium iteration
can be available *’.

2.2 Element Liblary

1) 2 node 1D element

2) 3 and 4 node 2D element

3) 3 and 4 node axisymmetic element

4) 4 node nonplaner surface element used for 3D conection or fin element
5) 6 and 8 node 3D element

6) 2 node 3D contact thermal resistance element

Every element can be available for temperature dependent material property.

2.3 Boundary condition

1) Applied heat flux, concentrated and distributed
2) Convection boundary, disrtibuted

3) Radiative boundary, concentrated and distributed
4) Fixed temperature boundary

24 Contact thermal resistance element *’

Our idea of a contact element is the extension of the 1-d heat conduction element.
Let’'s define contact thermal resistance (inverse of conductance) R by Q = A/R¥(T*-T);
where Q:total heat flux, A:contact surface area, T* and T" :contact surfacetemperature of
each side, respectively ® . Comparison of this equation to the Fourier's law of heat con-
duction leads us to the 2 x 2 heat conductance matrix of K = {kij}, where kil and k22 -
A/R, k12 and k21 = -A/R. This is regarded as a limit of the 1-d usual conductance element
where element length is zero. ¥We add that the quantity R can be measured -experimentaly.
In Fig. 2 we demonstrate the contact element ability. Two rods, rodl and rod2, are connected
to each other. The length of rods are L1=0.1m, L2=0. 05m. Thermal conductivity: kl1=2000¥/zK,
k2=1000¥/mK. Specific heat: cl=c2-=500J/m®K. Contact thermal resistance:1/R= 20, 000¥/m?K.
Contact area: A=0.0Im®. From one end heat flux q= 2000¥/m® is given and the other end is
kept to a constant initial temperature of 300K . After 100 seconds, temperature distribu-
tion reaches the steady state, as shown in the figure. The result coinsides with the
theoretical value.

3. Model Optimization "’

3.1 Parameter Identification method
Once the FEM model or heat conductance matrix system is formed, computer simulation

Thic dociiment i nrovided hv TAXA



The Advanced Aircraft Component Technologies 93

is carried out and compared with some observed results. We set the measure of error as E =
Y Wx(Be - Gc)xx2, where ¥ is weight, fe is experimental temperature, 6c is calculated
temperature and summation is taken over all interested points. We want to minimize E by
changing the matrix system and want to get better fitting between observation and simula-
tion . The choice of the parameters or design variables is most important in the optimi-
zation procedure. Our general policy is to minimize the number of design variables.
Usually the dimension of the FEM matrix system is large. VWe choose the physical thermal
coefficients as the design variable base. Quite often coefficients are temperature depen-
dent and it seems inevitable that the number of variables is of the same order as the
number of elements (or even a multiple of of the element number). This is unfortunate. We
don’ t use the coeficients directly as the design variables, but choose the multiplier of
the temperature dependent coefficient function in such a case. Therefore we prepare only
one variable for each material’s particuler coefficient. In another case we set some spe-
cial relation among the different material’s coefficients and make it into one group. Then
only one parameter is necessary to the related coefficients. In seeking the minimum of
object functional E, we use gradient information of § with respect to the chosen variables,
and apply the information to the necessary condition of minima, which says that partial
differential of E with respect to design variable should be zero. This leads us to the
linear system the solution of which tells us the minimun direction. The iteration proce-
dure leads us to the mimina.

3.2 Example Demonstration of the Method

¥e apply the above method to a two piece fastener jointed structure. Fig.3 shows the
2-d FE¥ model of this test specimen. Total height is 150mm, width is 280mm, contact
surface length is 20mm, and the upper 50mm is electrically heated. Temperature measurement
results, partially interpolated to coinside with the FEM node points, are compared with
THAP simulation results. Then parameter identification iterations are carried out. Several
different apprcaches are tested and convergence is obtained. Figs.4 and 5 show a steady
state example, where the thermal conductivity k, contact thermal resistance R and surface
enisivity eml and em? is chosen as the variable base. Here eml and em2 are related linear-
ly. Therefore the number of design variables is three in this case. Three iterations are
enough for this case. Initial and final optimised values of thermal properties, calculated
from the design parameters, are tabulated in Table .
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Abstract

¥e have studied experimentally the heat conductance characteristics of an aluminium
alloy, fastener jointed structure. Our study consisted of the measurement of contact
thermal resistance and the temperature distribution of jointed structural components. The
result shows that near the jointed edge heat conduction is disturbed because of the exis-
tence of the contact surface. This effect is remarkable when the test environmenti is a
vacuum.

1. Introduction

The skin surface of a hypersonic transport aeroframe faces very high heat flux because
of aerodynamic heating. Therefore the structural designer should consider the thermal
stresses and heat conduction. The aeroframe structure is composed of many components,
vhich are the assembleges of the fastener jointed thin structural members. So, for aero-
frame heat conduction analysis, we suppose that the effects of contact thermal resistance
between the contact surfaces should be considered.

Qur experimental heat conduction study of jointed structures is devided into three
phases. The first is the measurement of contact thermal resistance of two kinds of alumi-
nium alloies, 2024-T62 and 7075-T6, which are frequently used in aeroframes. The second is
the estimation of contact thermal resistance of a fastener jointed 2024 aluminuum plate
component® . The third is the temperature responce measurement of a fastener jointed stru-
ctural component with a branch. The last one is intended for example data for the numeri-
cal simulation model of jointed plate structures. In this case several heat conduction
factors affect the measured temperature distribution in realistic simulation. In parti-
cular, convection effects seem very complex, and we excute our measurements both in a
vacuunm and in an atmospheric environment in order to treat the convection effect separate-
ly in the analysis.

2. Direct measurement of contact Thermal Resistance(Ph.1)

2.1 Test equipment and experimental method
The sketch of the test equipment is shown in Fig. 1. The test pieces are as followings;

materials:  2024-T4 and 7075-T6, anticorrosive process on the surface
geometries: diameter 30mm, thickness Z.(3mm, poker chip shape
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Two chips of the same material are placed face to face, and are sandwiched between

stainless steel rods (sus304) of the same diameter . Each rod is equipped with six small

holes for the measurement of axial direction temperature distribution. A rubber sheet
electrical heater is pasted on the upper face of one rod, and a water cooled cold plate is
attached to the bottom face of the other rod. Thermocouples are inserted into the rods.
The side of the whole specimen is coverd by an insulater. The universal test machine gives
the axial compressive loads to the contact surface of the poker chips.

Durring the test, assumed compressive pressure is loaded, the top is heater loaded,
and the bottom is cooled for the specimen. After thermal balance is attained, temperature
measurement is carried out for 12 point. During the test, the coolant water temperature
of the cold plate is hold to 20°C. The supplied heat power is 20¥ for the 2024-T62 test
piece, 30V for the 7075-T6 testpiece. The contact surface pressure is (.1, 1, 10 and 50MPa.
Fig. 2 shows the temperature distribution model of the specimen. The heat flux density is

- al,__ A (1)
a=-Avgy A2 4%

where A1l is thermal conductivity of the test piece, 42 is that of the stainless rod. The
thickness of the poker chip test pierce is dX ,so the difference of the upper rod contact

surface temperature T21(2) and the lower rod contace surface temperature T12(2) is given
by

d
Ti2czr—=T21(ry=— {ATzl—ZE")]C;'AX'*'ATu‘FATn} (2)

where suffix(2) denotes that two chips are used and:

dT2] : temperature drop between rod and test pierce contactsurfaces
dtll : temperature drop between two test pierce contact surfaces.
dt12 : temperature drop between test pierce and rod surfaces

The experimental temperature measurement gives the temperature gradient in the rod.-
T12(2) and T21(2) are obtained from the extrapolation of the measurement.

After that , one poker chip test pierce is removed ,and similar measuement is carried.
In this case The difference of the upper contact surface temperature T21(1)-and the lower
contact surface temperature T12(1) is given by

dT
le(n—sz(n=‘ {ATzz"d_)(—'AX"‘Asz) (3)

The contact surface temperatures T21(1) and T12(1) are also obtained by extrapolation.
Here it is obvious that dT1l can be extruded from the easy operation using eqns. (2) and (3).
Therefore we can get the value of the test pierce contact thermal resistance Rhll.as

AT
Ru: = U

(4)

If we assume that dT21=dT12, then we can get Rh21= Rh12. Precisely, it is observed that
the contact thermal resistance from aluminium alloy to steel is less than the resistance
from steel to aluminium alloy'’.

We use the following thermal conductivity values for the calculation?®.

matelial thermal conductivity
W/ n-K

2024-T62 120

7075-T6 130
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SUS 304 16

2.2 Experimental Results
Fig. 3 shows the relation between contact pressure and contact thermal resistance. The

experinent assumes one-dimensional heat conduction, but the heat leak through the side
insurance is not negrigible. Therefore the temperature gradient in the rod is not linear,
which disturbs the precise extrapolation of temperature at the contact surface. Under such
a condition, our observations are: )

(1) The contact pressure increase causes the reduction of contact thermal resistance. This
is reasonable because of the fact that the pressure increase generates a larger direct
contact area.

(2) The difference of contact thermal resistance between the two materials, 2024-T62 and
7075-T6, is not large in this experiment. This result is caused by the small defference of
the two materials’ hardness and thermal conductivity.

(3) If the contact pressure is more than 10MPa, then contact thermal resistance between
aluminium surfaces, Rhll, becomes a constant value. But contact thermal resistance between
stainless steel and aluminium alloy, Rh2],is still decreasing. This is considered to be
due to the difference of the two materials’ hardness and surface roughness.

3. Heat conduction test of lap jointed member.(Ph.2)

3.1 Test specimen and experimental method.

The specimen is a lap joint type. Two pierces of aliuminium alloy plate is fastened
by 4 bolts. The diameter of the bolt is 4.8mm. The plate is made from 2024-T62 and the
thickness is 2.03mm. A rubber type electric heater is pasted at the top surfaces of the
plate. A cold plate is attached at the lower angled part. The total specimen is shown in
Fig. 4.

In the experiment the bolt is fastened to the defined torque. Then the specimen is
set in a vacuum chamber. The heater supplies thermal loads and the cold plate takes the
role of the fixed temperature boundary. After the system is thermally balanced, tempera-
ture is measured by the thermocouples which are welded on the plate surfaces. Vacuum (less
than 0.5 torr) and atmosphire environments are used for the test. The electric power of
the heater is 60W. The coolant water temperarute is holded to 20°C during the test. The
fastening torqu is changed to 20, 40,and 60 kgf.cm.

3.2 Experimental Results

Fig. 5 shows the temperature plot along the heat flow direction distance. In all §
cases, a temperature gap is observed at the lap joint part. Fig.6 is a heat conduction
model for the specimen. Fig.6{(a) is based on the assumption that the jointed part consists
of one continuum body. The temperature gradient of the joined part is assumed to be one
half of the gradient of the regular part, an anti-proportional assumption to the secticnal
area. Fig. 6(b) shows a contact model for the lapped contact surface. Here the assumption
for the temperature gradient of the lapped part is the same as for the continuum model. In
addition, exsistence of a temperature drop dT due to the contact thermal resistance is
assumed on the contact surface. Denoting the temperature of each contact surface as Tl and
T2, and the overlapping part length as L, the temperature difference of this part is
expressed as

1 dT.
TomT,=— T —-— —— (8)
? ! {a 2 dX L
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T1, T2 and the temperature gradient of (5) is obtained from the experimental measurement.
where :

T21(2) : upper rod contact surface temperature

T12(2) : lower rod contact surface temperature
THerefore dT can be calculated. In addition, heat flux q2 through the contact srface is
written as

_t ., dT,
== D5% (6)

wvhere t is the single plate thickness.
Then, using this dT and q2, the contact thermal resistance extruded from this test shoud b
SH
AT
Q2

Ru=

(7)

Fig. 7 shows the relation between the fastening torque and contact thermal resistence

Rh. In addition the upper horizontal scale stands for the contact pessure, which is cal-
culated from the relation between fastening torque and force. From this graph, the follow-
ing results are derived.

(1) The value of contact thermal resistance is larger in a vacuum than at atmospheric pre-
ssure. If the mean free path of the filler gas in the contact surface gap is less than the
gap dimension, which is caused by the chamber pressure reduction, then the contribution of
filler gas to the heat conduction between two surfaces should be reduced*’.

(2) The differences of resistance values among the different torques are not so distin-
guishable. This comes from the large fastening torque engaged in the test. Then the contact
surface conditions become thermally equivalent. But precise observation detects that the
increase in torque causes a small increase in resistance, which contradicts the results of
the preceeding section. This is explaind by the fact that the large fastening torque
causes a delicate deformation of the plate part away from the bolt, which causes insuffi-
cient contact in the area. In addition, the fastening torque of an aeroframe high rock bolt
of this size is about 35 to 46 kgf.cm Therefore the setting level of torque is reasonable
for aeroframe application.

(3) The contact thermal resistance calculated in this section is about 10 times larger
than that of the preceeding section. For comparison, of course, the torque is changeg to
the equivalent contact pressure. The one dimensional heat conduction model assumption of
Fig. 6 seems insufficient for this lap joint case. The estimated value, Rh of egn. (7) should
be called "system resistance value” ,which should be regarded as a different concept from
the direct measured value.

4. Heat conduction test for the fastener jointed component with branch member.(Ph.3)

4.1 Test piece, test equipment and experimental method.

Five test pierces are classified into two series which are described in Table 1. The
features of the test pieces are shown in Fig.9. In the T series, an angle member is jointed
to a plate with a fastener. The material is 2024-T62 anticorrosively processed aluminium
alloy. The widths of the lapped parts are 30mm and 50mm. The number of fasntener bolts are

6 x 1 and 6 x 2, wvhere the second number stands for the column. The distance between the
bolts is 25mm. The fastening torque is 46 kgf.cm. In the r series, two folded plates with
a radius of 10mm are fastener jointed. The lapped part width are 12mm, 20mn and 30mm. The
torque is 45 kgf.cm for rl and r2, and 40 kgf.cm for r3. The number of fasteners is 4 x 1
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for rl and 12, 4 x 2 for r3. The fastener distance is 30mm for ri and r2, 50mm for r3. For
all cases standard aeroframe fasteners are engaged. Rubber heaters of 5) mm x 150mm are pa
sted on the top face of each piece . The one heater electric capacity is 60¥. We refer to
the heater sides as "top” or "upper” and the opposite side as "bottom” or "lower” after-
wards. At the bottom branched end, cooling tubes made of copper are connected with screws.
Thermocouples are spot welded on the center line of the specimen.

The test equipment system is shown in Fig. 10. The specimen is set inside the vacuum
chamber. The transformed electric power is supplied to the rubber heater through the va-
cuun connecter. The constant temperature water reserver supplies coolant water to the
copper tube. The temperature is measured by the data logger of 60 points per second sca-
nning speed which is operated automatically by the personal computer. The pressure condi-
tion of the chamber is the same as in the preceeding section, 1ie, vacuum or atmosphere.

4.2 Test results

Thirty minites after the power is turned on, thermal equiliblium is obtained, and
temperature measurement is carried out. The results are shown in Fig. 10.

(1) In the lapped part, at least within [0mm from the upper lapped edge, the surface tem-
perature of the heated plate, which is called the main plate, is higher than the opposite
surface temperature of the branched plate.

(2) The temperature difference of (1) is remarkable in a vacuum but very small in atmos-
pheric condition.

{3) The temperature difference is small in the off lapped, lower part.

(4) For the T series specimen, at the lapped lower edge region , the temperature of the
branched plate is higher than that of the main plate.

(1) and (2) is the effect of the contact thermal resistance. This is also verified by
an addditional test, where continuum and fastner joined step shaped plates are compared
for the temperature measurement. The reason for (4) has not yet been well analised. There
are several facts to be noted: 1) the branched plate is a little bit thin by about 0. (5mm,
2) the inside of the angle corner is very thick, 3) distance definition is different bet-
ween flat plate and corner.

5. Concluding comment

¥e studied, under relatively low heat flux, the heat comduction characteristics of
the structural components which have lapped and fastener jointed part. The fastener join-
ted aeroframe is thermally very strongly connected under atmospheric conditions. We are
much interested in the very weakly contacted part and /or very strong heat flux condition.
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Table 1 Test Piece Geometrics for Ph.3 Test
test piece  width lapped number of fastening fastener
type mm  length mm fastener torque pitch mm
T1 150 30 6x1 40lb.inch 25
T2 150 50 6x2 40lb.inch 25
rl 150 12 4x1 45kgf.cm 30
r2 150 20 4x1 45kgf.cm 30
r3 150 40 4x2 45kgf.cm 50

material:2024, thickness:2mm, heater:50x150mm 60Wx2, coolant:2l/min.
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Development of an Interface Program for Coupling Analysis
of Thermal Transfer between Fluid -and Structure

Yasuhiro FUIIWARA
Aerospace Division
Fuji Heavy Industries,Ltd.
Utsunomiya, Japan
Kunihiko OHTAKE and Yukimitsu YAMAMOTO
National Aerospace Laboratory
Tokyo, Japan

1. INTRODUCTION

In the structural design of SSTs or spacecraft, the prediction of temperature of the structural
surface is important. Coupling analysis of thermal transfer between fluid and structure is useful in
this prediction. But such a coupling program has not been available commercially.

In the first year of this study, a two-dimensional coupling analysis program was developed for a
structural model of the leading edge of a wing.

In the second year, a two-dimensional interface program and control program were developed.
These two programs run with the fluid dynamics part of the coupling program developed in the first
year, and one of the commercially available structural analysis programs.

In the final year, the transfer method of the interface program was modified. The program has
been available to couple analyses between fluid and structure with the different size of boundary
meshes each other.

The transfer method of the interface program was designed for extension to three-dimensional
coupling analysis in the future.

2. METHOD OF DATA TRANSFER

At the boundary between fluid and structure, two types of data are transferred by the interface
program. One is heat flux through the boundary from fluid to the structure, and the other is
temperature through the boundary from structure to fluid.

Figure 1 shows the method for three-dimensional data transfer. The basic mechanism of the data
transfer is that the value of point D is linearly interpolated or extrapolated among the values of three
points A, B, C. Then points A, B, C are selected as the nearest three points to point D.
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Now, 'V'in Figure 1 is assumed as the value of heat flux, point D is the center of the mass of a
boundary element of the structure, and points A, B, and C are the centers of the mass of the cells of.
the fluid nearest to point D. The heat flux value of these points are Vp, Va, Vg, and V. If the
plane including points A, B, and C is defined as X-Y plane, the positions of these points are
described as (Xp,Yp), (Xa,Ya), (Xg,Yp), and (X¢,Y(). But, (Xp,Yp) is the position of point D
that is projected on the X-Y plane normally.
The transfer from heat flux V, Vg, and V¢ to Vp is

VA
Vo={Ca C Cc]| Vs (1)
Ve

where Cp, Cp, and Cc are the coefficients of transfer and the function of position X and Y.
If the heat flux around the point is described as

. C1
V= [X Y 1] Cel . )
C3

Then, these coefficients Cq, C;, and C3 are obtained from the following equation.

C1 Xa Ya I} -1 |Va
Caf=1|Xp V3 I VB 3)
03 Xc Ye I Ve

According to equations (2), and (3), coefficients Ca, Cp, and Cc in equation (1), which transfer
the heat flux from fluid to structure, are obtained from the following equation.

XaYa 1] -l

[Ca Cp Cc)=[Xp Yo 1] |XB VB I (4)
Xc Yo I

Similarly to the above formulation about heat flux, if 'V' in Figure 1 is assumed as the value of
temperature, the coefficients C5, Cp, and C¢ which transfer the temperature from structure to fluid,
are obtained from equation(4).

Point D is the center of the mass of boundary cells of the fluid, and points A, B, and C are the
centers of the mass of the element of the structure nearest to point D. And the temperature value of
these points are Vp, Vu, VB, and V.
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3. SYSTEM OF COUPLING ANALYSIS

The system of coupling analysis consists of a fluid analysis program, a structural analysis
program, interface programs, a control program, and a transfer coefficients generation program.
Figure 2 shows the flow-chart of the system.

The fluid analysis program is 'HYPER-2d' which was developed in the first step of this study.
The structural analysis program is 'MSC/NASTRAN-PWS' which is one of the commercially
available programs.

In each step of execution of 'HYPER-2d', the temperature of the surface of the structure is
assumed to be constant. And in each step of execution of 'MSC/NASTRAN-PWS', the heat flux
from the fluid is assumed to be constant.

Interface programs 'HT2A3' and 'HT2B3' have been created in FORTRAN77. 'HT2A3'
transfers the heat flux from fluid to structure, and 'HT2B3' transfers the temperature fromstructure
to fluid. Figures 3 and 4 show these flow-charts.

The control program 'HEAD3' has been created in C-Shell. 'MSC/NASTRAN-PWS' exists on
one engineering-work-station(EWS), and '"HYPER-2d', 'HT2A3', '"HT2B3' and 'HEAD3' exist
on the other EWS. These two EWS are connected on the network. 'HEAD3' controls the loop of
executions of 'HYPER-2d', 'HT2A3', MSC/NASTRAN-PWS', and '"HT2B3'.

The transfer coefficients generation program 'HT2C3' is created in FORTRAN77. 'HT2C3'
reads the point position data on both boundary of fluid and structure, and generates the transfer
coefficients by using equation (4). Figure 5 shows the flow-chart of '"HT2C3'.

4. EXAMPLE ANALYSIS

Two example analyses, (a) and (b), were executed to compare the data transfer. The difference
between the two models is the meshes between the cells of the fluid and the elements of structure
on the boundary.

Figure 6 shows two models. Figure 7 shows the result of the analysis. The difference in
temperature was 0.11K at the end.

Conditions:

Mach number: 6.47, structure; a stainless steal column of 3.81 cm radius outside and 2.54 ¢cm
radius inside; initial temperature: 294.44K, time step: 0.1sec; end time: 2.0sec, meshes on fluid: 25
X 60, meshes on structure: (a);25X% 6,(b);20X 6, number of convergence loops in a step of
'HYPER-2d": 300
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5. CONCLUSIONS

The transfer method of the interface program was designed for extension to three-dimensional
coupling analysis of fluid in the future. The method is also available to couple analyses between
fluid and structure with the different size of boundary meshes each other.

A two-dimensional interface program was developed using the above method, and demonstrated
the effectiveness of the method.

A three-dimensional coupling analysis system will be developed by using 'HYPER-3d' on the
super-computer and the method designed here.
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1. Introduction

The Concorde, a supersonic transport developed by the collaboration of France and the United
Kingdom, commenced commercial flight in January, 1976, and has continued in service for
approximately 20 years. Various kinds of sciences and technologies surrounding aircraft and aircraft
industries have made great progress since the development of this aircraft. Moreover, the demand for
aerial-transport has become much greater than in the days of the Concorde development.
Furthermore, since the Concorde is expected to be retired from commercial flight in approximately
ten years, world-wide interest in developing a Concorde successor has grown.

To participate in the future international development of the next generation supersomic
transport (SST), aeronautical industries in our country, with the Society of Japanese Aerospace
Companies (SJAC) and the Japan Aircraft Corporation (JADC) as leading organizations, are
undertaking various kinds of surveys and investigations. In such an environment this study is
performed jointly with the National Aerospace Laboratory, Kawasaki Heavy Industries, Fuji Heavy
Industries, and Mitsubishi Heavy Industries.

SST’s are subjected to high temperatures over a long period of time through aerodynamic
heating. Accordingly, it is a fundamental problem to evaluate the effect of thermal aging on the
strength of SST structural materials. On this account, candidate materials should be actually exposed
to long-term high temperatures and the loss of strength should be investigated.

This study investigates the strength of six kinds of candidate metallic materials for SST
structures at room and elevated temperatures before and after thermal aging. The results obtained
are presented and discussed. Moreover, the possibility of accelerated environmental-simulation tests
to evaluate the effect of thermal aging in a shorter time is discussed. There are no published research
reports which systematically clarify the strength deterioration of the relatively new light metallic
materials and thermal aging conditions tested in this paper.

2. Materials and Test Procedure

2.1 Materials
The materials tested are the following six kinds of light metallic materials.
(1) 2618-T61 aluminum alloy: an aluminum alloy for high temperature use, identical to RR.58 or
AU2GN used in the Concorde and called a Concorde material CM.OOl”, is the base line
material of this study.

Thic dociiment i nrovided hv TAXA



120 SPECIAL PUBLICATION OF NATIONAL AEROSPACE LABORATORY SP-31

(2) 2519-T87 aluminum alloy.

(3) 2124MMC-T4: a particulate metal matrix composite material, S;C particle reinforcement (17%
wt.).

(4) 6013-T6 aluminum alloy.

(5) 7150-T77 aluminum alloy.

(6) AL-905XL: an ODS (Oxide-Dispersed Strengthening) alloy produced by a mechanical alloying
method. An aluminum base matenial including M, and L;. aimed at increasing rigidity and
strength and lowering density.

2.2 Test Procedure

2.2.1 Aging Temperatures and Time, and Test Temperatures for Static Strength

120°C and 180°C were selected as the aging temperatures. This range roughly corresponds to that of
Mach number 2.2-2.5. Two thermal aging times were selected, 5,000 and 10,000 hours. Room

temperature (RT: 23°C), 120°C, and 180°C were selected as the temperatures used for tensile tests
before and after thermal aging.

2.2.2 Test approach

Specimen configuration follows the JIS-13B form. Thermal aging was conducted by exposing test
pieces in two air circulating ovens maintaining temperatures of 120 °C and 180 °C. Several times
during aging these ovens experienced power suspensions. However, the effect of these breakdowns
was ignored in this study. The number of test results are normally five in each case, though there are
a few cases consisting of four test results for reasons of test pieces or tests.

3. Test Results and Discussion

Figure 1 indicates the relationship between tensile strength (average value) and test temperature as a
parameter of thermal aging condition. This figure was transformed into the relationship between
tensile strength and aging time and shown in Fig. 2.

Contents deduced from these figures and their evaluation are as follows:

(1) The tendencies of strength change indicated in 2618-T61, 2519-T87, and 6013-T6 are similar.
In other words, there is practically no strength degradation with 120°C aging, though a trivial
degradation for 2519-T87 is found. With 180°C aging, tensile strength deteriorated enormously in
the first 5,000 hours and dropped slightly during the interval of 5,000 to 10,000 hours. The strength
drop is almost saturated in the first 5,000 hours. Furthermore, the tensile strengths of 2618-T61 and
2519-T87 are close to each other. The tensile strength of 6013-T6 is comparatively lower than these

values. If the three materials are arranged in favorable order, this order is 2618-T61, 2519-T87, and
6013-T6.

(2) The tendency of strength deterioration in 2124MMC-T4 is similar to that of 7150-T77. Their
strength at room temperature is high and shows a relatively large drop at elevated temperature. The

strength reduction through thermal aging also appeared even at 120°C. With 180°C aging the
strength reduction nearly saturates in 5,000 hours.

(3) In case of AL-905XL, though the strength at room temperature is very high, it becomes lower
at the higher level of test temperature. The effect of 120°C aging on the strength is very small. After
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180°C aging the strength at room temperature deteriorates slightly; however, the strength reduction
is very small at 180°C. Generally the aging effect on the tensile strength of this material is very small.

(4) The difference in strength after thermal aging of 5,000 and 10,000 hours is small for all. six
materials. The materiats of which aging effect is large at 120°C or 180°C show the aging effect even
after 5000 hours and this effect is confirmed by the test results at room temperature after thermal

aging.

(5) If the most relevant material is selected for use at less than 120°C, 2618-T61 or the Concorde
material CM.001 is still the best among the six materials tested in this study.

(6) Judging from the test results for 2124MMC-T4 and 7150-T77, it is apparently impossible to
predict the residual strength after thermal aging only through tensile tests at elevated temperatures
without any thermal aging.

(7) Figure 2 indicates that the difference between the strengths at room temperature and aging
temperature is very close in every aging case. This is shown by the difference between a broken line
and a solid line in this figure. However, with AL-905XL and 7150-T77 the difference between the
strengths of non-aged materials at room temperature and 180°C is slightly larger than the value
estimated by this principle.

(8) From the results described above, if it can be assumed that the aging effect at 120°C or:180°C
on tensile strength almost saturates between 5,000 and 10,000 hours, the strength after any aging
longer than 10,000 hours will be at least higher than that predicted by a linear extension line passing
through two values of strength at 5,000 and 10,000 hours. This fact provides a possibility of
developing a method for accelerated environmental-simulation tests. However, for:2124MMC-T4
and 7150-T77 at 120°C aging it is difficult to consider that the strength reaches-saturation by 10,000
hours. Actual aging time of up to about 20,000 hours is thought necessary, which is as long as that
for the Concorde material CM.001"

4. Concluding Remarks

(1) For application to the SST structures, no other material is found to be superior to the base line
material 2618-T61, which is identical to the Concorde material CM.001.

(2) On the basis of the test results of tensile strength vs. aging time, there is a possibility of
developing a method for accelerated environmental-simulation tests.

Reference
1) N.F. Harpur. "Structural Development of the Concorde," Aircraft Engineering, March 1968.
pp. 18-30.
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Fatigue Characterization of Fiber/Metal Laminates

Y. TOI and Y. FUIIWARA
Aerospace Division
Fuji Heavy Industries, Ltd.

Utsunomiya, Japan
ABSTRACT

High performance aircraft in the future need more damage tolerant materials and optimized designs.
In SSTs, the prevention of lethal rapid decompression in high altitude operations is one of the issues
for the structural design of the fuselage. In meeting this requirement, fiber/metal laminates are
considered as one of the candidates. Fiber/metal laminates show the attractive feature of slow crack
growth. So far, one problem for structural designers in the application of fiber/metal laminates has
been that the estimation of crack growth is too complex and has limited generality. A new simple
approach is proposed with coupon test results with Glares. Assuming a monolithic thickness and that
the surface cracks go through the thickness, the modified stress intensity factor (AKmqq) is introduced
with the basic stress intensity factor (AK) multiplied by the modification factor (3). The
modification factor ¢, can be defined by just the crack size. The current analytical practice for
aluminum alloys is effective for fiber/metal laminates with AKnoq. This approach is a practical way to
understand the performance limit of fiber/metal laminates and is effective in the development of new
types of fiber/metal laminates.

1. INTRODUCTION

One of the issues in the structural design of the SST fuselages is the prevention of lethal rapid
decompression in high altitude operations. The problems of multi-site cracks in the current aging
transports will be more critical in SSTs. Sudden link-ups of small cracks and the isolations by
flapping mechanism may be accepted in structural design, but should be avoided in view of the
medical dangers of rapid decompression. In meeting this requirement, the high fatigue resistance of
fiber/metal laminates is very attractive and fiber/metal laminates are considered to be one of the
candidates for the next generation SST fuselage.

Fiber/metal laminates consist of alternating layers of thin metal sheets and fiber reinforced plastic
sheets. Through extensive development studies by Delft University, Structural Laminates Company
and other researchers, aircraft applications for the production parts of the secondary structures have

been started and evaluation tests for the primary structures are being conducted now.
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The crack growth rates in fiber/metal laminates are much slower than in conventional aluminum
alloys. The basic mechanism of this slow crack growth is explained by 'fiber bridging' at the crack
tip. Local delaminations between metal sheets and fiber layers or delaminations in fiber layers around
the crack tips relieve the stress concentration of fibers. Shear deformation of the adhesive between
metals and fibers also relieve the fiber stresses. The crack growth depends on the balance of strength
and stiffness between fibers and adhesives. Schijvel explained the basic mechanism well in his
report. Marissen2 developed a break down analysis model to describe the process of crack growth in
fiber/metal laminates (for ARALL Laminates).

So far, one engineering drawback in the application of fiber/metal laminates has been that the
mechanism of the fiber bridging is too complex and the properties show limited generality. The
purpose of this study is to develop a simpler and more practical estimation method for the crack
growth of fiber/metal laminates. Crack propagation tests have been conducted with Glares, which is
one of the commercially available fiber/metal laminates from Structural L.aminates Company. Through
the evaluation of the test results, a simple empirical crack growth model has been derived.

2. CRACK PROPAGATION TESTS

2.1 TEST SPECIMENS AND PROCEDURE

Glare is one of the commercially available types of fiber/metal laminates made by Structural
Laminates Company. It consists of 2024-T3 aluminum alloy sheets and fiberglass tapes. Fiberglass
layers are not post-stretched.

All test items are summarized in Table 1. In the crack propagation tests, the center cracked tension
specimens made of four types of Glares were tested with four levels of constant amplitude cyclic
loads at room temperature. Two types of initial starter notches are prepared at the center hole; one is
the through-saw cut and the other is the corner-saw cut (one surface only). The size of the saw cuts
was about 1mm to 2Zmm.

One multiple-site-cracks specimen which had no initial starter notches was also tested at the lowest
stress level. The stress ratio was 0.05, and the cyclic loading speed was 5Hz in all tests. Residual

strength tests were carried out for some specimens subsequent to the crack propagation tests.
All specimens had the same shape as shown in Fig. 1. The tests with the specimens with comer

cracks and all Glare2 were carried out at Yokohama National University and the others at Fuji Heavy
Industries. The crack length on both sides of the metal surfaces was measured by magnifying glasses.

Thic dociiment i nrovided hv TAXA



The Advanced Aircraft Component Technologies 127

See Fig.2 for the test set-up condition.
2.2 TEST RESULTS

An example of test results (a-N curve) is shown in Fig.3. Even when the crack length became
longer, the crack growth rate did not rapidly increase. In some cases, crack growth rates looked
constant and in other cases seemed to slow down.

The condition of the delamination and the broken fibers in typical specimens was examined by
chemical etching (Fig.4). The results of etching show that major delaminations exist between the
adhesive layers and the fiberglass layers. The cracks on the adhesive layer next to the surface
aluminum layer reaches the crack tips of the surface. But most of the fibers look intact. Inside metal
sheets have cracks which almost reach the surface crack tips. Delaminations in the fiberglass layers
are not clearly found.

In the comer crack tests, the visible cracks at the reverse side of the starter notch side were
nucleated comparatively earlier and followed the reverse side cracks. Difference in crack propagation
rates da/dN between the through-saw cuts and the corner-saw cuts was sufficiently small(Fig.5).

The multiple-site crack propagation test was carried out until all of the cracks were linked up on the
surface. The cracks were nucleated at both edges of all holes.

Nucleation was earlier than expected, but crack propagation was slow and not accelerated until the
end of the test. After the surface cracks linked up, the specimen did not break away, and the
remaining fiber layers sustained the loads. An example a-N curve of the center hole in the
multiple-site-cracks specimen is shown in Fig.6.

The results of the residual strength test show clearly that not all fibers were broken along the crack
of the metal layer(Fig.7).

3. REVIEW OF SLOW CRACK GROWTH MODEL

The schematic illustration of the fiber bridging at the crack tips is described in Fig.8. The break
down analysis model developed by Marissen? is the basis for discussing the fiber bridging. One of
the key equations is

Kia = (812 -Cpja X Spr) X (71 X @) 172
where

Kja; stress intensity factor in fiber/metal laminate
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Sia; remote stress in the total laminate
Cy/a; correction factor on the efficiency of the crack bridging stresses , related to the axis ratio of
the delamination

Spr;  crack bridging stress calculated over the thickness of laminate.
a, half crack length

A schematic illustration of the equation is shown in Fig.9. Actually, the term of ' Cyy, X Sy, is not
easy to determine. Complex effects of shear deformation of the adhesive (elastic /plastic),
delamination growth and fiber strength are condensed into the term.

4. AN EMPIRICAL CRACK GROWTH MODEL

At first, the same evaluation approach to the metal sheets is tried on the Glare test results. Assuming
that the laminates are monolithic in thickness and that the surface cracks go through the thickness/, the
apparent stress intensity factors (AK) for laminates are calculated. Fig.10 (a), (c) and (e) show the
relations between the crack growth rate da/dN and the apparent AK each for Glare 2-3/2, Glare 3-3/2

and Glare 4-3/2. In this approach, da/dN characteristics are not specified only by the AK. Data seem
to vary with the stress levels.

Then, the modified stress intensity factor ( AKmod) is introduced by the apparent stress intensity
factor (AK) multiplied by the modification factor (3¢,). The flow to determine 31, is shown in Fig.11.
'"AKpod 18 intended to show the actual AK on the aluminum surface foil of the fiber/metal laminate,
which is the 2024-T3 sheet. The interesting results obtained by this approach is that the 3¢, shows a
definitive correlation to the crack length 'a’. Several test results at different stress levels tend to fall
along one functional line. The summary of the obtained 3;, data for Glares is shown in Fig.12, and
the curves which best fit the data points of 3¢, are shown in Fig.13. The effectivity of the 3¢, can be
found clearly in Fig.10(b), (d) and (f). Crack growth rates da/dN of fiber/metal laminates become
available to the designer's hand by using the AK ;04

Crack growth analysis of fiber/metal laminates is easily conducted by the conventional Paris Law.

da/dN =C X (AK pogm

=C X (Brp X ATy, X (7w X 2a)lf2)
C, m ; material constant in Paris Law

( same as for 2024-T3 in Glares)

A 0, ; average laminate stress range
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An example comparison with the test data and the analysis with the above simplified equation is
shown in Fig.14. Generally, good correlation is shown. A back-life from the crack length a= 60mm
is compared. Back-life estimation is one of the practical engineering methods in damage tolerant
analysis for current commercial airplanes . The differences after 600,000 cycles are thought to be due
to the effect of the initial starter notch and the initial specific delamination growth mechanism.

5. CONCLUSIONS

Fiber/metal laminates have the attractive features of extremely slow crack growth, but the
mechanism of fiber bridging is too complex for designers.

A simple empirical approach has been developed. With the modification factor 3¢, applied to the
stress intensity factors, da/dN of fiber/metal laminates become available to the designer's hand. This
approach is a practical way to understand the performance limit of fiber/metal laminates and is
effective in the development of new types of fiber/metal laminates.

The effect of spectrum loadings is not covered here. But the approach developed herein will be a
good baseline from which to discuss the phenomena.
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Table 1 Summary of all test items

< MATERIALS >
FIBER/METAL FIBER, FIBERGLASS METAL
LAMINATES (S-2 OR EQUIVALENT) Al
GLARE 2 100% 0° FIBERGLASS 2024-T3
GLARE 3 50% 0°, 50% 90° FIBERGLASS 2024-T3
GLARE 4 70% 0°, 30% 90° FIBERGLASS 2024-T3
[ <CRACK PROPAGATION TESTS> = 7777
TEST LAMINATE| CONFIGURATION |LAMINATE |NO. OF TEST
SPECIMEN |TYPE NO. OF LAYERS NOMINAL |SPECIMENS
ID (METAL/FIBER) THICKNESS
A GLARE 3 3/2 1.12mm 7
B GLARE2 | 3/2 1.12mm 6
C GLARE4 | 3/2 1.44mm 4
D GLARE3 | 4/3 1.62mm 7
<MULTI-SITE CRACK PROPAGATION TESTS >
GLARE3-3/2  5/32IN DIA HOLES WITH 5.8D PITCH 1
< RESIDUAL STRENGTH TESTS >
GLARES3-3/2, GLAREA4-3/2, GLARE2-3/2 1 EACH
GLARE3-4/3 2
- 208 mm > N
Initial Crack (Saw Cuts)
A o O 0 0jO0 0 ©0 O
|
D=4.1mm D=4.1mm
e open hole
I “plus
£ p
S T/ saw cuts
LN
| ]
Initial crack (R=0.05)
| doubler Level 1 98 MPa
/ Level 2 147 MPa
Level 3 196 MPa
Level 4 245 MPa
' [ o I « 2« B o ] lC) o 0 O

Figure 1 Configuration of the test specimen
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1. INTRODUCTION

Adequate inspection schedules are considered to play increasingly an important role in maintaining
the structural integrity of advanced aircraft designed by the damage-tolerant method 1 -4 A rational
determination of inspection schedules, sample size, first inspection time and inspection intervals is the
key to effective detection, repair and replacement of fatigue cracks, and the resulting failed elements in
order to maintain the required reliability of aircraft structures. Structural reliability analysis is realized
to be a useful tool *! for developing adequate inspection schedules because several primary factors, such
as initial crack length, fatigue crack initiation time, fatigue crack propagation, service loads, residual
strength, and crack detection capability, are probabilistic and need to be treated in the analysis.

For the reliability analysis to be performed with a high degree of engineering soundness, the
probabilistic models used for the analysis must be defined reasonably well. However, the usual paucity
of pertinent data makes it difficulty for the probability density functions of those factors and of their
respective parameter values to be determined. Although actual data collected during in-service
inspections is limited in quantity as well as quality, it is a valuable source of highly useful information
that will be utilized not only to determine reliability-based inspection schedules but also to estimate
uncertain parameters in the physical model.

From this point of view, this research concentrates on the development of Bayesian reliability
analysis > ~®, which can estimate subjectively appropriate values of uncertain parameters with
decision-making on the basis of posterior probability and can develop optimal non-periodic inspection
schedules utilizing small sample field data collected during inspections.

A fatigue-critical element model used in the present study is a two-bay fail-safe structure in the
fuselage which consists of multiple components, namely, three frames and a skin panel. This element is
subjected to cyclic stress due to differential pressure and is designed in accordance with the
damage-tolerant method. Monte Carlo simulations are carried out to generate the failure process in the
structural element and to demonstrate the validity of the proposed Bayesian reliability methodology.

2. FATIGUE-CRITICAL STRUCTURAL ELEMENT MODEL

2.1 True Element Model

For a fatigue-critical structural element in Figure 1, the materials of skin and frames are 2024-T3
and 7075-T6 aluminum alloys, respectively. The failure process consists of crack initiation, propagation
and unstable crack growth. Fatigue cracks in the element propagate to the longitudinal direction of
fuselage.

1) Applied load
Aircraft fuselage structures are subjected to several kinds of loads. In this analysis, however, it is
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considered that the structural element is only subjected to cyclic constant stress As due to the cabin
differential pressure for each flight.. This stress depends on a location of the element, and As is assumed
to be a random variable normally distributed.

2) Fatigue crack initiation

Fatigue cracks initiate simultaneously at both sides of rivet holes in the skin and the center frame.
The initial half crack length a, is assumed to be the sum of the hole radius r, and the initial through
crack length a; shown in Figure 2. The time to crack initiation (TTCI) t,is a random variable governed
by a two-parameter Weibull distribution:

fo(to) = & (229)* exp(-(12)*) (1)
BB B

3) Fatigue crack propagation

Fatigue cracks on both sides of the rivet holes of a skin plate ag and a center frame a; subjected to
cyclic . loadsing propagate under the Paris law with the stress intensity factor range modified by
coefficients P

(1) Skin a: 43 _ C5(AKs)"S [¥))
dt

AKs = AsYras BrramePBulge

3)
Cs = 10°8
(2) Frame a;: 4 _ Cr(AKF)F @)
dt
AKF = AsYrar BwiPsi
F F Skin b ®

Cr = 10°F

in which parameters zg and z, are random variables assumed to be normally distributed. The period of
skin fatigue crack propagation lies between t, and t; shown in Figures 2 and 3. During that period, the
crack propagates from a, to a,. The variables, t; and a; denote the time and the crack length when the
element fails as mentioned below.

4) Element failure criterion

An element can fail either before or after fatigue crack initiation. Before crack initiation, the
element is considered to have failed when the stress due to differential pressure exceeds the strength of
the element. After crack initiation, the following two failure modes are considered to exist.: A failure due
to unstable crack growth occurs when the crack length reaches a certain level a; which is derived by a
failure criterion. This unstable crack is arrested at both sides of frames because the residual strength
increases near the frames. The other failure mode arises when a fatigue crack reaches the 2-bay fail-safe
crack length which is equivalent to a, Feddersen's criterion of residual strength is adopted for the
condition of unstable crack propagating. This criterion involves yield stress Sy and fracture toughness K¢,
both of which are random variables governed by two-parameter Weibull distributions.

2.2 Element Model for Bayesian Reliability Analysis
External detailed visual inspection is implemented in order to detect skin cracks in the element
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shown in Figure 1. Therefore, a skin crack a;is only used in the analysis. As shown in Figures 2 and 3,
a, is visually detectable when it exceeds ag*= 1, + an;, . The variables r, and a., denote the rivet head
radius and the minimum detectable crack length due to visual inspection respectively. The detectable
crack propagation period lies between t,* and t,. The TTCI of this model to* is much longer than that for
the true model t,.

1) Fatigue crack initiation
The TTCI of the model is assumed to be a random variable with the density function of a
two-parameter Weibull distribution:

fo(tolB*) = & )™ exp(12)°) ©)
B+ B pe

Uncertainty is introduced in the TTCI through the scale parameter B* which is a random variable.

2) Fatigue crack propagation
The period of skin fatigue crack propagation is defined between ty* and t, when the element fails.
During that period, the crack propagates from a,* to a,. The following Paris equation is used to present a
skin fatigue crack propagation:
& - c)™” ()
dt
C = 10°
Integrating Eq.(7) from a,* to the current crack length as at time t, the following expression is obtained:
as(t-oz) = (D10°R-a6" 1" (®)
= (b-2)/2
a:) = TIh + 3min

Uncertainty in fatigue crack propagation is introduced by a random variable z.

3) Inspection

All structural elements are inspected by external detailed visual inspection at the time of each
inspection. It is assumed that element failure can be detected always if it exists during the inspection
process. Therefore, the probability of detecting the element failure is equal to unity.

4) Probability of crack detection for visual inspection
Information on the probabilities of crack detection (POD) is necessary in the present analysis.

(1) Probability of detection for a crack
The probability that a crack will be detected, D(as*ld), by visual inspection depends on the crack
size in excess of the radius 1, of the rivet head shown in Figure 2 and is assumed to be given by a
three-parameter Weibull function as shown below:

D@id) = 1- exp(-@Bniny®}  (9)
d-amin

Then, the probability that the crack will not be detected is given by:
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D(ayd)=1-D@@sid)  (10)
where ag* = as - 1, and a,, denote the inspectable and the minimum detectable crack length.

(2) Probability of detection for cracks at a rivet
Both sides of the rivet head are inspected for cracks. As it is assumed that the skin crack is always
symmetric about the central axis, the probability D, (ag*ld} that at least the crack on the one side is
detected is given by:

Dy(asid) = 1- Dy(ashd) (11

wherest (ag*ld) is:

Dy(asld) = [D(asld)]> (12)

5) Repair or replacement
If a crack is detected in the skin of the element, the skin and frame are repaired or replaced and the
element regains its initial strength.

6) Failure rate and element reliability
Based on the element failure criterion, following two failure rates are defined.

(1) Before crack initiation
The failure rate at time instant t before crack initiation is a very small constant and given by:

Failure rate: h(t) = exp(r) = ho (13)

T

U(t-Ty) = expf- ! h(t)dt} = exp(-(t-To)eexp(r)} (14)
0

Reliability:

(2) After crack initiation
A two-parameter Weibull function is adopted for the failure rate after crack initiation at time
instant t:

Failure rate: h@) = 22 () ! + exp(r) 15)
Br B

Reliability:
v
V(t-to) = exp{-f h(r)dt) = exp(- E}f,f- (t-t0)* - (t-to)exp(r)}  (16)

0
7) Uncertain parameters

Two parameters B* and z are estimated from inspection data such as the number of cracks, crack
sizes and whether or not failures were observed. Other parameters are assumed to be known.

3. FORMULATION OF BAYESIAN RELIABILITY ANALYSIS

3.1 Possible Events at Time of Inspection
At the time of the j-th inspection performed at time T; on a certain element, one of the following
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five events may occur (knowing that this element was repaired or replaced during the / -th inspection
performed at time T, with I<j ):

1) { A:], I): event that the element is found to have failed at the time of the j-th inspection T;.
This event consists of the following two mutually exclusive events:
[1]1 E,; : event that the element failed before crack initiation, sometime during the time
interval [T, T)].
[2] E,; : event that the element failed after crack initiation, sometime during the time
interval [T;,, T|].
2} { Byi(a):], I} : event that a crack of length between a; and a+da, is detected in the element : E,;.
3} [ B;:j, !} : event that no crack is detected in the element. This event consists of the following
two mutually exclusive events:
[1] E,; : event that the element did not fail in the time interval [Tj,, T;] and no crack exists
in the element at the time of inspection T;.
[2] E;; : event that the element did not fail in the time interval [T;,, T;] but a crack exists
in the element which is not detect at the time of inspection T;.

The probabilities of these five events will be evaluated for a particular element in terms of the
probability density and distribution functions f*(ti*) and F,*(tIp*) of the TTCIL a skin crack ag ,
reliability functions U(t)} and V(t) and probability of crack detection D,(aid}. :

3.2 Reliability of an Element After the Latest Inspection T,
The reliability of two types of elements at time instant t* after the j-th inspection is calculated in

the following:

1} Elements repaired or replaced at the j-th inspection )
Elements are repaired or replaced at the j-th inspection in the case of events {A: j, I} or {B,(a): j, {},
respectively:
Reliability:

*
t

R(t"; Repair) = {1 - Fo(t -Tjp")}*U"-Ty) +J fo-TIR PURTY V(I -Dde  (17)
Tj

2) Elements not Repaired at the j-th Inspection
An element is neither repaired nor replaced at the j-th inspection in the case of event {B,: j, I}:

Reliability: R(['; No Repair) = —-&— (18)
P(Bz: j, i}

*
L

Q= {1 -Fy-TUpH}UE-T) +[ fo(t-TaB ) UE-Toe V{ -t)dt

Tj

i+l :
+ Z‘J £o(t- TR Y U T V(L -1) '[k=lj_11 (1 - Dy(as(Ti-tlz))} 1dt 19

3.3 Uncertain Parameters by Bayesian Analysis
1) Prior joint density function of uncertain parameters
Initially, it is assumed that b* and z are jointly and uniformly distributed according to the following
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prior joint density function:

B, 2) = 1 (20)

(B*max-B* min)(Zmax-Zmin)
where:

B'min < ﬁ' < B.mlx v Zmin S Z < Zmax (21)

2) Likelihood function resulting from j-th inspection
The likelihood function LF, for the entire structure as a result of the j-th inspection is calculated as:

LF;= fi LE™ (22

where LF,™ is the likelihood function for element m resulting from the j-th inspection and M is the total
number of elements in the structure.

3) Posterior joint density function of uncertain parameters
The posterior joint density function of the two uncertain parameters b* and z immediately after the
j-th inspection, is given by:

LFjf°

f@*, 2) = (23)

[ P [:: (Numerator) dB*dz

B*min

3.4 Reliability of Entire Structure at Time Instant t* After the Latest Inspection T,
The reliability of the entire structure consisting of M elements at time instant t* after the latest
inspection T, is denoted by Ry(t*) and calculated as:

e B*max rZman .
Rue) = [ [ Ru B, @R PR 9
where:
Mj M2
Ru(t*1B*, 2) = [T] Rm(1*; Repair)]4{ [T Rm(t*; No Repain)] (25)

where M, is a number of elements either repaired or replaced at the j-th inspection, M, is a number of
elements found intact at the j-th inspection and M, + M, = M. In Eq.(25), Ry(t*: Repair) and R(t*; No
Repair) are identical with the reliabilities R(t*; Repair) and R(t*; No Repair) defined in Eqs.(17) and
(18), respectively. Note that R (t*; Repair) and R, (t*; No Repair) are conditional to given values of B*
and z.

3.5 Calculation of Time T,,, for Next Inspection
Assuming that the entire structure must maintain its reliability above a prespecified design level

throughout its service life, the time T;, for the next inspection after the latest one performed at T; is
calculated using:

Rm(1*) = Resign (26)

where R, denotes the prespecified design level of reliability for the entire structure. The time Ty, of
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the (j+1)-th inspection is then estimated as the maximum value of t* that satisfies Eq.(26} as follows:

=-1
Tj+1 =t* =Rm (Rdcsign) (27)

It is obvious that the reliability of the entire structure remains above the prespecified design level
R gesign. through- out the service life of the structure.

4. NUMERICAL EXAMPLE

All the values of a true structural element model and a Bayesian analysis model listed in Table 1 are
approximately corresponding to these applicable to an actual fuselage structural design. Monte Carlo
simulations are performed to generate the failure process in the true structural element.

Two essential uncertain parameters p* and z are set to be jointly and uniformly distributed
according to the following initial prior joint density function shown by Eq.(20). The minimum and
maximum values of these parameters, and their ranges and increments are given by the engineering
judgment as follows:

B* . = 17,000 flights ; B*,... = 66,000 flights ; B* = B* .y - B*mn = 49,000 flights;
AB* = 3,500 flights

Zoin=-41: Z,,=-27; Z=2_,,-Zn,=14 Az=0.1

The aircraft is assumed to have 100 or 200 fatigue-critical elements. The service life is 50,000
flights and the minimum reliability level for the entire structure throughout its service life is set equal
to R4 g = 0.8. This indicates that the reliabilities of one element for both 100 and 200 fatigue-critical
elements are 0.998 and 0.999, respectively under the assumption of independence. The standard
deviation o, of z for the parameters of fatigue crack propagations of skin and frame in Eqs.(2) to (5) is
set at 0.154. This indicates that the speeds of fatigue crack propagation between twice and half the
mean crack propagation speeds of skin and frame account for 95% of all fatigue cracks. The values of
the parameters € and a,,,, in the POD of Eq.(9) are given as € = 1.4 and a,, = 0.04 inches based on the
field data ? of fatigue cracks visually detected. A parametric study on the parameter d in the POD is
performed for d = (1.2, 1.4, 1.6, 1.8) inches, in order to investigate its effect on crack detection
capability.

The reliability curves of the entire structure as a function of time for each combination of M =

(100, 200) and d = (1.2, 1.4, 1.6, 1.8) inches are depicted in Figures 4 and 5 with numbers of failed
elements and of detected cracks. It is shown that the inspections are implemented non-periodically.
The reliability returns to the unity after inspections and decreases along operation. The following
inspection is implemented at the reliability equal to Rg;, = 0.8 and shorter inspection intervals are
given with the progress of operation. The first inspection times T, for M = (100, 200) and d = (1.2, 1.4,
1.6, 1.8) inches are performed after approximately 30,000 flights due to the ranges of the parameter
values, B* and z, introduced by the engineering judgment in this analysis. In the case that the number
of critical elements increases, the number of inspections during service life for each parameter d in the
POD increases in order to maintain the same target reliability Rg,, and the numbers of failed elements
and detected cracks also increase. When the value of the parameter d in the POD gets larger, namely
the crack detection becomes less efficient, the number of inspections increases, and the inspection
intervals become shorter to keep the minimum level of reliability Rgyq, for the entire structure. When
the number of critical elements and the value of the parameter d become large, several elements would
have failed before they were detected by external detailed visual inspection.

The posterior joint density functions of the uncertain parameters, B* and z, after the third
inspection are plotted in Figures 6 and 7 for M = (160, 200) and d = (1.2, 1.4, 1.6, 1.8) inches,
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respectively. The concentration of posterior joint density at the modal values for M = 100 is sharper
than that for M = 200, because the number of cracks found at the third inspection for M = 200 is
smaller than that for M = 100. It is anticipated that the concentration is around the reasonable modal
value.

5. CONCLUSIONS

The damage tolerant fuselage structure of an aircraft is analyzed and the usefulness of the Bayesian
reliability analysis has been demonstrated. The results of the numerical examples verify that this
analysis can indeed generate appropriate non-periodic inspection schedules with the estimation of
uncertain parameters even if a large number of crack data could not be collected during inspections. If
a fleet of aircraft can be inspected as in the actual case, alarge number of cracks and possibly failures
will be found and it makes the Bayesian analysis even more practical. It is also pointed out that the
present study has evaluated the generation of the failure process consisting of fatigue crack initiation
and propagation and final failure in the structure element.

ACKNOWLEDGMENTS

The authors are indebted to Professor Masanobu Shinozuka of University of Southern California,
Professor Hiroshi Itagaki of Yokohama National University and Professor George Deodatis of Princeton
University for their useful suggestion and advice onthe Bayesian reliability analysis. They also thank
Mr. Tom Swift and Dr. Sam Sampath of the Federal Aviation Administration for their technical
assistance and suggestion on the damage-tolerant design.

REFERENCES

1) Swift, T. ; Damage Tolerance Capability, International Journal of Fatigue, Vol.16, No.1 (1/1994),
pPp.-75-93.

2) Swift, T. ; Widespread Fatigue Damage Monitoring -Issues and Concerns, Proceedings of FAA/NASA
International Symposium on Advanced Structural Integrity Methods for Airframe Durability and.
Damage Tolerance, NASA Conference Publication 3274 Part 1 (5/1994), pp.829-870.

3) Federal Aviation Administration, FAR 25.571(Draft}(7/1993) ; Damage-Tolerance and Fatigue
Evaluation of Structure, and Advisory Circular AC No0.25.571-1B(Draft) (7/1993).

4) Goranson, U.G. ; Damage Tolerance - Facts and Fiction, Proceedings of the 17th Symposium of the
International Committee on Aeronautical Fatigue, ICAF, Vol.l1 (6/1993) pp.3-105.

5) Asada, H., Itagaki, H. and Ito, S.; Effect of Sampling Inspections on Aircraft Structural Reliability,
Proceedings of ICOSSAR '85, the 4th International Conference on Structural Safety and Reliability,
TASSAR Publication, Vol.1 (5/1985) pp.1.87-1.96.

6) Deodatis, G., Fujimoto, Y., Ito, S., Spencer, J. and Itagaki, H. ; Non-Periodic Inspection by Bayesian
Method 1, Probabilistic Engineering Mechanics J., Vol.7, No.4 (1992) pp.191-204.

7) Ito, S., Deodatis, G., Fujimoto, Y., Asada, H. and Shinozuka, M. ; Non-Periodic Inspection by
Bayesian Method II: Structures with Elements Subjected to Different Stress Levels, Probabilistic
Engineering Mechanics J., Vol.7, No.4 (1992) pp.205-215.

8) Shinozuka, M., Deodatis, G., Sampath, S. and Asada, H. ; Statistical Property of Widespread
Fatigue Damage, AGARD, the 80th Meeting of the Structures and Materials Panel, Specialists'
Meeting on Widespread Fatigue Damage in Aircraft (5/1995).

9) Endoh, S., Tomita, H., Asada, H. and Sotozaki, T. ; Practical Evaluation of Crack Detection
Capability for Visual Inspection in Japan, Proceedings of the 17th Symposium of the International
Committee on Aeronautical Fatigue, ICAF, Vol.1 (6/1993) pp.259-280.

Thic dociiment i nrovided hv TAXA



The Advanced Aircraft Component Techrologies 143

Table 1 Values of Parameters in Numerical Example

Bayesian analysis

Item Values for Range for
true model Model value estimation
-Service life (flights) 50,000
-Minimum level of reliability Rdesign 0.8
-Total number of critical elements M 100, 200
-Parameters of TTCI in Eq.(1)
2-parameter Weibull o 4 4
B(flights) 40,000
B* (flights) Unknown 17,000 to 66,000
-Rivet head radius r,{in) 0.18 0.18
-Initial half crack length
for true model ap(in) 0.1
-Initial half crack length
for Bayesian analysis ag”(in) 0.22
-Minimum detectable crack length amip(in) 0.04
-Effective width (in) Skin Wg 40
Frame WEL 14
-Maximum allowable crack length
Amax=W/2 (in) Skin as,max 20 20
Frame aF],max 7
aF2,max 1
2024-T3  7075-T6
{Skin:S) {Frame:F)
‘Yield stress Sy(ksi)
2-parameter Weibull Osy 19 19
By (ksi) 49 70
-Fracture toughness Kc(ksivin)
2-parameter Weibull OKc 12 12
Bk c(ksiVin) 140 65
-Fatigue crack propagation
in Eqs.(2) & (3) b 3.8 3.4
Normal Ky -9.5 -9.0
O, 0.154 0.154
in Eq.(5) b 4.0
Z Unknown -4.1 to -2.7
-Cyclic stress range
in EqQs.{2) & (3) As(ksi)
Normal g (ksi) 18
Cas (ksi) 0.9
-Parameters of POD in Eq.(7) £ 1.4
d (in) 12,14, 1.6, 1.8
-Parameters of failure rate in Eq.(11) r -18
inEq.(13) oy 5.5
B (flights) 37,000

Note: 1 ksi=6.895 MPa, 1 in=2.54 cm, 1 ksivVin=1.099 MPav¥m
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Posterior probability density f(B*, z)

Posterior probability density {(B+, z)

Posterior probability density {(B*, z)

Posterior probability density 1{(B*.2)
(=]
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Application of Infrared Stress Graphic System to
Non-Destructive Evaluation of Compesites

Sunao SUGIMOTO and Takashi ISHIKAWA

Composite Structure Section
Airframe Division
National Aerospace Laboratory

ABSTRACT

An Infrared Stress Graphic System is applied to some CFRP composites for the purpose of non-destructive evaluation.
Delaminations or matrix cracks exist in these example components. It is demonstrated that this system 1s appropriate for
in-situ non-destructive evaluation of composites. The obtained stress distribution outputs basically agree with damage
patterns by other non-destructive evaluation techniques and compare favorably with the numerical results of some available

cases.

1. INTRODUCTION

It is difficult to apply some non destructive evaluation (NDE) techniques to objective test pieces under in-situ
conditions. However, the infrared stress measurement technique shows an advantage as an in-situ NDE method due to its
optical and non-contact nature. Based on such considerations, its potential and limitations must be examined in detail.
Stress distribution on the surface of a specimen under applied cyclic loading is measured using an infrared stress graphic
system (ISGS) for delaminated regions and transverse cracks in CFRP laminates, as a first step. The ISGS used here is
JTG-8000 made by JEOL Co. LTD. in Japan. The measured temperature fluctuation amplitude at the surface is converted
into applied stress amplitude with measured thermo-elastic stress coefficient. In the case of CFRP laminates, the temperature
amplitude is almost proportional to transverse stress amplitude to fiber. The measured stress distributions are compared
with uitrasonic C-scan outputs and soft X-ray radiograph, and in some cases, finite element calculations. Four typical
examples of stress patterns as an NDE device are demonstrated in this paper. Prior to demonstration of the experimental

results the theory of the measurement is briefly reviewed.

2. BRIEF REVIEW OF INFRARED STRESS MEASUREMENT THEORY

1t is common for a temperature change to be caused by pressure variation in gaseous media under adiabatic conditions.
In parallel to gas, it is also caused by stress in solid continua. A linear relation between a temperature change and an
applied stress must hold. However, since the temperature change is often very small in the case of solids, it cannot be
observed easily. The ISGS used in this paper aims at graphic presentation of a stress distribution by means of precise
measurement of the small temperature change.

The basic physical principle of this system and thermo-mechanical characteristics of CFRP laminates are described
in this chapter. The first key point is that temperature variation is measured in correlation with the applied cyclic loadings.
Thus, a temperature change in this measurement is identified with a temperature amplitude in one period. In the case of an
isotropic solid, measured ternperature amplitude corresponds to the summation of applied principle stresses. In the case of

in orthotropic media, such as a CFRP ply, it can be described [1] in a plane stress state as follows :
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dT=—p_TC (e, - do, +o,- do,) ¢))
where ¢

dT : Temperature variation amplitude by cyclic stresses,
T : Background temperature (in Kelvin)
p : Density,
C,, : Specific heat at constant stress
Q;, O : Coefficient of thermal expansion (CTE) in the longitudinal (L) and transverse (T) directions
do,, do; : Cyclic stress amplitude in the L and T directions.
In this formulation, an irreversible temperature change caused by internal friction is neglected. By introducing two material
constants, K, =o,/(p- C;), K, =0,/ (p-C,), Equation (1) is rewritten as:
dT=-T (K, -do, +K, ;- do;) @
where K is hereafter denoted as a thermo-elastic constant. The CTE property of CFRP, o, << O, is well known {2].
Therefore, the thermo-elastic constant in the fiber direction is much smaller than the other, K,, << K ;. This means that
the dT by a stress in the fiber direction is relatively small. Consequently, the measured temperature variation amplitude at
a specimen surface is dominated by d7 caused by a transverse stress. Thus, equation (2) can be approximated by the next
equation [1].
dT =-K ;- T - do, 3)
Itis also clear that dT for the same stress amplitude are ranked as dT;. > dT 5, >>dT, in cases of unidirectional (UD)
CFRP.

3. BASIC MEASUREMENTS

The first step in the present method is a determination of a thermo-elastic constant, K, ;. Some 90 UD coupon
specimens without any damage are loaded by a hydraulic testing machine, Instron 8501, in constant amplitude. Components
of the ISGS system used, JTG-8000, are shown in Figure 1. This system provides us d7 as a result of frame by frame
computation on temperature images. Stress amplitude do; is obtained through a load cell output and room temperature
data T is also required.

Before the following discussion, it should be pointed out that Equation (3) holds exactly for 90 UD. Averages of dT'in
defined regions on coupon surface images of 90 UD are plotted as to some levels of stress amplitude dO'X in Figure 2
where a suffix X denotes the loading direction. An example of dT distribution for this 90 UD is shown in Figure 2. These
plotted data are best approximated by the next equation using the least square method.

dT=-6.58x10°d g, @)
This equation is indicated by a solid line in Figure 2. This result and the measured room temperature T = 298 [K] are

substituted in Equation (3). Then, we have
K;=221x10""[1/Pal )

For checking the level of approximation in Equation (3), 0 and 45 UD coupons are measured in the same way. The results
are also plotted as to stress amplitudes do, in Figure 2. The results of 45 UD are converted into transverse stress amplitude
and plotted by a dashed line in Figure 2. The solid and dashed lines are very close to each other. In 0 UD measurements, it
i1s clear that 6, = 0. Hence, the following value is obtained from the measured data and Equation (2).

K,=-1.16x10""[1/Pa] (6)
In the following, some practical procedures related to an actual measurement is described. Temperature amplitude
images by this ISGS must be accumulated and averaged to increase the signal to noise (S/N) ratio. Therefore, applied

loading must be cyclic with constant amplitude and period. A schematic explanation of a relation between a temperature

history at a certain surface point and applied stress variation is indicated in Figure 3. A gradual temperature change off the
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applied stress frequency is eliminated as shown. According to the simplest theory described in the previous chapter, the
maximum tensile stress generates the minimal temperature. In other words, the peak and bottom in a stress waveform
correspond respectively to the bottom and peak in a temperature waveform. However, a time lag between the stress peak
and the temperature bottom is often observed in actual measurements. This time lag leads to a phase shift between two
signals. In a real measurement procedure, it is necessary to find the optimum phase shift by which an absolute value of

temperature difference is maximized.

4. APPLICATION TO DELAMINATION IN CF/EPOXY LAMINATE

This ISGS system is first applied to the measurement of quasi-isotropic [(45/-45/0/90)sym.] coupon specimens of
CF/Epoxy (T400/#3631) laminate under tension - tension cyclic fatigue loading. Free edge delamination starts and propagates
during loading for this type of laminates due to Poisson's ratio mismatch. The loading conditions used in the tests described
in this chapter are as follows: Tension-tension with stress ratio R=0.1, load control mode and constant amplitude sine wave
of 5 Hz. The total area of the specimen is inspected by the ISGS and by a ultrasonic C-scanner at an appropriate interval of
loadings. Applied loading level during stress measurements is maintained at a lower level than delamination propagation
criticals in this area scan. When a ultrasonic C-scan inspection for monitoring delamination propagation is done, specimens
are detached from the hydraulic machine used. For a trace purpose of rapidly changing delamination propagation by the
ISGS, line scan inspection is used to reduce the measurement time. It should be noted that measured stress here is do,, the
normal stress to the fiber direction, at the surface.

Delamination onset and propagation between 0/90 and alternately 90/0 are observed in this fatigue test. These
delaminations develop with increasing loading cycles and stop with a remaining strip of delamination area of 1 ~2 mm in
width. Measured results of stress distribution transverse to loading direction by the line scan are shown in Figure 4. In
order to clearly indicate C-scan edges and delamination tips symbols of | and & , respectively, are used in Figure 4.
The measured stress pattern obtained by the area scan agrees well with an ultrasonic C-scan delamination image as indicated

in Figure 5. The fact that free edge delaminations liberate surface stresses well plays a key role in such a good correlation.

Variation in stress distribution along with delamination propagation is calculated by using 20 node iso-parametric
elements of a FEM software package, COMPOSIC. The true delamination experiments is located alternately appearance
between in 0/90 and 90/0 interfaces as mentioned earlier. In the analysis, however, delamination location is hypothetically
specified at the central plane of 90 ayers for simplicity. Computations are done only for the region of Z = 0 by virtue of the
assumed symmetry. Dimensions of this model are 25 mm in width, ¢.6 mm in thickness and 25 mm in length. Element
numbers in the X-, Y-, Z-directions are 8, 20, 4, respectively. Mesh size is uniform in the X- and Z-directions and variable
in the Y-direction. Fine pitch is employed arcund the delamination tips and the edges. Boundary conditions concerning
delamination are assumed so that nodes on the Z=0 plane are fixed in the Z-direction except for the delaminated area.
Loading is modelled by sets of conditions so that nodes on the X=0 plane are fixed in the X-direction and nodes on the
X=25 plane are given specified uniform displacement in the X-direction. Stress states are computed for three delamination
width ratios, 0, 40 and 92%. After reaction nodal forces in the non-delaminated model are computed for given displacements
corresponding to 0.8% strain, 40% and 92% delamination models are recalculated so as to have the same total reaction
forces. This procedure implies the load control mode in the real experiment. The elastic constants used are assumed based
on measured elastic constants in the test coupons and listed in Table 1.

The delaminated area shows an out-of-plane deformation because the delamination violates the symmetry condition.
Transverse nodal stresses to fiber, O, on the top 45 layer surface (at Z=0.6) are computed along the center line. These
results for the above mentioned three delamination ratios are shown in Figure 6. It can be recognized that the initial stress

plateau is decayed, corresponding io delamination propagation, and that stresses drop at delamination edges. The stress
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drop moves inside as the delamination propagates. Numerical results indicate the stress drop and sharp stress rise across
the delamination edge. Calculated results also indicate that stress level at the center decreases when the delamination is
seriously propagated. In a broad sense, experimental and numerical results qualitatively coincide well with each other. In
a rigorous sense, however, the measured stress level converted by K, ;. of the unidirectional material deviates from the
predicted results to some extent. Possible causes of such deviation are now being pursued for approaching a final quantitative
agreement. In summary, this ISGS can be used at least as an in-situ means of non-destructive evaluation for composite

laminate if damage clearly affects the surface stress state.

5. MATRIX CRACK OBSERVATION IN
CF/PI-SP LAMINATE

The second example is specimens made of CF/thermoplastic (T800/PI-SP) laminates where the main concern is
how matrix cracks can be seen through the ISGS. PI-SP is a new thermoplastic resin developed by Mitui-Touatu Co. LTD.
The quasi-isotropic stacking sequence is the same as in the previous chapter, (45/-45/0/90)sym. The specimen is a coupon
with GFRP tabs. Loading conditions including frequency, waveform, control mode and R are also the same as the previous
example. Applied loading level (o,,. =100MPa) during the stress measurement is again maintained at a lower level. Soft
X-ray radiography is used mainly for checking matrix cracks. Frame by frame summation and average is repeated for
improved S/N ratio. Thus, it takes almost twenty-five minutes to measure these specimens.

Figure 7 depicts a measured stress pattern for a cracked specimen on a surface 45 layer. Matrix crack locations are
indicated by the soft X-ray picture of Figure 8. Lower stress regions are observed along the matrix crack line on the surface
45 layer in Figure 7. Thus, stress liberation in the vicinity of the matrix cracks can be visualized to some extent.

Stress distribution with the matrix crack is calculated again by using 20 node iso-parametric elements of COMPOSIC.
The model size is assumed to be the same as reality and only one matrix crack 1s supposed to exist at the center of the
surface 45 layer along the fiber direction. As in the previous chapter, symmetry is also assumed. Therefore, the FEM
model implies two matrix cracks symmetrically arranged with respect to the central plane. The numerical result of this
model is shown in Figure 9. This graphic data indicate a narrow strip region of reduced stress and they agree basically with

experimental data.

6. DELAMINATION PATTERN IDENTIFICATION IN CF/EPOXY LAMINATE FOR CAI SPECIMENS

CF/Epoxy (AS/410) CAI specimens with impact delamination are inspected by the ISGS next. The laminate stacking
sequence is quasi-isotropic, [(45/0/-45/90)6]sym.. Loading conditions are as follows: compression - compression cyclic
loading, load control mode and sine waveform of one Hz with a constant amplitude. Applied nominal stress amplitude is
specified between -2 and -23 MPa during stress measurement. The level of this compression peak stress is almost half that
of local initial buckling stress of the delaminated region [3] and is considered to be much lower than the delamination
propagation trigger.

Figure 10 shows a typical ISGS stress distribution image in an impact side. Stress deviation from a uniform level
can be found in regions surrounding the impact point. Higher stress regions opposite each other around the impact correspond
to regions of small thickness above the first delamination. This fact implies that compressive stresses can be carried across
matrix cracks in the impact side. Figure 11 shows a typical ISGS image in a back side of the impact. Wide open matrix
cracks exist in the delaminated region in the back side surface ply and they create completely separated, rather floating
strips from substrate laminates. Therefore, load transferring capacity in such floating strips is almost lost even for
compression. Large low stress regions in Figure 11 correspond to accumulated floating strip delaminations. These ISGS

stress observations contribute to examination and evaluation of the mechanical model [3) for CAI behavior prediction.
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7. INSPECTION OF CF/PEEK WING BOX WITH IMPACT DAMAGE

A CF/PEEK wing box structure with an impact delamination under fatigue loading is inspected by the ISGS system
as the final example here. Dimensions of this box are 900 by 452 by 150 mm. The impact side is located in a bottom
surface where compression stress dominates. Although simulated quasi-random load spectrum is used in the main fatigue
tests, cyclic loadings of constant amplitude and frequency are required for the ISGS measurement. Therefore, simple
constant sine loadings appearing about 10 times in the last phase in each modelled flight {4] are extracted from the loading
sequence and used here. The extracted parts are cancelied in the later loading patterns.

Figure 12 depicts stress distribution on the bottom panel where a schematic illustration of the loading situation and
a target area is also given. A clear impact delamination identification cannot be obtained because the delamination size is
very small in this case judging from C-scan image. If delamination type damage is isolated from any free edges, its effect
upon surface stress is considered to be limited. The present example looks like a typical case. Note that the ISGS data
indicate stress fluctuation caused by back stiffeners. An advantage of the ISGS technique as an in-situ measurement devise

of stress in structure is suggested.

8. CONCLUSIONS

An ISGS system is applied to some CFRP composite components for an NDE purpose. In CF/Epoxy coupon
fatigue tests, the measured stress pattern obtained by an area scan mode agrees well with an ultrasonic C-scan delamination
image. The fact that free edge delaminations liberate surface stresses well plays a key role in such gooﬂ correlation.
However, a slight difference can be found between calculated and measured stress levels. Possible causes of such difference
are now being pursued for approaching a final quantitative agreement. In CF/PI-SP specimens, matrix crack locations are
identified by lower stress regions along them and agree well with a soft X-ray picture. Higher stress regions opposite each
other around the impact are found in CF/Epoxy CAI specimens and they correspond to regions of small thickness above
the first delamination. Such ISGS stress data contribute to an evaluation of the mechanical model for CAI behavior. In a
CF/PEEK wing box application, a clear impact delamination identification can not be obtained due to smail delamination
size. Relations between a delamination and free edges affect the sensitivity of the ISGS measurement. In summary, it is
demonstrated that the ISGS system can be used as an in-situ NDE device for composite if damage affects the surface stress
state. Some limitations and problems to be solved are also clarified. The rest of the work remains to be challenged in the

future.
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Table 1 Used Elastic Constants

E 120.0GPa Gy 4.62GPa
Ey 10.4GPa Gyy 3.47GPa
E, 10.4GPa Gy 4.62GPa
Y xy 0.36 Yoy 0.36

v vz 0.50

a) Sensor

b) Data Processor
Figure 1 Infrared Stress Graphic System JTG-8000
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Stress Measurement C-scan Picture
Figure 4 A Comparison Measured Stress Pattern with a C-scan Result for
CF/Epoxy Coupon Specimen with Edge Delamination.
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Figure 5 Measured Results of Transverse Stress on Top 45 Layer Surface

) 10! e 10! o

60 - . ‘ ‘
L s $ H

40t ‘
- 3

O | " | | | AN N4 |
(A L

s 10 s s 10 1 -10 s s 10y s 10 s 5 10 i
b 1 -1

Figure 6 Numerical Results of Transverse Stresses ¢, in Top 45 Layer Surface of Delaminated Coupon
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ANALYSIS AND EXPERIMENTS OF POSTBUCKLING BEHAVIOR
OF T-SHAPED CFRP STIFFENERS

Takashi Ishikawa, Yoichi Hayashi and Masamichi Matsushima
Airframe Division
National Aerospace Laboratory
Tokyo, JAPAN

1. INTRODUCTION

In the strength design of composite primary aircraft structures, initial buckling prediction
and postbuckling behavior description are the major critical factors. The present paper describes
a comparison between numerical and experimental results for linear buckling stress and
postbuckling behavior of T-shaped carbon fiber/polymer composite (CFRP) stiffeners used
commonly in actual aircraft structures. The final goal is to estimate numerically the ultimate
strength after buckled state based on rather simple assumptions. The software used here is the
commercial level code, NISA-II. Some auxiliary numerical method such as Rayleigh-Ritz method
is also used. The tested stiffeners are made of CF/epoxy and CF/PEEK(Poly-Ether-Ether-Ketone).
The latter material is a potential candidate for a drastic weight reduction of aircraft structure.

2. BRIEF DESCRIPTION OF COMPRESSION TESTS OF T-STIFFENERS

T-stiffeners made of CFRP were fabricated by Fuji Heavy Industries (FHI) LTD®. An
overview of the shape and dimension of the specimens is shown in Fig.1. Some comments are
given here for better description of the model. The materials used are CF/PEEK (APC-2) and
CF/epoxy (P3060). Flange width, b, of most specimens is 42mm, referred as N-type. Specimens
with some wider flange width referred as W-type are also prepared for CF/epoxy. Web width,
b,,, is determined as the following equation so that it exceeds half of b; slightly. Model length is
mostly 140mm and the rest is 280mm.

O, -t/ {(b-1)/2} = 1.09 1)

Model thickness is well controlled into 2.6 - 2.7mm range in the case of CF/epoxy. For
CF/PEEK models, the thickness control was not perfect and it tended to thinner with considerable
scatter than the designed thickness because the fabrication was done a few years ago under
unmatured know-how. In the present situation, accuracy of the thickness in CF/PEEK components
is reaching the level of CF/epoxy. A global warping or distortion of the model was measured for
some specimens in order to determine initial imperfection extent.

Stacking sequence used mainly, designated A, is shown in Fig.1 where the total ply number
is 20. A few specimens have the other sequence of B with 20 plies, (45/0°/-45/0°/45/0/-45/90),,., ,
in order to examine the effect of D, and D, on initial buckling behavior.

Compression tests were done by a stroke controlled testing machine (Instron 1128). A flat
steel compression plate was used without any potting end. For doing that, a precise fitting between
the plate and specimen was required through pressure-sensor paper. Crosshead speed used was
0.5mm/min. An examination of the boundary conditions to describe the real situation is one
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focussing point of the present paper. A picture of the test for a specimen of 140mm in length is
shown in Fig.2. At actual testings, sampled data of a load, two lateral deflections of web and
flange centers in terms of the loading direction, and 13 strain gage indications were continuously
recorded by a computer data logger at a 200msec. sampling interval.

3. OUTLINE OF NUMERICAL METHODS AND INPUT MATERIAL DATA

The main tool for the numerical calculation was a commercial level finite element code,
NISA-II. The used element type was an isoparametric laminate shell element of 4 nodes. This
element is capable of consideration of transverse shear deformation. The number of elements was
mostly 168, which will be shown indirectly later. The lowest eigenvalue means the buckling load
and then buckling stress is obtained. Convergence check told that this subdivision was practically
good enough within 1% error of buckling load.

The other tool of calculation is a sort of Rayleigh-Ritz method which was used for a
prediction of linear buckling stress at the initial phase of research. The purpose of this method is
to examine the effect of D;s and Dy on initial buckling behavior. However, the detail of
description is skipped here.

Regardless of the numerical tools, the assumed elastic moduli of a unidirectional CFRP
lamina is crucial for the numerical prediction. For the CF/PEEK material system, verified values
in the authors’ work® are also adopted. For the CF/epoxy material, the estimated moduli based
on the author’s method® are modified corresponding to V; = 67%. They are summarized in Table

1 where the values of transverse Poisson’s ratio which do not provide serious effects might be
greater than reality.

4. COMPARISON OF PREDICTION AND EXPERIMENTS FOR LINEAR BUCKLING.
BEHAVIOR

The first point of discussion is the effect of D4 and D,s on the linear buckling stress.

However, the detail is skipped here except for a brief comment that larger D,¢ reduces the buckling
stress.

The second but the most practical point is a dependency of the buckling stress upon the ratio
of the flange or web width to its thickness. If fabrication technology of stiffener is not matured
enough, flange or web thickness may show some fluctuation. So, such a dependency is considered
to be important. Comparison between numerical initial buckling stresses by NISA-II and
experimental results are shown in Fig.3. Numerical results are based on the combination of
stacking sequence A, fixed loading and supporting edge conditions, and realistic corner radii
(R=3mm for CF/epoxy and R=2mm for CF/PEEK). It should be also noted that initial
imperfection of the order of 1/100 thickness is included in modelling to keep compatibility with
nonlinear analysis stated later, and that Eq.(1) is applied for changing b’ (=b,, - t/2).

Numerical predictions are generally in excellent agreement with experimental results. One
crucial point for such good correlation is fixed boundary conditions at the edges. Figure 3 shows
that the initial buckling stress rapidly decreases as b’,/t increases. This finding leads to
unintentional loss of buckling stress margin due to slightly less thickness than designes. The
experimental results for CF/PEEK indicated by filled legends correspond to some scattered values
of b’,/t which resulted unintentionally because of the unestablished fabrication technique of those
days. This point is very important for practical application of CF/PEEK aircraft structures.
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The third point of discussion about the initial buckling behavior is an effect of unidirectional
filler string inserted at the intersection line of the T-stiffener upon the buckling stress. The amount
of this filler can be geometrically related to a corner radius along the line. So, it can be translated
as the effect of the corner radius. This problem has been treated in some literature®®. A target
on this research is to find the simplest approach for consideration of this effect. Although the
detail is omitted here, it is revealed that the FEM model using the laminate element with UD core
material can provide reasonable results and that neglect of this corner radius effect gives
considerably poor agreement with experiments.

5. COMPARISON OF NUMERICAL AND EXPERIMENTAL POSTBUCKLING
DEFORMATION

The next point of discussion is postbuckling behavior, particularly out-of-plane deformation.
Capability of geometrical nonlinear analysis is indispensable for FEM software to obtain this type
of solution. Another indispensable factor is to introduce the initial imperfection. An imperfection
shape sinusoidal in the x direction and linear in the y direction is assumed where the maximum
amplitude is specified as 1/100 of the thickness after the average of measured imperfection
amplitudes. The element used and mesh pattern are the same as in the linear solution.

Numerical postbuckling analysis was conducted for the case of W-type CF/epoxy T-
stiffener, L=140, b,=51.0, b>’,,=26.5, t=2.54, and R=3 (unit:mm). Two types of loading edge
boundary conditions were tried: simply supported and fixed. Two loading modes of displacement
controlled (flat compression) and load controlled are also tried in the calculation. Flat compression
is modelled so that every node has a common value of displacement in the compression direction.
At the first stage, numerical deformation results were compared with experimental deformation
shapes. It was found that the agreement was excellent. Next, stress -out-of-plane deflection

“relations at the center are plotted and compared in Fig.4. The plot of numerical results was done
for a 2mm inside point from the edge of the web corresponding to the deflection sensor pickup
location. An experimental curve was chosen from the results of four specimens where only a small
scatter in data was observed.

Figure 4 indicates first that the results based on the simply supported boundary conditions
provide the poorest result plotted by a line with triangles. It can be understood that the fixed
condition was almost realized by the flat compression for the present T-stiffener. The load
controlied mode (Load Cnt.:dashed line in the Fig.4) apparently provides the best solution.
However, load re-distribution after buckling can not be included and axial deformation is different
from the flat compression condition in this loading mode. Therefore, this coincidence is regarded
merely as "apparently”. The most realistic loading mode must be the displacement controlled
(Disp. Cnt.:lines with filled and open circles) mode. Thus, some other reason should exist to
explain why the numerical prediction curve deviates from the experimental one, particularly at
higher stress regions. A convergence check for such a nonlinear portion of behavior was done for
cases of a baseline 168 and a fine 672 element and the result was plotted by lines with filled and
open circles respectively in Fig.4. Although a slight drop in the stress can be observed by the finer
mesh, the tendency of the behavior is considered to be identical. By eliminating some other
possibilities, we can reach the following estimation. A most probable reason for the present
discrepancy between numerical and experimental postbuckling behavior can presumably be ascribed
to material nonlinearity of CF/polymer composites in the fiber direction®®. Due to this effect,
longitudinal elastic modulus of unidirectional CFRP decreases seriously at higher stress.
Unfortunately, this effect is not considered in the current analysis. The proof is left for future
work.
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A similar comparison was done for the case of N-type CF/epoxy T-stiffener, L=140,
b’’,=21.6, t=2.66, and R=3 (unit:mm). The indication of the chart is skipped here and it is
merely mentioned that prediction coincides well with the experiments.

6. COMPARISON OF NUMERICAL AND EXPERI-MENTAL POSTBUCKLING LOCAL!
STRAIN AND FINAL FAILURE STRENGTH

After the confirmation of an agreement between the prediction and experiments for lateral
deformation, the next interest is the comparison of local strain behavior in the postbuckling range.
Experimental back-to-back strain outputs for W-type CF/epoxy at the flange center and Smm inside
from the edge are shown in Fig.5 by solid and solid with bar lines. Numerical predictions are'also
indicated by circles and triangles. It can be understood that they agree very well. This fact
implies the possibility of prediction of the final failure behavior of the present T-stiffeners.

As the final goal of the present research, the final strength prediction was conducted next
under three major assumptions. The first is that material strength can be determined as unique
values and predicted by a certain failure law in one lamina. The second is that the final failure of
the T-stiffener occurs instantaneously when the highest stress at a certain point in a lamina reaches
the designated failure law. This assumption implies that no progressive failure is considered here.
By AE signal monitoring in the actual tests, this assumption is shown to be rather realistic,

particularly for the CF/epoxy pieces. The third assumption is the neglect of a interlaminar stress
state near free edges.

Geometrical nonlinear FEM calculations were done for CF/epoxy stiffeners. The assumed
failure law 1s the simplest maximum stress (equivalent to strain) law. Employed baseline strength
values are as follows; F, = 1726MPa, F,’=1079MPa, F.=695MPa, F;’=196MPa, and F,; =
108MPa. Unfortunately, these values were not necessarily obtained through experiments. The
active limit for the failure was eventually F,’ for all the calculations. The maximum compressive
stress in the fiber direction always reaches this limit at the closest 0° lamina from the back surface
of the flange (16th lamina of 20 from the web-intersection surface), or the 16th lamina which is
0° in the web (5th from the back).

In the actual determination of the failure load, linear interpolation of the load steps is
required before and after reaching the maximum stress criterion. By repeating such nonlinear
calculations and interpolation for various shape parameters, b, b’’,, t, and £, we can obtain
compressive strength prediction curves for T-stiffeners. Those parameters were varied under the
condition of Eq.1). The results are shown in Fig.6 for cases of CF/epoxy L=140 and 280mm.
The experimental data around 7 and 9 of (bgt)/2/t values correspond to N and W types,
respectively. It can be observed that experimental values for the N type are slightly lower than
the prediction and that those for the W type are higher, although the general agreement is rather
good. This figure can be regarded as the verification of predictability of the final strength through
the present calculation if the failure happens rather instantaneously.

7. CONCLUDING REMARKS

Linear and nonlinear buckling behavior of CFRP T-stiffeners were successfully analyzed
by a FEM code. The width to thickness ratio is a very important parameter for good prediction.
Corner radius is also important. Longitudinal material nonlinearity of UD-CFRP will provide
better agreement in the nonlinear part of the prediction. Final compressive strengths are also
predictable.
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Table 1 Assumed Elastic Moduli of UD-Lamina (unit:GPa)

E. Er Gir YL Yrr

CF/PEEK | 117.3 1030 4.62 038 0.5
CFlepoxy | 137.0 12.00 550 0.34 0.5
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by N (L=280)
W-Type bf=51
) L bw=29
\_,—'/—.\\\_J:‘ _
T~ L=140
l
Typical Ply Thickness:
|+ yp y
_—] f 0.118; C/PEEK
NT r‘b'w\’ 0127,
S 0.133; C/EPOXY
wd (unit: mm)

Stacking Sequence:
A: (45/-45/-45/45/03/90/02)sym.

iy =byyt/2 wbwt

Figure 1 Shape and Dimensions of T-Shaped Stiffeners

Figure 2 Picture of Compression Test of T-Stiffener
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CF/Epoxy
MPa -
Anal. Exp.
L=140 0
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—-—L=2804A
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%3]
o
3 400 -
ré CF/PEEK \}.‘\
o Anal. Exp. A0
2004 ——L=140e TA 4
----- L=280 4
0 . T 1
0 5 10 15

Width to Thickness Ratio : (byt/2) /t

Figure 3 Dependency of Initial Buckling Stress on Width to Thickness Ratio (b’ / t}

Carbon/Epoxy W-Type

MPa
500 —
4
#
400 Experiment
Edge B.C.
@ 300 7 - «+e+ Disp. Cnt. Clamped
% <+ Disp. Cnt. Clamped
200 1 ( 672 Element )
FEA
—— Load Cnt. Clamped
100
L +—= Digp. Cnt. Symp.S.
0 T ymm
0 5 10

Central Buckling Deflection 6

Figure 4 Comparison of Predicted Postbuckling Central Out-of-plane Deflection with
Experimental Results for W-Type CF/epoxy Specimen (L= 140mm}
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500.0 MPa
A
LV
A
\
[ ]
L :FEA
A
Disp. Cnt.,|Clamped
0.0 MPa
-9000.0 Fe AQ8 +++ 3000.0 ‘te
-8000.0 ¢te Al2 — 3000.0 te

Figure 5 Comparison of Predicted Back-to-back Strain Behavior
on Mid-Flange with Experimental Results:

CF/Epoxy Experiment
o:L=140
a :L=280

MPa T \

600  |aminate Theory
(without Filler)

400+
AN

Stress
7/

Numerical Predictions
200+ )
—— Compressive Strength (L=140), —— (L=280)

———Buckling
1=2.66 «— t=2.54

0 T T T
0 5 10 15
Flange Width to Thickness Ratio : (bf-1)/2/t

Figure 6 Comparison of Predicted Final Compressive: Failure Stress
with Experimental Results
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Fracture Mechanics Approach to Stiffener/Skin Disbond

Toshimi Taki and Tomohiro Kitagawa
Kawasaki Heavy industries, Ltd.
Kenji Inaba

Mitsubishi Heavy Industries, Ltd.

1. INTRODUCTION

Stiffened panel is one of the basic structural elements of fibrous composites and it has been extensively applied
to aircraft structures.

It is well known that composite stiffened panels fail with stiffener/skin disbond triggered by out-of-plane
deflection of skin local buckling. Though the stiffener/skin disbond is the critical failure mode of composite stiffened
panels, the methodology of the failure load prediction has not beeh established.

The authors propose to apply fracture mechanics to the stiffener/skin disbond. Coupon tests for stiffener/skin
disbond are conducted to prove the applicability of the theory.

2. METHODOLOGY FOR PREDICTION OF STIFFENER/SKIN DISBOND STRENGTH
(1) Strength Approach and Fracture Mechanics Approach
There are two approaches to treat the failure of stiffener/skin interface. They are the "strength approach” and
the "fracture mechanics approach". The "strength approach" has been much more common than the “fracture
mechanics approach"” so far. Recent progress of fracture mechanics of fibrous composites enables us to apply the
theory to the stiffener/skin disbond phenomenon. Fracture mechanics has some advantages over the "strength
approach”. They are :
* Closed form equations
* Applicability to fatigue strength

* Applicability to interface with initial delamination.
The authors intend to apply fracture mechanics to the prediction of stiffener/skin disbond strength.

(2) Previous Work
Intensive research based on fracture mechanics was conducted for adhesively bonded metal structure in 1970s.
The result of the research program, "Primary Adhesively Bonded Structure Technology (PABST)'" shows that
fracture mechanics is applicable to the strength prediction of disbond of adhesively bonded joints.
Recently, there have been many investigations on delamination of fibrous composites and most of them are
based on fracture mechanics™ ! Fracture tests (DCB and ENF) for material evaluation have become very popular
among fibrous composite suppliers and airframe manufactures. Inspite of the progress in such investigation, there

have been few applications of fracture mechanics to the design of composite structures.
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(3) Fracture Mechanics Model for Stiffener/Skin Disbond
The strain energy release rate is a measure of stiffener/skin disbond. Strain energy release rates for bending
and tension are expressed as follows.

For bending moment ;

1
=3 )"
where,
Grotal . strain energy release rate
M : bending moment per unit width
T : tensile load per unit width of skin
Elg . bending stiffness per unit width of skin
El, : bending stiffness of stiffener/skin bonded region
Ets : axial stiffness per unit width of skin
Ety : axial stiffness of stiffener/skin bonded region

Several criteria are proposed to determine the onset of disbond. The criterion by Wu'® is used in this study.

m n

Gl Gl’]
-]
(Glc ) * (GHC )

where,
Gy :  strain energy release rate for mode I
G :  strain energy release rate for mode II
Gi. : critical strain energy release rate for mode I
Gre : critical strain energy release rate for mode II
m, n . constants

3. COUPON TESTS FOR STIFFENER/SKIN DISBOND
(1) Materials

The materials used for this study are two kinds of graphite/bismaleimides, which are the candidate materials

for supersonic transport.

* NARMCO G40-800/5260
- Nominal thickness : 0.134mm/ply
- Tested by Kawasaki Heavy Industries

* Mitsubishi Rayon XMR/2002A
- Nominal thickness : 0.143mm/ply
- Tested by Mitsubishi Heavy Industries
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{2) Tests
Coupon tests consist of material tests and disbond tests. Fracture toughness data, G and Gy, of the materials
are obtained by the material tests. The strengths for stiffener/skin disbond are also obtained by the disbond tests.
Table 1 shows the number of test coupons for the material tests and disbond tests.
* Materiatl tests
- DCB test
- ENF test
* Disbond Tests : see figure 1 and table 2.
- 4-point bending test
- 3-point bending test (Modified ENF test [5])

Tables 3 and 4 show the summary of the test results.

4. DISCUSSION
(1) Strain Energy Release Rate for Disbond

The strain energy release rates, Gy for the disbond onset are calculated from the disbond onset bending
moments of the stiffener/skin disbond tests using the theory described above. The compliance matrices calculated
from the lamina stiffness and the stacking sequences of the test coupons are used to calculate the strain energy
release rates. The contribution of the mode I and mode II energy release rates to the total strain energy release rate
are obtained by the method in ref.[2] and the local field selution is applied.

Figure 2 shows the relation between the mode I contribution and the critical strain energy release rate for the

disbond onset. The figure contains additional data of tension disbond tests conducted by Kawasaki.

(2) Disbond Onset Criterion for NARMCO Material
The interaction curve of disbond onset for the NARMCO material is also shown in figure 2 (curve A). The
curve fits the test data well. 1t should be noted that the interaction curve B which uses Gy and Gpg. obtained from
the material tests shows smaller disbond onset strength than curve A. This fact shows that multi-directional

laminates have greater fracture toughness than unidirectional laminates.

(3) Notes on Mitsubishi Rayon Material
From the data obtained in this study, it is not clear whether fracture mechanics is applicable to Mitsubishi
Rayon material or not. The mode II fracture toughness obtained by ENF test is considerably larger than that of
NARMCO material while G, of DCB tests are the same. There is a large difference between 3-point bending and

4-point bending. More data will be required to make some conclusions.

5. CONCLUSION
The preliminary data obtained in this study shows that fracture mechanics is applicable to the stiffener/skin
disbond for stiffened panels made of fibrous composites. Further study is required to confirm the applicability of

fracture mechanics to the disbond phenomenon.
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Table 1. Coupon Tests
test matenals number of coupons
material tests 1‘ DCB test NARMCO 5
C’—b——] G40-800/5260
Mitsubishi Rayon 5
‘l' XMR/2002A
ENF test NARMCO 5
J[ G40-800/5260
— ] Mitsubishi Rayon 5
O © XMR/2002A
disbond tests 4-point bending test NARMCO 3type x Seach
J/ J/ (G40-800/5260
3 Mitsubishi Rayon ltype X Seach
v — °© XMR/2002A
3-point bending test NARMCO 3type x Seach
)L G40-800/5260
( l Mitsubishi Rayon 1type X Seach
XMR/2002A
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Table 2. Stacking Sequence of Disbond Test Coupons

type 1 type2 type 3
stiffener { [+-45/90/0/90/+-45/90/0/90/-+45] [+-45/90/0/90/+-45/90)s [+-45/90/0/90/+-45/90]s

12plies 16plies 16plies

skin | [+-45/0/90/+-45/0/90/+-45/0/90]s |{+-45/0/90/+-45/0/90/+-45/0/50]s| [+-45/0/90/+-45/0/90]s

24plies 24plies 16plies

Table 3. Result of Material Tests

critical strain energy release rate (kgf/mm)
material Gre Gr.
(DCB test) (ENF test)
NARMCO 0.0269 0.0876
G40-800/5260
Mitsubishi Rayon 0.0238 0.235
XMR/2002A

Table 4. Results of Disbond Tests

material coupon type| critical energy release rate jmode I contribution
G ol (kef/mm) Gr/Gioual (%0)
4-point bending NARMCO tpe | 0.111 52.9
G40-800/5260 tvpe 2 0.107 54.8
tvpe 3 0.074 57.3
Mitsubishi Rayon| type | 0.124 51.9
XMR/2002A
3-point bending NARMCO hpe | 0.076 52.0
G40-800/5260 | npe? 0.070 54.2
type 3 0.073 56.6
Mitsubisha Rayon| typel 0.058 52.2
XMR/2002A
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Figure 1. Dimension of Disbond Test Coupans

(mm)

curve A: Gy = 0.050 kgf/mm, Gy = 0.22 kgf/mm

m=n=15
curve B: Gy = 0.027 kgf/mm, Gy = 0.088 kgf/mm
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Figure 2. Cntical Strain Energy Release Rate
for Stiffener/Skin Disbond Onset
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