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1.Introduction

One of the research topics still open to treat
in the CFD area is to develop precise analytical
code to calculate unsteady aerodynamics in
transonic region due to control surfaces
oscillation. The estimation of the aerodynamics
of the control surfaces is a tough problem
because the control surfaces are wusually
equipped along trailing edge and often are
embedded in a developed boundary layer. This
causes some difficulties to compute the
unsteady aerodynamics due to the motion of
the control surfaces. This research aims
validation and/or improvement of the CFD
codes through comparisons between either
code-to-code and code-to-experimental data.
This work has been done within a framework of

Japan-Germany (NAL-DLR) cooperative
research.
2.0Outline of Test Model

Wind tunnel tests on an elastic half-span
SST-type wing model were done for steady and
unsteady cases with a fixed or forced oscillated
control surface at NAL 2m x 2m transonic wind
tunnel. The purpose of the tests was to
accumulate the data base for verification of the
CFD codes. The plan form and the dimensions
of the model are shown in Fig.1.

The model is a semi-span arrow wing with a
fuselage. The leading edge is double-swept-
backed as shown in the figure. This wing has
the NACAOQ003 airfoil section at each semi-
span station. Unsteady flow fields are
generated by harmonic oscillation of the aileron
driven by an electric motor. The model is
flexible, so that the dynamic deformations are
induced due to the oscillation of the aileron.

The lowest natural frequency of the model is

about 10 Hz in rest air. The total number of the

21 and 8 on the upper
semi-span

pressure orifices is 46;
and the lower surfaces at 38%

station and 9 and 8 at 75% semi-span station,
respectively.

The dynamic deformation of the model as well
as the unsteady aerodynamics was measured in
the tests. The experimental results have
already been published in Ref.[1]. For the
present study, six tested cases, at Mach
number 0.9 and 0.98 with the aileron
frequencies from 5 to 25 Hz, have been selected
as the validation data for the present studies.
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Fig.1 Outline of Tested Model
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3.CFD Methods at NAL and DLR

The CFD methods of NAL and DLR are
summarized in table 1. The NAL CFD code
for flutter simulation is based on the 3D thin-
layer approximated Navier-Stokes equations
with the Baldwin-Lomax turbulence model? for
the flow field and a modal approach
formulation for the structural dynamics. The
integration is performed employing the second-
order accurate upwind TVD scheme® for the
flow equations and the Wilson's 6 method?
for the equations of motions of the structure,
respectively. The integration of the flow
equations is proceeded on dynamic grids, in a
time accurate manner. At NAL, the grids are
regenerated at each time step fitting the
instantaneous position of the aileron. More
details will be found in Ref[5].

The CFD code employed by DLR is based on
the 3D Euler equations with integral boundary
layer coupling. The Euler solver uses an
upwinding scheme based on Wegner's Riemann
solver®. The time integration is performed on
dynamic grids applying the virtual grid
deformation technique. The boundary layer
equations are solved in stream-line direction at
every time step. The obtained boundary layer
thickness is considered to correct the solid-wall
boundary condition. In the virtual grid
deformation technique the actual grid points
are not needed. only the gradients of the
metrics of the grid system and the grid speeds
at each time step are used during the unsteady
computations. These quantities are
interpolated in space and can be obtained by
sufficiently small additional computing time.

At NAL, an elastic wing simulation is also
done by the use of the present code. In this case,
the governing equations for flow field and the
equations of motion of the structure are
integrated simultaneously, coupling with each
other. The dynamic deformation of the wing is
supposed by superposing the fundamental
vibration modes weighted by generalized
coordinates.

4. Computed Cases

The computed cases are summarized in
Table 2, along with the information on the flow
conditions and the test parameters. The
Reynolds number is fixed to 12 millions (based
on the half root-chord-length) in all the
computed cases, although its value will slightly
differ from case by case in the experiments due

to the changes of Mach numbers and dynamic
pressures. Several steady and unsteady cases
were numerically simulated by both NAL and
DLR and the results are compared with each
other as well as with the experimental results.

Table 1. Compl‘risons of CFD Methods Between NAL and DLR

NAL DLR
Flow Model thin-layer approximated Navier- |Euler equations with
Stokes equations boundary-layer correction
Turbulence Model Baldwin-Lomax model Drela-giles closing condition
Difference Method Yee-Harten TVD upwmdmg
Second order in space and time |Wegner’s Rieman solver
Second order in space and
time
Integration ADI
Time accurate explicit dual
Time Accurate time stepping
Gnd dynamic grid algebraic virtual dynami grid 0.3
Interpolation 0.8 million points [million ponts
Structural Side model analysis
Wilson's § method
Conputing Time 5 hours/caseNWT NAL) 40 minutes/case(NEC DLR)

Table 2. Studied Cases (00=0)

Case Mach Mean Amplitu | Frequen | Rigi NALor Exp.
No. numb | deflectio de of ey dor DLR result
er n angle the (Hz) Elas availabl
of Aileron tic e
aileron Oscillat
(degree) ion
M 3 (degree) F
s-1 0.9 0.0 _ _ R NAL/DLR [0}
s-2 0.9 5.0 _ R NAL/DLR o}
s-3 0.98 0.0 _ R NAL/DLR _
u-1 0.9 0.0 2 5 R NALDLR o]
u-2 0.9 0.0 - 2 15 R NAL/DLR [¢]
u-3 0.9 0.0 2 25 R NAL/DLR [¢]
u-4 0.9 5.0 2 25 R NAL/DLR [¢]
u-5 0.98 0.0 2 15 R NAL/DLR .
u-6 0.9 0.0 2 15 E NAL [e]
5.Comparison of Results - Steady Cases -

In the first, the computed steady pressure
distributions at Mach numbers 0.9 and 0.98 are
shown in Figs.2-4 in comparisons with the
experimental results. The angle of attack of the
main surface is 0° in all the computed cases.
The Fig.2-3 show the cases with the mean
deflection angles of the aileron (DAoA) 0° and
5° , respectively. Fig.4 is provided to compare
the two computed results by NAL and DLR,
though the experimental data are not available.
In the most of the tested cases, there existed no
supersonic regions on the main and aileron
surfaces and accordingly no shock waves were
established. It is well known that the shock
waves on the wing surface have a significant

~role in the transonic unsteady aerodynamics

and that they cause the non-linearity. A H-H
mesh topology with .8 millions grid was used in
NAL computations. The DLR computations was
performed on a C-H mesh with .3 millions grid.

In Fig.2, the computed results by NAL and
DLR are in good agreements with each other,
However, there are some discrepancies between
the  computational results  and the
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experimental ones near the hinge line of the
control surface. The computed wing section
geometry is not compatible with the actual
model especially at the upstream gaps of the
aileron which is not
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Fig.2 Comparisons Between CFD and Experimental
Results (Steady Pressure Distributions)
(M=0.9,5=0" , Re=1.2X10")

simulated exactly in the numerical model. At
75% semi-span station, the agreement is much
better because there is no longer the aileron
there.

In Fig.3, the results for the DAoA, 5° are shown
at Mach number 0.9. The measured pressure
distributions do not coincide with the computed
results concerning the pressure peak position,
while the computed results by NAL and DLR
show better agreement with each other. This
is considered due to the same reason as the
above. At 75% semi-span station, the
experimental results are scattering, but they
are relatively in good agreements with CFD
results. In Fig.4, the computational results at
Mach number 0.98 with DAoA, 0° are given.
There are no significant differences between
them.
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pressure distributions are decomposed into
real and imaginary parts with respect to the
aileron motion. The pressure data, for a cycle,
are stored after when the solution get a steady
periodic oscillation.

For the unsteady cases, the computed results
on both upper and lower surfaces are indicated
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Fig.4 Comparisons Between CFD Results
(Steady Pressure Distributions)
(M=0.98,5=0" , Re=1.2X10")

while the experimental data are given only for
the upper surface. The amplitude of the aileron
oscillation is 2° around the DAoA in all cases.
In Fig.5, the results of case No.Ul are
shown. There are differences between the
results obtained by NAL and DLR just
upstream region of the hinge line. There are
similar trends in the other cases going to be
shown. The real parts computed by NAL are in
a better agreement with the experimental ones.
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Fig.3 Comparisons Between CFD and Experimental
Results. (Steady Pressure Distributions)

M=09, §=5"°

6. Comparison of Results

, Re=1.2X10")

- Unsteady Cases -

In these computations, the unsteady

Fig.5 Comparisons Between CFD and Experimental
Results -Unsteady Pressure Distributions-Real Part
and Imaginary Part -

(M=09,A=2" ,6=0" ,Re=1.2X10" ., f=5Hz)

One of the reasons might be ; the governing
equations in NAL code are Navier-Stokes
equations while in DLR code they are Euler
equations with the boundary layer correction;
the other possible reason might be due to the
difference in hinge line position of the aileron
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between the NAL and DLR numerical models.
The estimated boundary-layer thickness for the
correction by DLR might be larger than that
computed by NAL by solving the NS equations.
At 75% semi-span station, the experimental
results are far apart from the computed results.
It comes from the fact that the pressure
distributions were measured on the elastic
wing while the wing is assumed rigid in the
numerical simulations.

In Fig6, comparisons are shown for the case
No. U2. The tendency is almost similar to the
previous case. Here, too, especially the
imaginary parts can not be compared well

because of the effect of the elasticity of the wing.

The wing is more violently excited in the case of
the aileron frequency,15Hz, compared with the
other cases. The lowest natural frequency
comes up to about 13 Hz (close to excited
frequency15Hz) in the flow with Mach
number 0.9. So the dynamic deformation of the
wing becomes considerably large in this case.
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Fig.6 Comparisons Between CFD and Experimental
Results-Unsteady Pressure Distributions-Real Part
and Imaginary Part -
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Fig.7 Comparisons Between CFD and Experimental
Results-Unsteady Pressure Distributions-Real Part
and Imaginary Part -

M=09,A=2" ,6=0" ,Re=1.2X10" , f=25Hz)

In Fig.7, Case No.U3 is shown. In this case,

the imaginary parts are compared well because
the amplitude of the wing response is small at
the aileron frequency of 25Hz.

Fig.8 shows the case No.U4, in which the
DAoA was taken to be 5°. In the cases of U1-U3,
no significant supersonic regions were seen on
the surface. It was expected in the case of U4
that a supersonic region appeared especially on
the aileron surface. It can be confirmed from
the steady pressure distributions(Fig.3) that
the Cp is larger than the Cp critical, 1.8, on the
aileron surface.
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Fig.8 Comparisons Between CFD and Experimental
Results-Unsteady Pressure Distributions-Real Part
and Imaginary Part -
M=09,A=2° ,6§=5" ,Re=1.2X10" , f=25Hz)

However, the unsteady pressure distributions
do not explain the existence of the shock wave.

In figures 9.1-2, the steady Mach number
contours are given to look at the flow patterns
near and on .the aileron surface. The free
stream Mach numbers are 0.9 and 0.98 with
the DAoA, 0° and 5°. In the cases of the DAoA,
5°, the contours are very dense especially near
the hinge line and the aileron surface.

In Fig.10, the unsteady - pressure
distributions at Mach number, 0.98 are shown
only for computed results. In this case, there
are big differences between the results from
NAL and DLR in the imaginary parts. The
distributions of the unsteady components of the
pressure distributions never show the existence
of shock waves on the aileron surface, in this
case too.
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Fig.10 Comparisons Between CFD Results-Unsteady
Pressure Distributions-Real Part and Imaginary Part -
(M=0.98,A=2" ,8=0" , Re=12X 10" , f=15Hz)

One of the facts noted in the present studies is
that there are no significant non-linearity in
the unsteady pressure distributions regarding
with the studied arrow wing.
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Fig9.1. Mach Contours (DLR CFD Results)

In Fig.11, higher order components of the
unsteady pressure distributions determined by
DLR are shown. It can be concluded from these
figures that the effect of the non-linearity is
very small even at high Mach numbers. The
reason can be suggested as the thickness-to-
chord ratio of the main surface for supersonic
transport is too small ( that is around 3%) to
cause non-linear effect at the mentioned Mach
number regions and conditions.
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Fig9.2. Mach Contours (NAL CFD Results)
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Fig 11. Second Harmonic of Unsteady pressure
Upper)In Phase, Lower)Out of Phase
M=0.9,A=2" ,8=5" ,Re=1.2X 10" |, f=25Hz)

Finally, computational results in which the

~effect of the flexibility of the surface is taken

into account are shown (case No. U6). These
calculations were done by NAL. In the
aeroelastic simulation, the first eight natural
modes, which are obtained from FEM
structural analysis, are superposed to
approximate the aeroelastic response or the
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static deformation of the wing.
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Fig.12 Comparisons Between CFD Results-Unsteady
Pressure Distributions-Real Part and Imaginary Part -
M=0.9, A=2°, § =0°, Re=1.2 X10', f=15Hz, P,=80kPa)

The computed results are shown in Fig. 12 with
respect to real parts and the imaginary parts.
These results are interestingly compared with
the results shown in Fig.6 where the wing is
treated as a rigid model. Especially the
imaginary parts are improved in their
distribution patterns although the comparisons
with the experimental results are not
sufficient.

In Fig. 13, the simulation results are lined up
at in a series of time history of the pressure
distributions at 39% semi-span station at every
1/8 phase, showing the phase of the aileron
motion, in comparisons with measured data.
The ACp describes the pressure coefficient
subtracted by steady counterpart one. The
number of the pressure orifices are so small
that it is difficult completely to make the
comparisons. In the figures, the dark areas
show the instantaneous pressure distribution
on the upper surface while the white ones are
for the lower. The peak values at the hinge line
are less estimated by the computations than
the measured values. This simulation will be
demonstrated by video film at the meeting.

Concluding Remarks

An unsteady experimental data base has been

used for validating the CFD codes developed at

NAL and DLR. Regarding the comparisons and

discussions of results the followings are

concluded

1. No significant differences between the
results computed by NAL and DLR were
observed.

2. The prediction of unsteady aerodynamics
around control surfaces are still difficult.

AL T I S A R R 44 55

3. The responses are almost linear even at
high Mach number.
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