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Transonic Airfoil Design Based on the Navier-Stokes Equations
to Attain Arbitrarily Specified Pressure Distribution™*
—— An Iterative Procedure—

Naoki HIROSE**, Susumu TAKANASHI ** and Nobuhiro KAwai**
ABSTRACT

An iterative procedure for transonic airfoil design based on the Navier-Stokes equa-
tions to attain arbitrarily specified pressure distributions is proposed in this paper. A
transonic integral equation for the inverse problem for the correction term between the
basic pressure distribution and the specified pressure distribution is formulated and
is combined with a time-averaged Navier-Stokes airfoil analysis code. Shock wave and
viscous effects including weak separation are properly evaluated in the analysis mode
and therefore are effectively incorporated in the design procedure. Numerical results
for a shockless pressure distribution and a supercritical pressure distribution are pre-
sented. A small number of iterative steps yield almost satisfactory airfoil geometry in
practical point of view. The method is also applied to low speed airfoil designs and the

results are shown.
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feasible to compute numerically the three-dimen-
sional transonic flow around an full configura-

Progress of computational transonic aerody-  tion of a realistic aircraft in so far as the flow is
namics is remarkable recently. It has become  governed by the inviscid transonic equations such

1. Introduction

as the full potential and the Euler equations.!*?

* Received 28, August, 1985 . . . ]
** The Second Aerodynamics Division Viscous effects including the shock-boundary
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layer interaction and trailing edge separation can
be quantitatively evaluated by the time-averaged
Navier-Stokes equations for practical design pur-
pose.® Viscous airfoil analysis is easily done
within a reasonable computing time. Even a
three-dimensional transonic flow analysis past a
swept wing has become possible as the most
advanced vector processor is available.?

Meanwhile, progress is not so rapid in the field
of developing transonic airfoil and wing design
methods. Numerical optimization concept has
been investigated in recent years. The number of
optimising prameters describing wing geometry,
however, becomes too large for practical purpose
and computing time required to attain optimized
solution will be inpractical. Therefore, ingenuity
to use pressure distribution as the optimization
parameter has long been cultivated with an
abundant harvest.

The conventional design methods are so-called
‘inverse method’ in which an arbitrary pressure
distribution is given and the geometry to realize
it is obtained as a solution. Since the geometry is
not known beforehand, the pressure distribution
is specified as the Dirichlet boundary condition
for velocity potential along a presumed geome-
try. The geometry is modified iteratively until
the modified geometry realizes the specified
pressure distribution. In such methods, the nu-
merical formulation and flow analysis code must
be reformulated so as to satisfy the Dirichlet
boundary condition. Iterative inverse methods of
this kind have been developed by Carlson,® and
Tranen® for airfoil, Henne’ for wing, and Shan-
kar® for wing-body designs respectively. All of
those methods are based on the potential equa-
tion. Inverse formulation of the Euler and the
Navier-Stokes equations will be difficult.

Another approach to the design method is an
iterative ‘“‘residual-correction procedure” used by
Barger and Brooks,® Davis'® and McFadden'! in
their works on the design of a two-dimensional
transonic airfoil respectively. Takanashi, one of
the present authors, has developed a three-
dimensional transonic wing design method based
on this approach.'? In this approach, the geome-
try correction is made iteratively to compensate
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for the pressure residual between the specified
pressure distribution and a pressure distribution
for a presumed geometry obtained by an analysis
code. The distinction between each other’s meth-
ods lies on the difference in the numerical
formulation of the geometry correction problem.
Takanashi uses a discretized numerical formula-
tion of the three-dimensional transonic integral
equation. Takanashi’s method has been success-
fully applied to various wing design for practical
purpose using transonic potential flow analysis
codes such as Jameson’s FLO-22!3 and FLO-
27'% and Boppe’s code for wing-body configura-
tion.!>!® The advantage of present method is
that only minimal effort is required in developing
the geometry correction code while the analysis
code is retained in its original form and can be
treated solely as a “black box™ to give the
pressure distribution for a presumed geometry.
As a result, the analysis code can be easily
replaced with more advanced code. In the pres-
ent paper, the concept or the method is extended
to apply to any analysis code other than poten-
tial code. Then, the method is applied to an
analysis code based on the Navier-Stokes equa-
tions. Only results for two-dimensional airfoil
designs are presented in the paper although the
method can be applied to three-dimensional wing
design. The results show transonic airfoil designs
with shock wave-boundary interaction are easily
done. The method is also applicable to low speed
airfoil design. Both conventional and unconven-
tional pressure distributions are utilized and
presented.

II. Design Methodology

Concept of Design Method

In the following, the logical concept of the
present design method is briefly described. The
concept needs no rigorous analytical relationship
between the geometry and pressure field and it
should be considered as qualitative logic. The
exact proof and more details are found in the
references.'® 17
Let pressure field P expressed as a function of

geometry F, with flow Mach number M., and
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Reynolds number Re as parameters in real flow
or its flow model, i.e., time-averaged Navier-
Stokes equations (abbr. N-S eq.),

P = function P (F ; M, Re) 1

In the design problem, eq. (1) is inverted and
geometry F is expressed in terms of P:

F = function F (P ; M, Re) (2)

Provided Reynolds number Re is high enough
and there exists no separation or separation is
weak even if the flow contains shock waves,
geometry F can best be approximated by an
approximated geometry F , governed by a sub
model; full potential equation, with M. as a
parameter.

F=F@P; M) 3)
then, geometry F is expressed as:
F=F+ 38R 4)

where R represents all of the higher order terms
and § is a coefficient smaller enough than unity;
16 | << 1.

Function F may be a nonlinear function but it
can be considered to be a continuous function of
P, M.. and Re at least locally in practical stand
point of view. For a small perturbation of
pressure field, 4 P, geometry is perturbed as 4 F
from the original geometry, Fo , and the new
geometry, Frapger, is expressed as:

Frager = Fo + 4F, (5)

where 4 represents small perturbation and sub-
script o represents original value, respectively.
The exact relation eq.(4) is brought into the
second term of eq.(5), obtaining;

= Fo + (4Fy + 4 (6Ry))
Fo + 4Fy + 84R, (6)

F target

Under the present assumptions, perturbation of
all of the higher terms 4 R, is small enough to be
expressed as :

4R, = €R,, le]1<<1 (7)
Therefore, equation (8) holds.
Frarget = Fo + 4F + 8€R, (8)

As & and e are negligibly small, the primary part
of perturbation is 4 Fy - Framget can best be
approximated by,

Frager = Fo + 4F, )

The significant feature of Takanashi’s method
is that only the perturbation term or the geome-
try correction term in other words, 4 Fy , is
given by an approximated sub-model while the
original geometry F, as well as P can be
expressed by any flow model governed by eq.(1)
such as full potential, Euler, N-S equations and
even wind tunnel experiment and flight testing.
In the present paper, N-S equations are used.

Geometry Correction Problem

The derivation of the integral equation formu-
lation for the geometry correction problem is
described in reference.'> And the summary is
presented only. The three-dimensional full poten-
tial equation is written in terms of perturbation
velocity potential ¢ . Assume a solution ¢ for an
initial presumed wing geometry has been ob-
tained by means of an existing flow analysis
code, eq.(1). If a perturbation 4¢ from the
known solution ¢ is introduced, the governing
equation is expressed in terms of unknown 4¢
and known solution ¢ with the flow tangency
condition and boundary condition on pressure
distribution on the wing surface. The geometry
correction equation 4F, in terms of 4¢ is
obtained under a good reasonable assumption of
neglecting higher order terms. Applying Green’s
theorem, the perturbed equation is converted
into an integro-differential equation. After a
little analytic manipulations and applying a
decay function in normal direction to wing
surface, the equation reduces to a simple two-
dimensional integral equation for wing surface.
The unique solution is obtained with trailing
edge closure condition enforced. The present
closure condition means that the correction of
the trailing edge thickness is zero,i.e.,the trailing
edge thickness of the original wing remains
unchanged. The original trailing edge thickness,
itself, need not be zero. This condition, however,
does not necessarily mean that the resulting wing
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section contour has no crossing of the upper and
the lower surfaces along the chord from the
leading edge to the trailing edge. Such a crossing
if occurs does not give physically reasonable wing
and the specified pressure distribution must
inevitably be modified in order to obtain a
physically reasonable wing. The analysis code
must be the one which overcomes the resulting
mapping trouble between the physical and com-
putational spaces.

Within the assumption in the present paper, 4
F, remains continuous for a pressure field
perturbation containing discontinuity such as
shock waves provided the shock wave is approxi-
mated as normal shock wave to wing surface.
More precisely, slope, .4(dFp [dx), is propor-
tional to 4 w, velocity perturbation correction
normal to the surface and it remains constant
across the shock wave.

A discretized numerical formulation is formu-
lated to approximate the integral equation and
the resulting linear system is solved easily by
standard techniques such as the Gaussian elimina-
tion method.

Navier-Stokes Solver

N-S equations are used as the flow solver
eq.(1). One of the purpose of the present paper is
to show that Takanashi’s method can be applied
to N-S flow solver as well as the full potential
flow solvers.

Three-dimensional N-S flow solver for a prac-
tical transonic swept wing is recently developed
as a research code at National Aerospace Labora-
tory®. The computing time required is prohibi-
tively large for the present purpose since the flow
solver must be run repeatedly several times.
Instead, two-dimensional airfoil analysis code,
NSFOIL, '8 is used here and the transonic airfoil
design is attempted in place of the wing design.
Two-dimensional formulation of the geometry
correction problem is straight forward reduction
of the previous section and is omitted here.
There is no other reason to circumvent the
three-dimensional trial theoretically.

Flow solver, NSFOIL, is based on the Implicit
Approximate Factorization scheme for N-S eq.
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originally developed by Beam, Warming!® and
Steger.2® The treatment of internal boundary on
the airfoil surface and wake boundary is im-
proved to be treated implicitly in the formula-
tion of block-tri-diagonal formulation. Also, time
step width is given as a monotonically increasing
hyperbolic tangent function of iteration step
number. The initial time step width is 277 and
increased upto 277 | then kept constant thereaf-
ter. The values of p and q are specified arbitrari-
ly. p = 18 and q = 6 gives stable computation for
most ranges of free stream Mach number, angle
of attack and practical Reynolds number. p was
chosen to satisfy Courant number less than unity
and q is limitted by the nonlinear stability and
physical scale of time. For transonic buffet
computation, q will be reduced to 7 or 8 to make
computation stable. It is important time step
width asymptotically increased to the final time
step width 279 Abrupt change of time step width
leads to instability. The present methods is quite
robust when used as a practical aerodynamic
design tool.

The code has been extensively applied to the
analysis of various supercritical airfoils at wide
ranges of Mach number, angle of attack and
Reynolds number without any trouble such as
the divergence of computation and compared
with the experimental results by the High Rey-
nolds Number Two-Dimensional Transonic Wind
Tunnel at NAL>2!,

The mesh system used by NSFOIL is gener-
ated by a body-fitted mesh generation code,
AFMESH.?? Various combinations of mesh gen-
erating methods such as Laplace and Poisson
equation methods, geometric construction meth-
od, and algebraic sheared mesh generation
method are incorporated along with many op-
tions to serve the designer’s request. The user can
easily generate any specific mesh around airfoil.

Procedure of design

The flow chart of design procedure is shown
in Fig.1. In the present paper, the combination
of AFMESH and NSFOIL is used as the
‘ANALYSIS code in the chart and wing design
code in the previous paper'? is used as the
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INITIAL
WING

ANALYSIS

)

SPECIFIED
PRESSURE

CALCULATED @
PRESSURE

4cp= YES —s( sTOP )
" NO

DESIGN

CORRECTION

(f) NEWWING

Fig. 1 Flow chart of design procedure.

‘DESIGN’ code. For 2-D airfoil design, a rectan-
gular wing of high aspect ratio of 20 was used
with the same pressure distribution and wing
section geometry as the ones given by two-
dimensional NSFOIL analysis code. Direct ap-
plication of 3-D wing design code does never
hamper the validity of the methods and the
computed results for airfoil design.

A design system Transonic Full Potential
Design based on Navier-Stokes equations (
TFPDNS ) was constructed and the each step of
the iterative computation of analysis and design
modes is handled on a TSS terminal although the
analysis code has to be run as a batch job due to
its computing time required. Computing times
for the rest of the jobs including data handlings
are negligibly small.

IMI. Computed Results
Case 1. Shockless Airfoil Design

To demonstrate the practical applicability of
the present procedure, some of the computed
results are presented for transonic and low speed
airfoil designs.

The first example is obtained to realize a

shockless supercritical pressure distribution with
lift coefficient Cy, = 0.6 starting from an airfoil
geometry with a pressure distribution containing
a strong shock wave. A computed pressure
distribution obtained by NSFOIL was used as the
shockless target pressure distribution. The basic
airoil geometry is the same one which gave the
target pressure distribution but at a different
angle of attack.

Garabedian-Korn airfoil 75-06-12 of thickness
to chord length ratio of 12% was selected at its
design condition of the flow Mach number, M., =
0.75 and the angle of attack, & = 0.8 degrees, as
the target. The Reynolds number Re=1.3 x 107,
The computed flow field is a shockless flow field.
Turbulent boundary layer is calculated by Bald-
win-Lomax algebraic turbulence model with tran-
sition included. No upwind differencing was
used. Impulsive start condition was applied.
Computing mesh consists of 125 x 51 C-type grid
with 93 points on airfoil surface (47 points on
each side). The first mesh spacing adjacent to the
surface is 0.00001 of chord length and corre-
sponds to y* less than unity. The outer boundary
is placed at 12 chord length away from the
airfoil. Total time step number of 5000 were
required to reach converged flow field for one
analysis mode.

The basic flow field was calculated at angle of
attack a = 2.0 degrees. The flow contains strong
shock wave on the upper surfae. During the
design procedure, the angle of attack in the
analysis mode is fixed to o = 2.0 and the space
coordinates (X, y) are also fixed. All of the other
computational parameters for NSFOIL and
AFMESH are fixed same as that of the initial
flow analysis mode. Only the coordinates of the
geometry corrected by the design mode was
replaced with the new one. The mesh was
constructed around the new geometry to serve
the N-S analysis.

The history of lift coefficient C; at each
mode is shown in Fig.2 . The major change of C;,
is accomplished in the early few modes. the
iterative procedure showed the geometry cor-
rected at each design mode rotates in the fixed
space without significant distortion of geometry
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TARGET

0.6 A

.5 - —mH——H—+—"r—tt+—+
01 23 456 789 10

MOD
Fig. 2 History of lift coefficient, Case 1.

-1.64%

-1.24

-0. 8-

-0. 44

0.0+

0. 44

0. 84

1.2

Fig. 3 Comparison of pressure distributions and
geometries between designed (solid line),
basic (dashed line) and target (dotted
line), Case 1.

itself. In Fig.3, the designed pressure distribution
(symbol ®) as well as the original pressure
distribution (dashed line). The corresponding
geometries are also compared in the same figure
with the same lines as for pressure, respectively.
The final designed geometry precisely coincided
with the original airfoil geometry with the
rotated angle of attack — 1.2 degrees correspond-

a) density field

b) pressure field

Fig. 4 Flow field around the designed airfoil,
Case 1.

ing to the difference between the fixed angle of
attack 2.0 degrees and the target angle of attack
0.8 degrees in fixed original space coordinates.

In Fig.4, density and pressure fields around
the designed airfoil are presented. To under-
stand how the correction proceeds, the iterative
history of design is depicted in Fig.5. The
corresponding geometries are also compared in
the same figure. The dashed line represents the
basic geometry and the soild line represents
designed geometry, respectively. The scale is
exaggerated in normal direction to illustrate the
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a) mode 1

b) mode 2

-1.

-1.

-0.

-0.

.

.
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¢) mode 3

d) mode 4

Fig. 5 Iterative history of design and pressure

recovery, Case I.
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e) mode S

f) mode 6

-1.69C
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-0. 41

Fig. 5 Continued.

g) mode 7

h) mode 8
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correction of geometry. It is clear that the lower
surface pressure distribution where the flow is
subcritical, converges with only one iteration.
The upper surface peak pressure behind the
leading edge expansion also converges with one
iteration. The pressure correction near the shock
wave requires several iterative steps to attain the
target pressure. The convergence is obtained
oscilatorily in the intermediate steps until shock
wave disappears finally.

In Fig.6 local Mach number distributions
around the original airfoil and the designed
airfoil are compared. Strong shock wave on the
upper surface of the original airfoil disappears on
the designed airfoil. The boundary layer charac-
teristics such as the displacement thickness,
momentum thickness and form factor are com-
puted, although not shown here to save space. As
the shock wave does not exist, these characteris-
tics are moderate compared with the original
ones at the basic condition. Boundary layer
growth behind the shock wave seen in Fig.6(a) is
improved in the designed airfoil as shown in (b).

The resolution of flow field especially such as
the shock wave and boundary layer in N-S solver
depends on the total mesh numbers available. In
the present case 47 points are distributed on one
side of the surfaces. The spacing near the shock
in flow direction is rather coarse. The shockless
pressure distribution in this case means the one
which is attainable within the present analysis
resolution. The accomplishment of design target
should be measured within the resolution of
utilized analysis code and applied mesh numbers.
In fact, the present airfoil was tested at NAL
wind tunnel and weak shock wave exists at the
present condition. The adaption of more refined
mesh or solution adaptive grid for shock wave
will give a flow with shock wave. Shockless
design can be sought easily in such trial and such
extension is in progress.

Case I1. Supercritical Airfoil Design

Case I was to design the known target which is
a computed result by the same analysis code.
One may suspects the validity of the present
design procedure on the case of arbitrarily

a) basic airfoil

b) designed airfoil
Fig. 6 Comparison of local Mach number
distributions.

specified pressure distribution. To prove this,
another case was designed for a rooftop super-
critical pressure distribution with the lift coeffi-
cient of C;=0.7. The upper surface pressure
distribution was arbitrarily specified this time
while the lower surface pressure distribution was
the same one as that of the case I. Target
geometry is not known beforehand. The flow
Mach number, Reynolds number and other para-
meters were set same as in the Case 1. Solution
for airfoil GK-75-06-12 at the angle of attack of
0.8 degrees, the design point and the previous
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target point in the previous case, was used as the
basic airfoil geometry and the basic pressure
field.

To accelerate the convergence of the analysis
code, the distribution of flow variables in the
initial flow field at each analysis mode was
assumed to be the same one as that of the
converged solution of the previous analysis mode
instead of using the conventional impulsive start
condition. Since the modification of the geome-
try is small at each one design mode, the
resulting flow field does not differ from the
solution of the previous mode too much in this
case. This initial flow field condition option
incorporated in code NSFOIL reduced the com-
puting time less than a half compared with the
impulsively started computation case. This, how-
ever, is not always the case since there is no
guaranty that the amount of correction of
geometry is small enough that the flow field
solution distance in the topological solution
space is also small. Such cases have been encoun-
tered often in the other design examples and led
to divergence of computation.

Only two iterations gave almost satisfactory re-
sult of attaining the lift coefficient of Cz=0.69.
No more than four iterations were needed to
reach the target. The iterative history of the
pressure distribution and the geometry modifica-
tions at the each design mode is shown in Fig. 7
(a) to (d). The same symbols and lines as in Fig.
3 are used to identify the target, the designed
and the basic distributions and geometries. The
history of the lift coefficient is shown in Fig. 8.
The designed geometry and its pressure distribu-
tion compared with the target and the basic ones
are illustrated in Fig. 9. It can be seen that the
designed geometry has the thicker thickness and
the larger camber distribution than those of the
basic airfoil. The attained pressure distribution
can be considered shockless within the present
resolution of the analysis code. There is the
trailing edge separation of the boundary layer
beginning at 98 per cent chord station on the
upper surface while the basic profile has no
separation. The existence of separation of the
boundary layer, however, does not preclude the

-1.

-1.

-0.

-0.

0.

0.

0.8

.2-

6-Cr

24

'_..\.....

84

4

04

4-

b) mode 2

Fig. 7 Iterative history of design and pressure

recovery, Case II.
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¢) mode 3

d) mode 4

Fig. 7 Continued.

1

o
.0 A

0 1 2
MOD

Fig. 8 History of lift coefficient, Case I1.

S 6

w <+
_&—u—

-1.69%
-1.2+
-0. 8+
-0. 44
0.0+
0. 4+
0.8+
1.2-
sss DESIGNED CHARACTERISTICS wse
CLY TGTe 0.707
&y = 0.708 CDT ® 0.015 CLCDT = 48.200
VIS = 4 NSFULL = 0 CATOC « -0.143
FOMACH » 0.750 ALPHA = 0.300 AN = 0.130€+08
Fig. 9 Comparison of pressure distributions and

geometries between designed and basic
ones, Case II.
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present procedure to apply.

Case IIl. Arbitrarily Specified Design

In case III, pressure distribution along the fore
part of the airfoil including leading edge region
was specified arbitrarily as depicted as dotted
line in Fig. 10. The design target of the lift
coefficient C; is 0.62. The basic airfoil and
pressure distribution used is the same one used in
the previous case.

The convergence required ten design modes.
The iterative history of the lift coefficient, Cp,
does not indicate proper evaluation of the design
convergence since the basic pressure distribution
gives the same value of the lift coefficient. The
lift coefficient remains almost constant during
the iterations. The pressure distribution, how-
ever, is improved at each mode to approach the
specified pressure profile. The pressure profile on
lower surfase beyond 2.5 per cent chord station
recovered with only two design modes. The
leading edge region required a few more design
modes to approach to the target pressure dis-

-1.61Q'
-1.24
-0. 84
-0. 4+
0.0+
0. 44

0.8+

1.2-

see DESICHED CHARMCIEALISTICS wes
CLY 16T 0.610
al s 0,633 M

e 0.011 CLCOT « 58.210
s CNTOC = 0.1
- 0.150C08

IvVis = 4 NFUL -
FSNACH = 0,750 ALPHA = 0.000 M

Fig. 10 Comparison of pressure distribution of
designed airfoil at mode 10, Case III.

tribution. The upper surface pressure profile
exhibits sinusoidal oscillation along chort and its
amplitude gradually decreases as design mode
proceeds. At mode 10 the pressure recovery to
the target pressure distribution is almost satisfac-
tory in practical point of view although a sharp
oscillation of pressure still remains near the
leading edge. It is conjectured that purely arbitra-
ry specification of the pressure profile is the
major reason why many iteration steps are
required. Such a profile might be ill-posed one
and the numerical solutions of the analysis and
design codes governed by numerical parameters
including mesh spacing and smoothing coeffi-
cients may not give such a distribution. Even if
such is not the case, the similar situation may
arise. The result of mode 10 is considered as
converged solution under the present circum-
stances.

The basic airfoil GK-75-06-12 has cusp type
trailing edge of zero thickness. During the itera-
tions, physical ill-posedness did occur. Thickness
became negative in the region near the trailing
edge. A trailing edge thickness modification was

-1.69%
~-1.2
-0. 8-
-0. 4
0.0+
0. 4

0. 84

1.2-

ase DESICNED CHARACTERISTICS see
€LY T6T» 0.610

LY o 0.587 o7
s .
FSNACH = 0.750 AMLPHR » 0.000 M

= 0.010 CLCOT = §7.564
4 RNFULL » 8 NIt ~ -0.114
= 0,1300+00

Fig. 11 Pressure distribution of trailing edge
modified airfoil at mode 10A, Case IIL
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adopted to the airfoil geometry designed at mode ~1.6-C
10. Trailing edge thickness §7r was enlarged
from zero to 0.0025 of chord length. Local -1.24
thickness distribution correction proportional to
§1& + \/x was evenly added to the both sides of -0. 8
surfaces from leading edge to trailing edge. Flow
analysis was made for the modified geometry and -0. 4-
its pressure profile is shown in Fig. 11. Pressure
profile remain unchanged except the trailing edge 0. 04
region where small discrepancy appeared due to
the modification. The loss of the life coefficient 0. 44
due to this geometry modification is 0.036 and
this is recovered by the increment of angle of 0. 8-
attack of 0.12 degrees without the change of the
pressure profile and the value of the drag 1.2

confficient.

Case IV. Conventional Low Speed Airfoil Design

A conventional low speed airfoil design is
presented to show the applicability of the pres-
ent method. An arbitrary pressure distribution
similar to the one of NACA 64 series with the lift
coefficient of C;=0.4 was specified. Flow condi-
tion is; the flow Mach number, M=0.40, the
angle of attack, a=0° and the Reynolds number,
Re=3x10°%. Other parameters remain the same as
in the previous cases. The computing mesh
consists of 113x33 grids with 93 points on airfoil
surface. The computing region extends only 2
chord length in x and y directions from airfoil.
Mesh distribution in the vicinity of airfoil is
similar to that of the previous cases. The effects
of outer boundary position is small and can be
compensated by other analytic means for low
speed design if necessary. The mesh spacing along
surface at the leading edge was 0.0025 chord
length to properly evaluate the detail of curva-
ture distribution in the leading edge region.

NACA 0010 at zero angle of attack was
chosen as the basic airfoil. After 3 design modes
the pressure recovery was satisfactorily accom-
plished with the lift coefficient of (}=0.393 as
shown in Fig. 12. The final airfoil has maximum
thickness to chord ratio of 0.11 and the geome-
try contour is similar to a canventional NACA 64
series airfoil. From this result, it can be said that
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[~8 ) e 0,993 c97

e 0,016 CLCDT « 26.076
VIS = 4 NFUL = 0 CATOC = -0.006
FIMACH » 0.400 ALPMA =» 0.0 L] = 0.3000+07

Fig. 12 Pressure distribution of designed airfoil
at mode 3, Case IV.

the conventional low speed airfoil design can be
done quite easily.

Case V. Unconventional Low Speed Airfoil
Design _

Another example of the low speed design is a-
thick airfoil with rear loading pressure profile
with the lift coefficient of C;=0.6. Flow condi-
tion is; the flow Mach number, M.=0.4, the
angle of attack, @=0°, and the Reynolds number,
Re=6x10°. Computing region extends 4 chord
length in both of x and y directions from the
airfoil. Geometry of the airfoil NACA 0024 at
the angle of attack, a=0 was used as the starting
geometry. .

. The result is shown in Fig. 13. The basic
airfoil has weak trailing edge separation of the
boundary layer. As the iteration of the design
proceeds, the life coefficient of (;=0.56 was
attained at mode 3 with the excellent pressure
recovery except the region of last 30 per cent of
the chord on the lower surface where rear
loading requirement is severe. At 65 per cent
chord station on the lower surface a weak
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Fig. 13 Pressure distribution of designed airfoil
with trailing edge modification at mode
3A, Case V.

separation of the boundary layer occurs. Further
advancement of iteration mode is needed to
recover the pressure difference at this rear
loading region, but it resulted in the formation of
an extraordinary large concavity on the lower
surface crossing the upper surface, and yet the
pressure was not recovered. The close examina-
tion of the flow field shows existence of a larger
reverse flow starting at 65 per cent chord station.
For such a large separation existing, the assump-
tion underlying the present design methodology
may become invalid.

The converged flow field of previous mode
was used as the initial condition for the next
analysis mode in both of Case IV and V to
reduce the computing time.

The examination of design mode 3 shows
geometry has very small crossing of the surfaces
in front of trailling edge. To obtain physically
reasonable geometry, the trailing edge modifica-
tion was made with 6 72=0.0020 without lift loss.
The pressure profile and the geometry in Fig. 13

is for this modified airfoil. The maximum thick-
ness to chord ratio obtained is 0.255.

The present rear loading pressure profile is too
severe to design and we conjecture there may
exist no physically reasonable geometry to cor-
respond. The pressure profile should be modified
to more moderate one if any reasonable geome-
try is wanted.

IV. Computing Resources

Computing time for analysis code depends on
the size of mesh, scale of computing region and
convergence criterion. A standard analysis mode
in Case I required about 110 minutes on FACOM
M-380 (9 MFLOPS machine) installed at Nation-
al Aerospace Laboratory. The design code and
mesh generator code require less than one minute
to run. Therefore the total computing time is
governed by the analysis code requirement. Case
I required total of 16 hours. Case II was achieved
with four hours with the improved initial condi-
tion. Low speed cases were done far less hours.

Memory size requirement is easy one. The
analysis code requires about 4 Mega Bytes of
memory and the design code requires negligibly
small size.

NAL is requesting fund to install Numerical
Simulator; a super-computer with performance
of more than one Giga FLOPS in next fiscal year.
Reduction of 50 times of the present computing
time is expected in vector processing. If such a
case, one design of airfoil can be done in less
than 5 minutes. Even the three-dimentional wing
design using Navier-Stokes code will become
possible in practice.

V. Concluding Remarks

A practical and flexible procedure of tran-
sonic airfoil design based on the Navier-Stokes
equations is proposed, and examples including
low speed design are demonstrated as effective.
The inherent difficulty concerning the specifica-
tion of pressure distribution near the trailling
edge in the conventional potential design codes
with the outer potential flow-turbulent boundary
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layer interactive formulation is excluded in the
present formulation. Shock-boundary layer inter-
action and trailing edge separation is incorpo-
rated automatically because the Navier-Stokes
equations are used.

The ill-posedness of the inverse problem for
geometry design may not be avoidable even in
the present method. In the practical design,
however, the method tries to find out an
approximate solution, ie., geometry, which lies
in the vicinity of the basic geometry upon which
the flow analysis, i.e., the direct problem is
solved in the analysis mode. Each one of transi-
ent iterative mode has its logical validity upon
this. Even an approximate solution will suffice
for the practical purpose when we consider the
fact that the Navier-Stokes solver or even the
wind tunel testing is only an approximation to
the actual flight of aircraft.

The methodology can apply to three-dimen-
sional wing. Only the requirement of computer
resources prohibits its demonstration. Applica-
tions to the Euler codes, 3-D Navier-Stokes codes
and the other flow regimes such as the cascade
flow are now in progress and will be reported in
near future.

A part of the contents of paper was presented
in References 23 and 24.
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