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Hot Gas Side Heat Transfer Characteristics of
LOX/H2 and LOX/HC Type Propellants*

Akinaga KUMAKAWA** | Masaki SASAKI**, Kazuo SATO**, Hiroshi TAMURA**,
Fumiei ONO**, Hiroshi SAKAMOTO** and Nobuyuki YATSUYANAGI**

ABSTRACT

Combustion tests were conducted using liquid oxygen (LOX)/gaseous hydrogen, LOX/gaseous

methane and LOX/RJ-1] as propellants. Two water-cooled calorimetric combustors and two types of

injectors, i.e., a coaxial and an impinging injector, were used. The maximum chamber pressure was
10 MPa and the heat flux reached 100 MW/m? in the maximum.

Heat flux values measured at the throat section were lower than those predicted by the simpli-
fied Bartz's equation. A modified Bartz's equation, which uses 0.023 as a coefficient (instead of 0.026
as in the original) and which takes into account the injector end effect as well as the film cooling ef-
fect, more accurately predicted the measured heat flux distribution of the coaxial type injector. With regard
to LOX/RIJ-1J propellants, an empirical correlation for the thermal resistance of the carbon layer depos-
ited on the chamber wall was obtained. It was observed that the values of thermal resiStance measured
were a small percentage of the values found in previously published data.
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Nomenclature ke
Cg coefficient of simplified Bartz’s equation
Dc diameter of injector faceplate N
G mass flux of combustion gas . OF
hg hot gas side heat transfer coefficient Pe
hg,  hg far from injector faceplate q
Mt
* Received 13 February, 1990 TF, inj
** Kakuda Research Center Tf

thermal conductivity of the carbon deposition
layer

number of coaxial element

mixture ratio

chamber pressure

heat flux

total propellant mass flow

fuel injection temperature

fuel injection temperature
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tc thickness of the carbon deposition layer fueled enignes are much lower than those of hydrogen
ATsal wall superheat fueled engines. The combustion efficiency of these
Tw wall temperature hydrocarbon engines had to be about 94% in order to
URr injection velocity ratio achieve stable combustion. Due to incomplete combustion
X axial distance from nozzle throat and fuel film cooling systems requiring more than 10%
Xc axial distance from injector of the fuel flow rate, the chamber walls of the combustors
nc* C* efficiency were coated with an insulation carbon soot layer as shown
Pinj injector end effect in Fig. 2. The insulation layer reduced heat input into the
€ film cooling efficiency wall. It, therefore, enabled regenerative chamber cooling

when using high density fuel, which easily causes coking

Subscript under conditions of lower wall temperature.
cy cylindrical In experiments with LOX/hydrocarbon propellants,
exp experiemental Pavli (Ref. 6) has demonstrated the possibility of a high
jout coolant jacket outlet combustion efficiency level of 99 to 100% without
NB nucleation boiling 200
PB prebumer
ref reference
th nozzle throat 1001
£ |
1. INTRODUCTION s 59

Many studies on future booster rocket engines have C}E F
recently appeard (Ref. 1-5). They are especially concerned |
with the Space Transportation Booster Engine (STBE)
and the Space Transportation Main Engine (STME) for . 1/’ -1
use in the Shuttle-2 (Ref. 1-3), as well as with the advanced IS;- . L A 1 .
HM-60 using LOX/methane (Ref. 4) and the advanced UI 5 10 20 30

Pc MPa
LE-7 (Ref. 5). Advanced rocket combustors are heat fl X
Fig. 1 Maxmi at es and be
characterized by higher combustion chamber pressure '8 '1um cal Tux . anc chamber presstires
of typical rocket engines

and higher performance than previous combustors. Liquid
hydrogen, liquid methane and heavy hydrocarbon of the
RP-1 class are the most feasible fuels for these combustors. B

The maximum heat fluxes of thrust chambers of typical i

liquid rocket engines are shown in Fig. 1. Hydrogen

fueled rocket engines, such as the Space Shuttle Main

e e

Carbon ' Coke

Engine (SSME) and the LE-7, operate at combustion Deposition { Formation
pressures of more than 14 MPa, and a combustion ef- !
ficiency of about 99% can be achieved when these engines Heat Fl sz' g
are employed in the staged combustion cycle. The I\
maximum heat fluxes lie in the order of 100 MW/m?. ) '

The chamber pressures of previous hydrocarbon fueled Hot Gas ' Chab ! HC Fuel
engines were limited to 7.8 MPa as the case in the F-1 Wall
engine because of combustion instability and cooling Fig.2 Heat transfer aspect across the wall of
problems. The maximum heat fluxes of the hydrocarbon hydrocarbon fuel thrust chamber

This document is provided by JAXA.



Hot Gas Side Heat Transfer Characteristics of LOX/H2 and LOX/HC Type Propellants 3

combustion instability. Thus high pressure LOX/hydro-
carbon rocket engines with liquid hydrogen as a coolant
have become feasible. However, there are contradictory
existing data on the thermal resistance of the soot layer
under high chamber pressure and in the presence of high
combustion efficiency.

On the other hand, in order to achieve a desirable
distribution of wall temperature and to determine a level
of heat input to the coolant through the chamber wall
which can drastically improve the performance of expander
and gas generator cycle rocket engines, it is also neces-
sary to accurately predict the hot gas side heat transfer
coefficient under elevated chamber pressures. The
phenomena which occur within the thrust chamber are
extremely complicated. The heat transfer coefficient and
hot gas temperature distributions within the thrust chamber
are strongly affected by combustion parameters such as
chamber pressure, mixture ratio and the combustion pro-
cess (including the atomization of the liquid oxygen jet
and/or the liquid fuel jet, its vaporization, as well as its
mixing, combustion and the recirculation of combustion
gas). Axial heat flux distribution also varies depending
on the existence of film cooling and/or transpiration cool-
ing in the injector. A carbon layer as an insulator may
decrease the heat transfer to the wall in the case of hy-

Fuel inlet

Torch igniter :

\—Oxidizer inlet
Face cooling fuel inlet-

a) Main injector assembly

Fig. 3

drocérbon fuels. Strong combustion instability increases
the heat transfer and may cause the wall of the chamber
and the injector face plate to melt down.

The purpose of this study is to experimentally
demonstrate the heat transfer characteristics of several
propellants, LOX/hydrogen, LOX/methane and LOX/RJ-
13, at high chamber pressures, up to 10 MPa, and to
investigate the effect of soot deposition on heat transfer
in the case of LOX/hydrocarbon propellants.

2. APPARATUS

2.1 Injectors

Injectors with 18 coaxial elelments were employed in
LOX/hydrogen and LOX/methane firing tests. The as-
semblies of these injectors are shown in Fig. 3. Twelve
film cooling holes were dnlled into the rigimesh faceplates
of the injectors when necessary. Two injectors with FOF
and FOOF impinging elements, as shown in Fig. 4, were
employed in LOX/RJ-1J tests without film cooling. The
geometric and operating characteristics of these injectors
are shown in the references (Ref. 7-9). A water-cooled
cavity ring was installed to prevent combustion instabil-
ity in cases where it was necessary to use when LOX/
methane and LOX/RJ-1]J propellants were used.

Cooling
Hot Gas ,yCHé

:

b) Main Injection Element
(LOX/methane)

7

LOX —

.

Injector with 18 coaxial elements
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a) Pattern of injector elements

12.84
7 11.99
RI-10 PSS
/ 8 :‘3 \
LOX =5
Ll : S
— 3 T
- —
RJ ]_:], // Ot »+0-58zx2
//% Doe $0.84x2

1) FOOF split triplet element

14. 84

7R

R‘]—LJ.. Z o O{=$0.63x 2
//A Do ¢1.31 % ¢

2) FOF triplet element

N
\
)

b) Injection elements

Fig. 4 Injector with FOF and FOOF impinging elements

2.2 Chambers

Two water-cooled calorimetric chambers were
employed to measure the axial distribution of heat flux
to the chamber wall. They consisted of 23 or 27
circumferential cooling channels, respectively, and had
equal contours with the exception of the length of the
cylindrical section. The 27-channel chamber is 50 mm
longer than the 23-channel chamber. The 23-channel
calorimetric chamber and the 27-channe! chamber with

a water cooled cavity ring are respectively shown in Fig.

5 and Fig. 6. The channels were machined into an OFHC
(Oxygen Free High Conductivity) copper shell as shown
in Fig. 7 and covered with stainless steel outer rings by
means of electron beam welding as shown in Fig. 8. The
cooling side of the cﬁannels had small triangular fins
positioned at a 30-degree angle in order to enhance heat
transfer coefficients on the coolant side. The boiling
characteristics of the surface having fins at a 30-degree
angle are shown in Fig. 9 in contrast with those of fins at

a 60-degree angle. Both fins were machined along the

This document is provided by JAXA.
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COOLING WATER

(©)
Fig. 5 23-channel water-cooled calorimetric chamber

COOLING WATER
FILM COOLANT I'N

ACQUSTIC
CAVITY RING

CAVITYW

20 257 114

Fig. 6  27-channel water-cooled calorimetric chamber with a cavity ring

This document is provided by JAXA.



6 TECHNICAL REPORT OF NATIONAL AEROSPACE LABORATORY TR-1062T

Fig. 7 Copper inner shell of water-cooled chamber

Fig. 8 Cooling channel
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Fig. 9 Boiling heat transfer characteristics

coolant passages and their height were 1 mm. The heat
fluxes measured under nucleate boiling of 30-degree fins
were almost twice those of 60-degree fins (Ref. 10) at

the same wall superheat.

2.3 Instrumentation

Five thermocouples were installed in the chamber
wall through the land between the neighboring cooling
channels to determine the hot gas side-wall temperature.
The two wall thermocouples at the throat section con-
sisted of a Chromel and Alumel wire 0.045 mm in diameter
in a sheath made of 0.25 mm stainless steel tubing. The
other thermocouples consisted of 0.09 mm Chromel/
Constantan wire in a 0.5 mm sheath. Probes were fixed
by high thermal conductive epoxy resin at the bottom of
drilled holes located 1.0 mm from the hot gas side surface.

The temperatures of inlet and outlet water were
measured by Chromel/Constantan thermocouples inserted
in an inlet manifold and each outlet manifold.

The water flow rate of each channel was measured
by a calibrated orifice and the each propellant flow rate
was measured by a turbine flowmeter.

Five pressure transducers were mounted on the cool-
ing channel outer rings to determine the saturation tempera-
ture in the coéling channels.

The thrust of the chamber was not measured because
of the large quantity of rigid hardware mounted on the

test assembly.

2.4 Test Facility

The setup consists of the fuel and oxidizer feed systems,
a water coolant feed system, a thrust stand, the test
hardware, the igniter feed systems, and the instrumenta-
tion.

A schematic diagram of the water-cooled combustion

test facility is shown in Fig. 10. Liquid oxygen was

This document is provided by JAXA.
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Fig. 10 Schematic diagram of test facility

supplied from a high pressure tank and pressurized by
gaseous helium into the water-cooled main combustion
chamber. Gaseous hydrogen or methane was fed from
20 MPa storage bottles. RJ-1J was also supplied from a
high pressure tank pressurized by gaseous nitrogen. A
preburner was installed in order to study the effects of
hot gas injection through a simulaton of the staged
combustion cycle of hydrogen or methane fuel. Details
of the preburner assembly are shown in Ref. 8.

A torch igniter with a spark plug was used for ignition
for LOX/gaseous hydrogen and LOX/gaseous methane
combustion tests. The gaseous oxygen/gaseous hydrogen
propellant was fed from high pressure bottles. Sonic
venturis were used to control the flow rates. A power
supply provided the required spark energy for ignition.

A pyrotechnic igniter was used for ignition of LOX/
RJ-1J propellant.

2.5 Data Recording
All pressures, temperatures and flow rates were recorded
in digital form at a rate of 100 Hz/second for each signal

on a magnetic tape. After processing, all the original
data and processed data were printed out at 0.1 second
intervals.

The local heat flux was calculated from the temperature
increase, the flow rate of the water, and the hot gas side

surface area in each cooling channel.

3. TEST PROCEDURE AND CONDITIONS

3.1 Test Procedure

A programmable sequencer was used to control the
test events. The fuel, oxidizer and water flow were set
by a combination of tank pressures and openings of needle
valve. The water flow rate of each channel was determined
so as to obtain sufficient temperature increase for precise
measurement under nucleation boiling conditions. An
empirical equation (Ref. 10) obtained with 60-degree
fins was used to predict the critical heat flux of 30-
degree fins because of the lack of data.

The duration of the firing tests was long enough for
the hot gas side wall temperature and outlet water

This document is provided by JAXA.
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temperature to reach steady state. This condition was
achieved in 15 to 30 seconds depending on the values of
heat fluxes. The water flow, however, was commenced
15 seconds prior to ignition in order to achieve the inlet
temperature steady state.

The tests were monitored by two television cameras
and recorded by two video tape recorders for playback.

The chamber and the injector were inspected after
each test and the diameter of the throat was measured for
the reduction of the C* efficiency.

A number of emergency alrams and shut-off devices
were incorporated to protect the system from accidental
damage during operation. If these were tripped, secure
and rapid shut-off was automatically achieved. The shut-
down time of the propellant feed system was within 0.3
seconds. The items which could activate the alarms were
the wall temperature, the hot gas temperétuze and mixture

ratio of the preburner, and the level and pressure of the

feed tanks. A few slow but important signals were

registered on a pen recorder and shut-off was manually

achieved when necessary.

3.2 Test Conditions

Firing tests were carried out, covering a combustion
pressure range of 3.5 to 10.4 MPa and a sea level thrust
range of 3 to 7 kN. Fig. 11 shows a photo of a firing test
with LOX/RJ1-J propellants. Test conditions and the
achieved C* efficiencies are summarized in Table 1. Details
of the combusion characteristics of these propellants are
shown in the references (Ref. 7-9). All heat transfer data
cited are given in the appendix.

The short chamber was used in LOX/room temperature
gaseous hydrogen, LOX/methane and LOX/RJ-1J
combustion tests.

A crack due to low-cycle thermal fatigue was found
after the tests. Fig. 12 shows photos of the cracked chamber
wall. Staged combustion tests using the long chamber
with 27 cooling channels were then conducted to achieve
higher combustion efficiencies for LOX/hydrogen and
LOX/methane propellants.

Table 1  Range of Test Conditions
Propellants  Number Pc o/F Teing 7Gx
of Tests MPa K A
LOX/H2 13* 7.1 - 9.5 4.8 -6.9 280 - 990 96 - 100
LOX/CHy 25t 3.5-9.6 2.7 -5.1 270 -1100 89 - 99
LOX/RJ-14J 22 5.3 -10.4 1.8 - 3.4 275 - 285 95 - 100

+

Included staged combustion tests.

Fig. 11 Photograph of LOX/RIJ-1J firing test
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Fig. 12 Photograph of cracked chamber wall

4. TEST RESULTS

4.1 Heat Transfer Correlations

Due to the uncertain effects of hot gas side heat transfer
on the thrust chamber, the simplified Bartz’s equation
(Ref. 11) has been commonly used to compare the test
results of different propellants.

The present authors have previously proposed the
application of the empirical correlation (Ref. 12) to account
for the injector end effect on heat transfer near the in-
jector end with coaxial elements as shown in Fig. 13 and
Fig. 14. They also proposed the use of the empirical
correlation (Ref. 12) of the effect of fuel film cooling
from holes on the injector surface as shown in Fig. 15.
These correlations were also used to predict heat flux
distribution under the present test conditions using LOX/

hydrogen and LOX/methane propellants.

4.2 Heat Transfer Characteristics of LOX/
Hydrogen Propellants

Fig. 16 shows an example of LOX/room tempera-
ture hydrogen dana versus time. The chamber pressure
was around 9 MPa, and wall temperatures of the throat
section and cylindrical section were quite stable after the
start transient of 1 second. The outlet temperature of
water at the throat section was also stable except at the
start transition.

An example of axial heat flux distribution of LOX/
room temperature hydrogen is shown in Fig. 17. The

solid line in the figure is calculated by Bartz’s original

101" o subscale Q =
a LE-5
8
2
< s
Tost o Pinj=0.08Xc+0.18
i
£
EN
L L L
OO 5 10 15
Yo = Xe+ otUr(Pc/ Pc.ref)®®
- Oc/VYN

Fig. 13 Nommalized injector end effect with non-
dimensional distance from injector face

Subscale Combustor , Pc=10MPa

2

hg(x)/hg,

inj =

o
o

i 1
% 5 10

L Injector Face Xe cm

Fig. 14 Normalized injector end effect with various
injection velocity ratios

equafion and the dotted line is calculated by the modified
Bartz’s equation which used the coefficient, Cg = 0.023,
the same result as that of the Dittus-Boelter type of

equation, as well as the injector end effect and the film
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Fig. 15 Film cooling effect of LE-5 calorimetric chamber

cooling effect. The values predicted by the modified Bartz’s
equation agreed well with the measured values, although
the predicted heélt flux exceeded that of the one measured
at the divergent section of the nozzle. At the divergent
nozzle section, a different type of heat transfer equation,
such as a boundary layer equation, might be applicable.
The present discussion, however, is limited to the heat
flux vanations within the chamber and nozzle throat section.

Fig. 18 shows an example of LOX/hydrogen staged
combustion data versus time. The main chamber pres-
sure was around 9 MPa, and the temperature overshoot
of the preburner was observed during start and shut down
transient, it did not affect the measurement of wall
temperatures or the outlet water temperatures. All of the
measured temperatures were quite stable except the
transient period.

An example of axial heat flux distribution of the LOX/
hydrogen staged combustion test is shown in Fig. 19.
The double-dot-dash-line was determined by the modified
Bartz’s equation which accounts for the injector end effect
and the film cooling effect. Calculated values also agree
with the measured values within the chamber though the
location of the measured maximum heat flux shifted

upstream a little.

4.3 Heat Transfer Characteristics of LOX/
Methane Propellants

Fig. 20 shows an example of LOX/room temperature
methane data versus time. The chamber pressure was
around 7 MPa and decreased slightly during combustion.
This was caused by partial flow blockage in the rigimesh
faceplate of the injector or the needle valve port due to
ice formation, because methane fuel included a slight
amount of water vapor. As a result, the wall temperature
of the throat section and that of the cylindrical section
decreased during combustion. However, the outlet
temperature of water at the throat section was not great-
ly affected.

Two axial heat flux distributions in tests using LOX/
methane propéllants are shown in Fig. 21. The measured
values of heat flux of the 6.9 MPa test which used room
temperature methane are shown as circles in the figure.
The double-dot-dash-line was determined by the modified
Bartz’s equation which accdumed for the injector end
effect and the film cooling effect. The dotted line was
determined by the same equation, but included only the
injector end effect. The experimental value is in ap-
proximate agreement with the double-dot-dash-line at
the location x < —30 mm from the nozzle throat and in
agreement with the dotted line at -30 mm < x < 0 mm.
This indicates that the film cooling effect does not

This document is provided by JAXA.
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Fig. 16 LOX/room temperature hydrogen data vs. time
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Fig. 17 Heat flux distribution of LOX/room temperature hydrogen

apparently occur around the throat section.

Fig. 22 shows an example of LOX/methane staged
combustion data versus time. The main chamber pressure
was around 9.6 MPa, but the decrease of the pressure
shown in Fig. 20 was not observed in this case. A large
temperature overshoot of the prebumer was observed
during the start transient. All of the measured tempera-

tures were quite stable except during the transient period.

A typical result of the 9.6 MPa staged combustion
test, using the injector without film cooling holes, is also
shown by squares in Fig. 21. The single-dot-dash-line
was determined by the modified Bartz’s equation,
accounting for the injector end effect. The experimental

values were also in approximate agreement with the value
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Fig. 19 Heat flux &stribution of LOX/hydrogen staged combustion test

predicted for the area between the cylindrical section
and the nozzle throat section.

After the firing test, a thin, fragile deposition of soot
on the wall was observed; there was no remarkable
evidence of a heat flux level less than the one predicted
by the modified Bartz’s equation. It was therefore
concluded that the carbon layer which developed during
the combustion tests using LOX/methane propellants did

not have any effect on the heat transfer.

4.4 Heat Transfer Characteristics of LOX/
RJ-1]J Propellants
Fig. 23 shows data plots of LOX/RJ-1J propellant
with the FOF injector. The chamber pressure was around
10 MPa. No chamber pressure overshoot was observed
during start and shut down transient. Though the measured

This document is provided by JAXA.
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Fig. 20 LOX/room temperature methane data vs. time
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Fig. 21 Heat flux distribution of LOX/methane

exit water temperatures were quite stable except duimg
the transient periods, the wall temperatures varied cyclical-
ly. The wall temperature variation with time was thought
to be caused by carbon deposit buildup and spalling on
the chamber wall. Such variation was not observed in
the case of LOX/methane propellant.

Fig. 24 shows two examples of the axial heat flux

distribution of LOX/RJ-1J propellants. The heat fluxes
measured in the FOF injector were lower than those
calculated by the modified Bartz’s equation with the co-
efficient Cg =0.023, which was valid in the cases of
LOX/hydrogen and LOX/methane propellants. It is in-
ferred that the soot deposition on the wall decreased heat

flux to the entire wall especially at lower mixture ratios
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and also that the injector end effect, similar to that of the

coaxial element injector, decreased heat flux near the

injector end.

High frequency combustion instability occurred in
the case of the FOOF injector when the cavity ring was
not installed, and the injector faceplate made of copper
was found damaged after the test because the injector
surface had not been protected with transpiration cool-
ing. Heat fluxes at the cylindrical section were higher
than those analogized from the heat flux distribution in
the FOF injector, as shown in Fig. 24, and were in ap-
proximate agreement with those obtained by the modified
Bartz’s equation.

4.5 Effects of Chamber Pressure

The highest heat flux for each test was plotted as a
function of combustion chamber pressure, as shown in
Fig. 25. The maximum heat flux predicted by Bartz’s
equation (Cg = 0.026), which employed average com-
bustion efficiency of each propellant, is also plotted in
the figure. In the case of LOX/hydrogen, experimental
values were about 85 to 90% of those of predicted val-
ues. On the other hand, they were about 70 to 90% in the
case of LOX/methane and about 60 to 90% in the case

of LOX/RIJ-1J. The lower values for LOX/methane pro-
pellants were mainly due to the lower combustion ef-
ficiencies achieved. The wide scatter in the case of LOX/
RJ-1] propellants was supposed due to soot deposition
on the wall. Therefore, the effect of soot deposition was
examined in results of LOX/RIJ-1J propellants.

4.6 Soot Observation

After a series of finng tests with LOX/RJ-1] pro-
pellants, using the FOF type of injector, a carbon layer
was fixed by epoxy resin near the injector end and the
nozzle end, and a sample from each of these respective
sections was removed from the wall intact. Fig. 26 shows
SEM (Scanning Electron Microscope) photographs of
the sections and the structures of the carbon layer in both
samples. The thickness of the carbon layer near the in-
jector end was about 15 microns and that of the layer
near the nozzle end was about 20 microns. The layer
near the injector end had a smooth and marbled struc-
ture. The layer near the nozzle end was composed of
particle lumps. The mechanism of soot formation and
the deposition mechanism of the carbon layer remain to

the clarified in future studies.

exp. cal. (Nc*) |
100F Lox/He o© ——(97%) oBré ]
- LOX/CH4 & -=--- (95%) 9s7
~  [LOX/RI-19B —-—(98%) ,’ Mb
£ T R o
2 50+ ’§
= o)
ooy
< X
€
(o
201
]O 1 1 1 1 11 1
1 2 5 10
Pc MPa

Fig. 25 Measured maximum heat flux as a function of chamber pressure
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Fig. 26 Photos of the soot of LOX/RJ-1]J

4.7 Soot Resistance Correlations

The carbon deposition on the chamber walls in the
case of LOX/hydrocarbon propellants was studied in the
literature (Ref. 13-15). Hernandez et al. (Ref. 13) gave a
brief overview of the carbon deposition and reported that
no carbon deposition was, however, detected under high
combustion pressures of the main chamber. The classi-
cal “g-model” empirical correlation used to predict the
thermal resistance of the carbon layer is described in
Ref. 14. Price et al. (Ref. 15) reported that carbon depo-
sition was detected on the liquid oxygen cooled chamber
walls when LOX/RP-1 was used as the propellant.

Carbon deposition on the chamber walls is a very
complicated phenomenon. Existing data trends are shown
in Fig. 27 and several correlations are summarized in
Ref. 13.

The thermal resistance tc/kc of the carbon layer in
the case LOX/RP-1 was correlated with the combustion
gas mass flux G, as shown in Fig. 28 (Ref. 14). The
dotted line shows the empirical correlation previously

suggésted for the design of the LOX/RP-1 combination

in the 1960s (Ref. 14). In this study, the injector having
10% film cooling caused high thermal resistance of car-
bon deposition layer due to incomplete combustion near
the wall.

Price et al (Ref. 15) discussed the thermal resistance
of carbon deposition but didn’t correlate it with the
combustion gas mass flux. The present author deduced
thermal resistance based on the reported data as shown
in Fig. 29. The injector used in Ref. 15 had an impinging
pattern in the inner zone, a showerhead pattern in the
outer zone and no film cooling. Therefore, the mixture
ratio in the outer zone of the injector, being lower than
the overall mixture ratio, caused a lower combustion
temperature and incomplete combustion near the wall.
Though the absolute values of thermal resistance differ
in both these studies, they agree in that thermal resis-
tance decreased when mass flux increased.

The existing classicial “g-model”, also recommended
in Ref. 13, was chosen to compare the present data with
the previous data.

The thermal resistance in the present study is plotted
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in Fig. 30. The circles in the figure indicate the thermal
resistance that was deduced from the difference between
the levels of heat flux in the modified Bartz’s equation
and the actual values measured at the throat section. The
two black dots indicate the thermal resistance deduced
from the thickness of the layer in Fig. 26 and the thermal
conductivity of soot that was cited from an earlier study
(Ref. 15) as a constant value of k¢ =0.52 W/mK. Data
derived from two earlier studies (Ref. 14 and 15) are
also shown in Fig. 30. The thermal resistances at the
same mass flux in these two previous studies were higher
than that in the present study which used an injector with
a uniform impinging pattem, and employed no film cool-
ing. Though the absolute values of thermal resistance
differ in these studies, they agree in that thermal resis-
tance decreased when mass flux increased.

To obtain a minimum value of thermal resistance at
the same mass flux for practical use, an empirical corre-
lation was calculated by connecting the experimental
minimum values of thermal resistance shown as a solid
line in Fig. 30. The slope of the dotted line, which indi-
cates a previous design equation, is equal to that of the
solid line. However, the absolute value of thermal resis-
tance obtained in this study is a small percentage of that
of the previous correlation. Thus heat flux reduction due
to carbon deposition is not expected to occur to the same
degree in the case of a high performance injector with-
out film cooling holes. This expectation derives from the
higher mass flux: i.e., combustion chamber pressure is
higher and the location is closer to the throat section
with the highest heat flux.

5. SUMMARY

(1) Combustion tests using liquid oxygen (LOX)/
gaseous hydrogen, LOX/gaseous methane and LOX/RJ-
1] as propellants were conducted. Two types of water
cooled calorimetric combustors and two types of injec-
tors, a coaxial and an impinging injector, were employed.
The chamber pressure was as high as 10 MPa and the
heat flux reached 100 MW/m?.

(2) Heat flux values measured at the throat section
were lower than those predicted by the simplified Bartz’s
equation. The modified Bartz’s equation, which used 0.023

m2.K/W
4
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clice Q%’
5 |

x10-4

\
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Fig. 30 Comparison of thermal resistance of the
carbon layer with different data

as a coefficient instead of the 0.026 of the original, and
which takes into account the injector end effect as well
as the film cooling effect, more accurately predicted the
heat flux distribution measured in a coaxial type injector.

(3) In cases where LOX/RJ-1J propellants using the
FOF type of injector without film cooling holes were
employed, an empirical correlation for the thermal resis-
tance of a carbon layer deposited on the chamber wall
was obtained. It was observed that the values of thermal
resistance measured were a small percentage of the val-

ues found in previously published data.
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RUN 574
APPENDIX
Pc=9.08 MPa, O/F = 5.67, Mt= 1.60 kg/s, Tf =303 K,
(1) LOX/H2 Test Results nc* =98.2%
RUN 572 Segment q, exp Segment q, exp
2 2
Pc = 7.12 MPa, OfF = 5.96, Mt = 1.27 kgfs, Tf = 303 K, No.  MW/m No.  MWjm
nec* = 99.6% 1 8.6 13 68.0
2 11.1 14 99.0
3 129 15 96.5
Segment q, exp Segment g, exp 4 164 16 53.0
No. MW/m? No. MW/m? 5 184 17 4238
.6 19.2 18 28.8
1 7.6 13 53.0 7 21.0 19 17.3
2 9.2 14 76.6 8 223 20 13.7
3 10.7 15 80.2 9 242 21 88
4 13.6 16 45.6 10 31.6 22 6.9
5 154 - 17 37.0 11 38.6 23 47
6 16.1 18 23.6 12 454
7 16.6 19 14.1
8 18.2 20 11.3
9 19.0 21 7.4 RUN 575
}(1) ggg g gg Pc = 8.96 MPa, O/F = 6.86, Mt = 1.68 kg/s, Tf =300 K,
12 30.8 nc* = 96.9%
Segment q, exp Segment q, exp
No. MW/m? No. MW/m?
RUN 573 1 8.0 13 65.3
- - - _ 2 10.1 14 92.8
Pc =932 MPa, O/F =6.17, Mt=1.65 kg/s, Tf =298 K, 3 118 15 934
Nc*=96.7% 4 154 16 528
5 17.5 17 41.7
6 18.5 18 282
Segment q, exXp Segment q, exXp 7 20.2 19 16.8
No. MW/m? No. MW/m? 8 21.7 20 132
9 23.1 21 8.6
1 8.2 13 65.5 10 302 22 6.9
2 10.3 14 93.8 11 374 23 47
3 12.1 15 928 12 39.8
4 154 16 528
5 17.7 17 426
6 18.6 18 27.8 RUN 576
7 19.8 19 16.7
8 216 20 13.1 Pc =8.14 MP3a, OfF = 6.36, Mt = 1.48 kg/s, Tf =298 K,
9 23.7 21 8.5 «
10 29.4 22 6.9 ne* =98.1%
11 38.0 23 4.6
12 494 Segment g, exp . Segment g, exp
No. MW/m? No. MW/m?
1 1.7 13 610
2 9.8 14 87.3
3 11.5 15 87.7
4 15.0 16 493
5 16.8 17 39.6
6 17.7 18 26.7
7 19.1 19 15.7
8 204 20 125
9 215 21 8.1
10 28.1 22 6.7
11 350 23 44
12 477
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RUN 577 RUN 581
Pc=9.50 MPa, O/F =5.13, Mt = 1.68 kg/s, Tf = 888 K, Pc=9.15MPa, O/F=6.71, Mt=1.72 kg/s, Tf =782 K,
Nc* =96.7% nc* = 96.0%
Segment g, exp Segment q, exp Segment q, exp Segment Q. exp
No. MW/m? No. MW/m? No. MW/m? No. MW/m?
1 16.9 15 377 1 15.2 15 425
2 20.3 16 489 2 18.0 16 553
3 20.1 17 654 3 18.5 17 71.9
4 20.2 18 87.6 4 19.2 18 91.8
5 19.9 19 754 5 19.6 19 80.3
6 19.7 20 49.5 6 200 20 -
7 19.0 21 374 7 19.2 21 355
8 18.7 22 246 8 19.5 22 25.8
9 18.8 23 149 9 19.2 23 16.7
10 18.6 24 104 10 19.2 24 11.9
11 204 25 - 11 220 25 -
12 22.5 26 - 12 244 26 -
13 24.6 27 - 13 274 27 -
14 315 14 352
RUN 578 RUN 583
Pc=8.73 MPa, O/F =477, Mt = 1.53 kg/s, Tf =936 K, Pc =9.24 MPa, OfF = 6.50, Mt = 1.71 kg/s, Tf=511K,
Tc* =96.8% nc* = 96.6%
Segment q, exXp Segment q, exp Segment g, exp Segment q, exp
No. MW/m? No. MW/m? No. MW/m? No. MW/m?
1 17.0 15 343 1 49 15 420
2 209 16 448 2 73 16 547
3 203 17 59.1 3 9.2 17 719
4 19.8 18 79.5 4 12.1 18 9.1
5 18.9 19 66.1 5 147 19 81.5
6 18.5 20 425 6 16.5 20 428
7 17.7 21 338 7 17.1 21 384
8 174 22 214 8 17.7 22 255
9 17.2 23 13.6 9 18.0 23 164
10 17.0 24 9.0 10 18.7 24 11.1
11 19.0 25 - 11 21.2 25 -
12 20.7 26 - 12 238 26 -
13 230 27 - 13 27.1 27 -
14 29.2 14 348
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RUN 584 (2) LOX/CH4 Test Results
Pc =9.26 MPa, O/F = 6.50, Mt = 1.71 kg/s, Tf =516 K, RUN 26
ne* =97.0%
Pc =351 MPa, O/F =4.11, Mt =0.86 kg/s, Tf =286 K,
Segment q, exp Segment q, exp nc* =95.1%
No. MW/m? No. MW/m?
Segment q, exp Segment q, exp
1 4.0 15 42.1 2 2
) 63 16 557 No. MW/m No. MW/m
3 8.5 17 72.5 i 31 13 17.1
4 11.4 18 9.9
2 3.6 14 254
5 14.0 19 86.7
3 3.9 15 285
6 16.1 20 50.3
4 47 16 18.9
7 16.9 21 39.3
5 49 17 14.1
8 17.7 .22 26.0
6 6.0 18 9.7
9 18.0 23 163
7 6.0 19 59
10 18.7 24 11.2
8 6.1 20 45
11 21.2 - 25 -
9 6.7 21 3.2
12 23.8 26 -
10 83 22 2.7
13 212 27 - 11 97 23 17
14 35.8 )
12 13.0
RUN 27

Pc = 4.54 MPa, O/F = 4.86, Mt = 1.16 kg/s, Tf =283 K,
Ne* =95.1%

Segment q. exp Segment q, exp

No. MW/m? No. MW/m?
| 4.5 13 254
2 47 14 36.3
3 4.6 15 32.1
4 5.2 16 149
5 54 17 426
6 6.0 18 10.8
7 6.1 19 6.6
8 6.9 20 49
9 7.4 21 34

10 9.6 22 2.9

11 114 23 1.9

12 16.8
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RUN 28 RUN 32
Pc =4.62 MPa, O/F =5.06, Mt = 1.23 kg/s, Tf = 280 K, Pc =5.36 MPa, O/F =291, Mt=1.31kg/s, Tf=272K,
TNc*¥=91.3% ne* =90.5%
Segment q, exp Segment q, €xXp Segment q, exp Segment q, exp
No. MW/m? No. MW/m? No. MW/m? No. MW/m?
1 3.7 13 249 1 0.6 13 30.3
2 4.8 14 37.8 2 1.3 14 45.5
3 5.2 15 35.6 3 1.7 15 47.8
4 58 16 21.5 4 2.6 16 254
5 5.8 17 16.3 5 34 17 21.7
6 6.6 18 115 6 44 18 14.7
7 6.3 19 6.9 7 59 19 N
8 74 20 52 8 6.8 20 59
9 8.1 21 3.6 9 79 21 4.5
10 10.9 22 3.0 10 10.8. 22 38
11 133 23 20 11 154 23 23
12 19.2 12 233
RUN 29 RUN 33
Pc =5.23 MPa, O/F = 2.72, Mt = 1.27 kg/s, Tf = 278 K, Pc =6.92 MPa, O/F = 3.26, Mt = 1.72 kgfs, Tf =274 K,
nc* = 90.6% nNc* =89.4%
Segment q, exp Segment q, exXp Segment q, exp Segment g, €Xp
No. MW/m? No. MW/m? No. MW/m? No. MW/m?
1 49 13 338 1 0.6 13 34.2
2 5.7 14 474 2 14 14 524
3 6.0 15 426 3 1.6 15 51.5
4 6.9 16 26.8 4 24 16 274
5 68 17 19.5 5 3.1 17 22.8
6 6.9 18 138 6 4.1 18 174
7 8.1 19 8.5 7 59 19 8.8
8 9.6 20 6.2 8 7.0 20 5.6
9 10.6 21 43 9 8.2 21 5.0
10 14.3 22 36 10 11.7 22 44
11 17.8 23 23 11 16.8 23 28
12 25.7 12 25.5
RUN 30 RUN 34
Pc=5.11 MPa, O/F =321, Mt = 1.27 kg/s, Tf = 278 K, Pc=5.23 MPa, O/F =3.03, Mt=1.28 kg/s, Tf =269 K,
nc* =90.6% nNc* = 89.9%
Segment g, exp Segment q, exp Segment q, exp Segment q, exp
No. MW/m? No. MW/m? No. MW/m? No. MW/m?
1 4.1 13 279 1 0.7 13 29.0
2 54 14 39.8 2 1.4 14 393
3 5.8 15 35.7 3 1.6 15 442
4 6.6 16 23.0 4 24 16 209
5 6.7 17 18.2 5 3.1 17 20.5
6 73 18 119 6 4.1 18 14.1
7 74 19 74 7 57 19 6.6
8 8.1 20 54 8 6.4 20 4.1
9 9.0 21 38 9 7.2 21 39
10 12.0 22 32 10 9.2 22 33
11 151 23 20 11 139 23 2.1
12 20.8 12 20.8
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RUN 36 RUN 39
Pc=7.11 MPa, O/F = 3.13, Mt = 1.66 kg/s, Tf = 775 K, Pc =6.97 MPa, O/F = 3.48, Mt = 1.60 kg/s, Tf = 868 K,

nc* =95.6% Tc* = 98.9%
Segment q, exp Segment q, exp Segment q, exp Segment q, exp
No. MW/m? No. MW/m? No. MW/m? No. MW/m?
1 11.9 13 36.0 1 13.6 13 414
2 11.3 14 544 2 15.5 14 577
3 10.4 15 50.4 3 12.0 15 559
4 112 16 31.5 4 12.6 16 35.8
5 11.1 17 238 5 12.4 17 273
6 112 18 15.7 6 12.5 18 18.8
7 11.6 19 9.6 7 129 19 107
8 12.3 20 74 8 13.6 20 8.5
9 132 21 49 9 15.0 21 5.7
10 16.7 2 4.1 10 19.1 22 47
11 20.5 .23 26 11 244 23 3.1
12 26.5 12 32.8
RUN 37 RUN 42
Pc=7.08 MPa, O/F =3.28, Mt=1.64 kg/s, Tf=794K,  Pc=8.18 MPa, O/F =3.21, Mt = 1.94 kg/s, Tf = 911 K,
Nc*=97.1% Nc* = 94.0%
Segment q, exp Segment q, exp Segment q, exp Segment q, exp
No. " MW/m? No. MW/m? No. MW/m? No. MW/m?
1 12.3 13 38.5 1 11.9 13 384
2 115 14 56.7 2 12.4 14 544
3 10.8 15 55.2 3 114 15 47.5
4 11.5 16 319 4 11.8 16 30.8
5 116 17 25.1 5 11.8 Y 244
6 11.7 18 16.7 6 11.7 18 17.3
7 122 19 08 7 12.2 19 10.6
8 12.7 20 7.9 8 12.7 20 8.5
9 13.9 21 5.2 9 13.7 21 5.7
10 17.7 2 43 10 17.2 22 4.8
11 21.8 23 2.7 11 209 23 3.1
12 29.2 12 284
RUN 38 RUN 43
Pc=7.07 MPa, O/F =3.33, Mt = 1.64kgfs, Tf=724 K, = Pc=9.61 MPa, O/F =3.39, Mt=2.27 kg/s, Tf = 860 K,
Nnc*=9.7% nc* =94.6%
Segment q, exp Segment q, exp Segment q, exp Segment q, exp
No. MW/m? No. MW/m? No. MW/m? No. MW/m?
1 116 13 40.8 1 103 13 48.8
2 10.3 14 48.0 2 11.2 14 70.4
3 10.0 15 50.1 3 10.8 15 59.0
4 11.1 16 35.2 4 12.3 16 37.8
5 11.3 17 26.3 5 12.7 17 30.3
6 11.6 18 17.6 6 13.1 18 212
7 11.9 19 10.9 7 14.0 19 12.8
8 12.8 20 82 8 14.8 20 10.3
9 13.7 21 5.6 9 16.2 21 6.9
10 17.8 22 47 10 20.5 22 5.5
11 22.6 23 3.0 11 25.2 23 32
12 30.8 12 346
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RUN 44 RUN 48
Pc = 8.80 MPa, O/F = 3.33, Mt =2.08 kg/s, Tf = 800 K, Pc = 8.52 MPa, O/F =4.67, Mt=2.11 kg/s, TF=989 K,
Nc* =94.5% nc* =95.0%
Segment g, exp Segment g, exp Segment q, exp Segment q, exp
No. MW/m? No. MW/m? No. MW/m? No. MW/m?
1 9.3 13 49.1 CvVT 12.1 14 25.1
2 10.1 14 70.4 1 134 15 30.3
3 9.9 15 62.1 2 12.8 16 41.1
4 11.4 16 379 3 13.2 17 57.0
5 11.8 17 29.8 4 12.7 18 77.1
6 12.2 18 20.5 5 13.1 19 67.4
7 13.1 19 12.2 6 133 20 413
8 13.9 20 9.8 7 12.8 21 31.1
9 155 21 6.6 8 12.9 22 20.0
10 19.5 22 53 9 13.5 23 13.0
11 247 23 35 10 13.1 24 -
12 335 11 152 25 -
12 16.8 26 -
RUN 45 13 19.7 27 -

Pc=9.03 MPa, O/F = 3.59, Mt=2.14 kg/s, Tf= 818 K,

Nc* =954% RUN 49

No. MW/m? No. MW/m? nc*=94.1%
1 97 13 497
2 10.6 14 71.4 Segment qQ, exp Segment q, exp
3 103 15 595 No. MW/m? No. MW/m?
4 11.8 16 379
5 123 17 304 CVT 10.1 14 210
6 12.7 18 212 1 99 15 25.2
7 13.6 19 12.7 2 10.0 16 353
8 14.6 20 10.3 3 104 17 48.7
9 16.1 21 69 4 102 18 654
10 20.3 22 5.6 5 10.8 19 56.5
11 253 23 37 6 10.8 20 35.2
12 34.1 7 10.6 21 26.1
8 10.9 22 17.3
RUN 47 9 11.3 23 113
10 10.9 24 -
Pc = 8.97 MPa, O/F = 3.58, Mt =2.12 kg/s, Tf = 786 K, 11 12.7 25 -
12 14.0 26 -
Nc* =93.9% 13 16.4 27 -

Segment g, exp Segment g, exp

No. MW/m? No. MW/m?

CVT 10.2 14 20.8
1 10.7 15 243

2 10.9 16 334

3 11.1 17 437

4 11.5 18 605

5 11.7 19 58.5

6 11.8 20 393

7 11.9 21 30.9

8 11.9 22 204

9 12.6 23 12.8

10 12.2 24 -
11 132 25 -
12 14.4 26 -
13 164 27 —
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RUN 50 (3) LOX/RIJ-1J Test Results
Pc =9.09 MPa, O/F = 3.35, Mt=2.13 kg/s, Tf =773 K, (a) FOOF Elements Injector
Nc* =94.1%
RUN 4
Segment q, exp Segment q, exp Pc =5.28 MPa, O/F =2.30, Mt = 1.28 kg/s, Tf =280 K,
No. MW/m? No. MW/m? nc* = 94.6%
CVT 99 14 25.8
1 10.7 15 31.0 Segment , X Segment , €X
Voo W gent g Segment g enp
3 119 17 56.8 ' '
4 11.9 , i8 77.1 1 1.5 13 27.1
5 13.1 19 69.3 2 22 14 39.9
6 129 20 413 3 22 15 28.5
7 126 21 326 4 26 16 14.1
8 12.8 22 212 5 32 17 10.7
9 13.7 23 13.1 6 36 18 7.2
10 133 .24 - 7 4.4 19 4.4
11 15.8 25 - 8 5.4 20 35
12 17.5 26 - 9 6.5 21 2.6
13 20.1 27 - 10 8.7 22 25
11 119 23 1.8
12 18.0
RUN 5

Pc=7.37 MPa, O/F = 2.15, Mt= 177 kg/s, Tf =281 K,
Nc* =95.2%

Segment q, exp Segment q, exp

No. MW/m? No. MW/m?
1 1.7 13 40.3
2 29 14 53.1
3 3.2 15 353
4 3.8 16 17.0
5 4.6 17 13.2
6 53 18 9.1
7 64 19 5.1
8 7.7 20 4.1
9 9.1 21 30

10 123 22 25

11 174 23 1.7

12 27.0
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RUN 6 RUN 12
Pc = 8.59 MPa, O/F = 1.76, Mt =2.03 kg/s, Tf =280 K, Pc=7.21 MPa, OfF =246, Mt = 1.72 kg/s, Tf =275 K,
ne* = 1004% nc* =96.3%
Segment q, exp Segment q, exp Segment q, exp Segment q, eXp
No. MW/m? No. MW/m? No. MW/m? No. MW/m?
1 10.8 13 46.5 1 29 13 322
2 11.8 14 60.7 2 33 14 47.0
3 109 15 422 3 39 15 339
4 10.8 16 219 4 47 16 17.2
5 10.5 17 154 5 48 17 13.2
6 104 18 94 6 54 18 8.9
7 11.8 19 4.8 7 6.3 19 53
8 130 20 3.7 8 6.9 20 40
9 150 21 3.2 9 7.8 21 28
10 19.6 22 2.7 10 10.1 22 2.6
11 259 23 1.8 11 135 23 1.7
12 354 12 20.2

(b) FOF Element Injector

RUN 10 RUN 14

= 10.4 MPa, OfF = 2.36, Mt = 2.44 kgfs, Tf =278 K,
Pc = 5.07 MPa, O/F =3.00, Mt = 1 24 kefs, Tf=273K, | ©~ 10:4 MPa, O/ =2.36 &/s

* =
ne* = 96.4% nc* =97.0%
Segment , eX Segment , ex
Segment q, exp Segment q, exp I%IIE ]\(/}W /niz ?1;2, }gw hﬁ;
No. MW/m? No. MW/m? )
1 2.5 13 49.5
1 1.5 13 25.3 2 4.0 14 75.0
2 1.7 14 394 3 5.8 15 55.2
3 21 15 29.3 4 6.9 16 31.4
4 29 16 15.8 5 85 17 22.9
5 34 17 12.3 6 8.1 18 14.5
6 3.9 18 8.7 7 10.6 19 75
7 49 19 52 8 10.5 20 59
8 56 20 4.0 9 13.7 21 37
11 11.1 23 1.7 12 384
12 16.6
RUN 11 RUN 15
Pc=7.18 MPa, O/F =231, Mt= 171 kgfs, Tf=280K, Pc=10.43 MPa, O/F = 2.44, Mt = 2.44 kg/s, Tf = 277 K,
nc* =958% nc*=97.3%
Segment q, exp Segment g, exp Segment q, exp Segment q, exp
No. MW/m? No. MW/m? No. MW/m? No. MW/m?
1 2.1 13 249 1 36 13 46.2
2 2.8 14 43.0 2 47 14 60.3
3 3.7 15 30.1 3 5.8 15 54.5
4 4.0 16 169 4 74 16 289
S 4.6 17 11.5 5 8.1 17 21.7
6 4.5 18 7.8 6 8.9 18 14.5
7 5.9 19 4.6 7 10.6 19 84
8 5.7 20 3.6 8 12.2 20 6.5
9 7.1 21 2.8 9 14.7 21 43
10 8.7 22 27 10 20.5 22 39
11 11.9 23 1.7 11 279 23 23
12 16.9 12 374
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RUN 45 RUN 47
Pc = 10.08 MPa, OfF = 3.36, Mt =2.46 kg/s, Tf = 299 K, Pc =10.19 MPa, O/F = 2.55, Mt = 2.41 kg/s, Tf =300 K,
nc* =98.9% Nc*=97.7%
Segment q, exp Segment q, exp Segment q, exp Segment q, exp
No. MW/m? No. MW/m? No. MW/m? No. MW/m?
CVT 1.7 14 25.1 CVT 25 14 18.5
1 2.1 15 324 1 32 15 24.6
2 35 16 44.7 2 3.7 16 283
3 42 17 61.6 3 34 17 54.3
4 6.7 18 88.0 4 5.8 18 76.9
5 98 19 89.1 5 8.0 19 72.8
6 10.5 20 - 6 8.0 20 410
7 11.7 21 4.6 7 92 21 28.6
8 12.2 22 264 8 92 22 15.6
9 13.2 23 15.2 9 10.0 23 84
10 13.3 24 - 10 10.1 24 -
11 14.7 25 - 11 11.1 25 -
12 16.6 26 - 12 12.3 26 -
13 19.0 27 - 13 13.9 27 -
RUN 46 RUN 48
Pc=10.21 MPa, O/F =247, Mt =242 kg/s, TF=299 K, Pc = 10.27 MPa, O/F = 2.83, Mt =245 kg/s, Tf =300 K,
nc* =974% Nc*=98.1%
Segment q, exp Segment g, exp Segment q, exp Segment q, exp
No. MW/m? No. MW/m? No. MW/m? No. MW/m?
CVT 2.8 14 17.5 CVvVT 2.0 14 250
1 3.2 15 21.5 1 2.6 15 33.1
2 36 16 345 2 36 16 333
3 2.8 17 54.1 3 4.1 17 61.7
4 5.5 18 74.6 4 6.3 18 829
5 7.8 19 704 5 89 19 80.5
6 7.6 20 396 6 98 20 524
7 8.7 21 26.9 7 10.3 21 35.7
8 8.9 22 14.8 8 10.6 22 22.7
9 9.6 23 8.2 9 11.7 23 149
10 9.7 24 - 10 11.6 24 -
11 10.7 25 - 11 13.0 25 -
12 11.5 26 - 12 14.6 26 -
13 13.1 27 - 13 16.5 27 -
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RUN 49 RUN 51
Pc =10.24 MPa, O/F = 3.08, Mt = 2.47 kg/s, Tf = 303 K, Pc =10.31 MPa, O/F = 2.62, Mt = 2.47 kg/s, Tf = 301 K,
nc* = 98.6% nc* =96.8%
Segment g, exp Segment q, exp Segment q, exp Segment q, exp
No. MW/m? No. MW/m? No. MW/m? No. MW/m?
CVT 19 14 25.0 1 19 15 239
1 2.8 15 331 2 1.7 16 36.7
2 40 16 333 3 1.0 17 53.0
3 49 17 61.7 4 24 18 71.9
4 7.1 18 82.9 5 42 19 68.0
5 10.0 19 80.5 6 46 20 40.1
6 11.0 20 52.4 7 6.0 21 279
7 11.6 21 357 8 6.5 22 14.3
8 11.8 22 227 9 8.2 23 8.8
9 13.3 23 149 10 8.4 24 56
10 13.2 24 - 11 9.7 25 -
11 13.2 25 - 12 11.2 26 -
12 15.0 26 - 13 12.9 27 -
13 18.9 27 - 14 17.3
RUN 50 RUN 52
Pc = 10.17 MPa, OfF = 2.26, Mt = 242 kg/s, Tf = 303 K, Pc =10.24 MPa, OfF = 2.68, Mt = 2.45 kg/fs, Tf = 300 K,
Nc* =96.9% Nc*=97.1%
Segment q, exp Segment q, exp Segment q, exp Segment q, exp
No. MW/m? No. MW/m? No. MW/m? No. MW/m?
CVvVT 2.6 14 15.7 1 2.1 15 24.7
1 38 15 20.2 2 23 16 38.5
2 42 16 19.1 3 09 17 55.5
3 3.6 17 49.0 4 33 18 734
4 50 18 659 5 5.7 19 71.1
5 7.0 19 58.7 6 6.1 20 42.1
6 7.0 20 24 .4 7 7.5 21 282
7 7.8 21 215 8 7.8 22 15.2
8 7.7 22 11.1 9 92 23 9.2
9 8.6 23 7.3 10 94 24 5.8
10 8.5 24 - 11 10.6 25 -
11 93 25 - 12 12.2 26 -
12 10.3 26 - 13 13.8 27 -
13 11.8 27 - 14 18.5
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RUN 53 RUN 55
Pc=10.38 MPa, O/F =2.34, Mt =248 kg/s, Tf=299 K,  Pc=10.27 MPa, OfF = 2.82, Mt = 2.46 kg/s, Tf = 298 K,
ne* = 96.1% ne* =97.6%
Segment q, exp Segment q, exp Segment g, exp Segment q, exp
No. MW/m? No. MW/m? No. MW/m? No. MW/m?
1 19 15 18.3 1 2.3 15 27.1
2 1.9 16 29.6 2 3.1 16 40.8
3 0.5 17 48.2 3 4.8 17 57.1
4 1.7 18 64.3 4 5.0 18 73.6
5 28 19 61.3 5 7.8 19 72.2
6 2.7 20 38.7 6 8.6 20 447
7 36 21 20.6 7 9.6 21 30.9
8 39 22 12.0 8 97 22 17.2
9 5.1 23 7.2 9 11.1 23 10.3
10 5.7 24 4.6 10 11.1 24 6.6
11 7.0 25 - 11 124 25 -
12 8.2 26 - 12 13.7 26 -
13 9.6 27 - 13 15.6 27 -
14 12.7 14 203
RUN 54

Pc = 10.27 MPa, O/F = 2.69, Mt = 2.45 kg/s, Tf = 298 K,
nc* = 97.6%

Segment q, exp Segment g, exp

No. MW/m? No. MW/m?
1 2.7 15 27.1
2 33 16 42.1
3 4.9 17 62.5
4 4.7 18 87.6
5 7.4 19 86.1
6 8.0 20 434
7 8.9 21 334
8 9.1 22 18.8
9 104 23 10.5

10 104 24 6.9

1t 11.8 25 -

12 134 26 -

13 153 27 -

14 20.3

This document is provided by JAXA.



TECHNICAL REPORT OF NATIONAL
AEROSPACE LABORATORY
TR-1062T

M FHBERARAERSE1062T S (KX)

P 2HF4HRET

RATAF AL 2 ¥ OH O M F R ORT
HRBAATRERFRET 7T TEMUER 1
25 R BT = R (0422)47-5911( kX & )T 182
Rl AT B X & & R 7 L 2
ORI W X RN 2 — 27T — 12

Published by
NATIONAL AEROSPACE LABORATORY
7-44-1 Jindaijihigashi-Machi Chafu, Tokyo
JAPAN

This document is provided by JAXA.



Printed in Japan

This document is provided by JAXA.





